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PmFACE 

This compilation consists of papers presented at a Conference on Hypersonic 
Aircraft Technology sponsored by the National Aeronautics and Space Administra- 
tion at its Ames Research Center, May 16-18, 1967. The presentations were made 
in sessions subdivided according to subject matter as folIows: 
Studies, ( 2 )  Configuration Aerodynamics, ( 3 )  Hypersonic Viscous Flow, (4) Pro- 
p d s l o n ,  and ( 5 )  Structures and Materials. 

(I) Mission 

Contributors include representatives from the Ames Research Center, the 
Flight Research Center, the Langley Research Center, the Lewis Research Center, 
and the NASA Headquarters Mission Analysis Division. 
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1. HYPERSONIC TECHNOLOGY PROBLEM IDEKCIFIED I N  MISSION STUDIES 

By Hubert M. Drake, Thomas J. Gregory, 
and Richard H. Petersen 

NASA Headquarters 
Mission Analysis Division 
Moffett Field,  C; .:1-iforua 

The primary purpose of t h i s  paper i s  t o  present some of t he  technological 
problems encountered i n  mission s tudies  of hypersonic a i r c r a f t .  Since the  A i r  
Force Aerocpaceplane work i n  1958, many agencies have studied a number of m i s -  
s ions a l l  02 which f a l l  i n t o  t h e  two general  c lasses  of c ru ise  or launch m i s -  
s ions .  
s tud ies  ( r e f s .  1 and 2) a r e  used here t o  indicate  some of t h e  reasons f o r  
i n t e r e s t  i n  hypersonic a i r c r a f t .  The a i r c r a f t  assumed f o r  these  example s tud-  
i e s  ( f i g .  1) has fea tures  more o r  less cha rac t e r i s t i c  of these a i r c r a f t  such 
as: la rge  volume re su l t i ng  f r o m t h e  use of l i qu id  hydrogen, highly swept sur- 
faces ,  and a la rge  propulsion system i n s t a l l e d  i n  t he  wing-body compression 
f i e l d .  This pa r t i cu la r  a i r c r a f t  i s  t a i l l e s s ,  with an a f t  mounted wLng, and, 
,a%refcre:  E l a rge  v e r t i c a l  f i n  i s  required for d i r ec t iona l  s t a b i l i t y .  The 
a i r c r a f t  shown i s  generalized and could represent e i the r  a t ransport  or a 
launch a i r c r a f t ,  with t h e  second s tage indicated by the  dot ted out l ine .  

Examples of the  performance obtained i n  some of these  ear ly  mission 

, -  

The somewhat opt imist ic  performance of such a t ranspor t  a i r c r a f t  obtained 
i n  t h i s  ear ly  study i s  shown i n  f igure  2 i n  which the  payload plus  reserves 
f r ac t ion  i s  p lo t t ed  as a function of range fo r  various c ru ise  Mach numbers. 
It i s  apparent t h a t  ranges greater  than 5000 n. m i .  can be a t t a ined  f o r  con- 
vent ional  values (15 percent) of payload plus  reserves,  and t h a t  t h e  maximum 
range i s  obtained a t  Mach numbers near 6. 
Mach number of 8 resu l t ed  f r o m t h e  necessity t o  use more f u e l  fo r  cooling 
tnan was required by the  assumed engines. 

The la rge  decrease i n  range a t  a 

The Ferfcrmance of a txo-stage launch system, consisting of a Mach 7 . . -  
- . "-. .>- p 2 0 r z ~ - z e ~  -m-,-s-:ia i a u x r  G ~ T c ~ - E ? %  an2 5 Licjci6- hy&zoge~-cxyger rocket second 

Flyback t o  a landing 
s tage ( r e f .  2) i s  shown i n  f igure  3 .  
orbi ted  i f  t he  landing were made downrange (no f lyback) .  
a t  t he  take-off s i t e  reduced t h i s  t o  about 20,000 lb. If the  launch a i r c r a f t  
were designed fo r  launch a t  2000 n. m i .  l a t e r a l  o f f se t ,  t he  payload would be 
reduced fur ther  as  shown. If t h e  Mach 6 cru ise  vehicle  discussed previously 
were modified f o r  t h e  launch mission it would have somewhat reduced capabi l i -  
t i e s  compared with t h e  launch vehicle .  

I n  t h i s  case about 22,000 Ib could be 

The mission s tudies  reviewed above were preliminary, being based on 
generalized, and i n  some cases, opt imist ic  assumptions. Studies i n  greater  
depth have been made, and a r e  i n  progress now, by NASA, t h e  A i r  Force, and 
many contractors ,  t o  e s t ab l i sh  promising approaches and t o  ident i fy  f r u i t f u l  
research areas .  
and covered by references 3 through 7. It should be emphasized t h a t  these  
mission s tudies  a r e  only a few of those ava i lab le  and are used because of 

r e s u l t s .  It should be pointed out t h a t  such s tudies  are very sens i t ive  t o  

Figure 4 l is ts  the invest igat ions re fer red  t o  i n  t h e  paper 

. t h e i r  f ami l i a r i t y  t o  the  authors.  Other s tud ies  have obtained s imi la r  
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t h e  assumptions and i n  most areas technological  v e r i f i c a t i o n  of t h e  assump- 
t i o n s  is  required.  It is not poss ib le  i n  t h e  brief t i m e  ava i l ab le  t o  cover 
il? d e t a i l  a l l  of t h e  technological  problems developed i n  each study, but a 
fe-,: i r i l l  be  covered and then t h e  general  problems areas f o r  both t h e  c ru i se  
end launch missions w i l l  be l i s t e d .  

For t h e  commercial c ru i se  mission, i n i t i a l l y  f i v e  conf 'nurations were 
=a:s<dered i n  a cursory fashion ( ref .  3) and then t h e  TWO configurations 
shorn? i n  f igures  5 and 6 were s tudied  i n  d e t a i l .  
designed t o  take  off at 160 knots, t o  land a t  135 knots, and t o  have a sub- 
sonic  lo i t e r /ho ld  capab i l i t y  of 1000 seconds and 100 n. m i .  a t  40,000 f t  
a l t i t u d e .  One configurat ion i s  a r e l a t i v e l y  conventional d e l t a  wing-body 
z i r c r a f t  i ~ h i l e  t h e  other i s  a double delta, blended wing-body configuration. 
i'ne i a rges t  por t ion  of both fuselages contains t h e  l i q u i d  hydrogen tanks. 
Separate tanks,  as shown, allow sequencing f o r  center-of-gravity control .  
The passenger compartment is  above t h e  f u e l  tanks. Both a i r c r a f t  are about 
t he  same s i z e  but t h e  blended wing-body configuration i s  s l i g h t l y  shorter  and 
has a grea te r  wing area.  Both a i r c r a f t  are powered by four  turboramjet 
ezg?.!:ss. The gross  weights given i n  f igu re  7 ind ica te  how t h e  weights var ied  
as ,he study progressed. The d e l t a  wing-body configuration increased i n  
7,jeicht - with t h e  de t a i l ed  performance estimates because it 6785 found necessary 
t~ increase :ne I;ing s i z e  for take-off.  A s  shown, t he  blended wing-body con- 
f igu ra t ion  appears t o  be l i g h t e r  at each s tage  of t h e  study. The f i n a l  
column indica tes  t h e  e f f e c t s  of what were estimated t o  be reasonable projec-  
t i o n s  of technology advancements f o r  t h e  probable time per iod of such a i r -  
ctraf-c. Examples of t h e  magnitude of these  improvements are as follows: 

Both configurations were 

T' 

The l i f t - d r a g  r a t i o  was increased throughout t h e  speed range; t h e  hyper- 
sonic value of t h e  blended wing body was increased from 5.05 t o  5.7 by 
assumed f i n  a rea  reduct ion and improvements i n  body camber and body shape t o  
reduce wave drag, drag due t o  l i f t ,  and f r i c t i o n  drag. 

Spez i f ic  f z e l  consumption was improved, with t h e  hypersoni'c l e v e l  being 
re<:xed fron? 1.355 t o  1.17. 

E;ruz;ix-ai weight was reduced about 13 percent by improvements i n  mate- 
rids, reduction of thermal stresses, and improvements i n  insu la t ion  and 
joining technology. 

The f irst  general  technology area t o  be considered i s  t h a t  of propulsion 
A s  indicated i n  f i gu res  5 and 6, t h e  propulsion system sirframe in tegra t ion .  

pzkeges  a re  i n s t a l l e d  so t h a t  t h e  two-dimensional variable-geometry i n l e t s  
e r e  i n  t h e  wing pressure f i e l d  and t h e  engines are near t h e  center of gravi ty .  
Ze la t ive ly  small changes i n  t h i s  i n s t a l l a t i o n  ( f i g .  8) result i n  subs t an t i a l  
performance changes. Because t h e  engine diameter w a s  about twice t h e  depth 
of t h e  i n l e t  cowl, t h e  drag of t h e  cowl and nacel le  of t h i s  configurationwas 
s ign i f i can t .  Eliminating t h i s  drag by burying t h e  engines as shown by t h e  
lower sketch improved c ru i se  f u e l  consumption s u f f i c i e n t l y  t o  reduce take-off 
weight by about 25 percent.  This,  of  course, complicates t h e  engine and 
nozzle i n s t a l l a t i o n ,  as w e l l  as the  fuselage s t ruc ture .  A s  i s  discussed i n  
severa l  of t h e  following papers, ca re fu l  design of t h e  i n l e t  and nozzle are 
-necessary, p a r t i c u l a r l y  at t h e  highest  Mach numbers i n  order t o  a t t a i n  

2 



acceptable f l i g h t  eff ic iency.  Another c r i t i c a l l y  important aspect of t h e  
propulsion system i n s t a l l a t i o n  i s  t h e  inlet  and engine cooling requirements 
during c ru i se .  
pmpu l s ion  i r 5 1 1 ,  of course,  d i r e c t l y  reduce the ove ra l l  performance of the  
a i r c r a f t .  
required t o  maintain t h e  assumed metal temperature of 1500' F. I n  order t o  
~- ro i_d  t1-5s, t n e  c r u i s e  Mach number would have t o  be reduced from 6 t o  about 
5.3, 01- t h e  engine cooling requirements reduced, or eliminated, fo r  example, 
by improved design or materials. 
regenerat ively cooled s t ruc tu res .  

Fuel required f o r  cooling i n  excess of t h a t  required fo r  

I n  t h e  a i r c r a f t  considered here,  up t o  19-percent excess f u e l  w a s  

A later paper considers t h e  problems of 

NE jor s t r u c t u r a l  problems r e s u l t  from t h e  aerodynamic heating environment 
an6 Zrom t h e  use of l i q u i d  hydrogen as fue l .  
ture s t r u c t u r a l  and mater ia l  problems are covered i n  t h i s  conference; only 
some of t h e  hydrogen tankage problems will be discussed here.  

Both t h e  high and low tempera- 

The problems of t h e  f u e l  tanks may be i l l u s t r a t e d  by t h e  representa t ive  
"5: ;e?k shoi- i n  f i g u r e  9. Tatdl configurations may be i n t e g r a l  or non- 
in t eg ra l .  Basical ly ,  t he  i n t e g r a l  tank c a r r i e s  f l i g h t  loads i n  t h e  tank 
s t r u c t u r e  while t h e  nonintegral  tank i s  i s o l a t e d  from these  loads. The choice 
c%i?een these  approaches is  not c l ea r  cut; f o r  example, although i n t e g r a l  
tanks a r e  usually l i g h t e r ,  i n . t h e  study of reference 3 the re  w a s  found t o  be 
l i t t l e  difference between i n t e g r a l  and nonintegral  tanks because t h e  l i g h t e r  
weight of t h e  i n t e g r a l  tanks was o f f s e t  by t h e  weight of s t ruc tu re  required 
by t h e i r  g rea te r  thermal stresses. These s t r e s s e s  are a r e s u l t  of normal f u e l  
usage and a re  aggravated by tank sequencing f o r  center-of -gravity control .  
The var ious tanks may have t o  accommodate temperatures from -423' F ( l i q u i d  
hydrogen) t o  800' F, with d i f f e r e n t i a l s  as grea t  as 1000° F between t h e  t o p  
and bottom of t h e  tank.  These temperature extremes introduce problems of 
mater ia l  se lec t ion ,  bo i lof f  eon t ro l  ( p a r t i c u l a r l y  t h a t  r e su l t i ng  from f u e l  
sloshing on hot tank w a l l s ) ,  and t radeoff  between s t ruc ture ,  bo i lo f f ,  and 
i-nsulxtion. Problems of inspect ion and maintenance procedures w i l l  undoubt - 
 EL^ have a s-crong inf luence on which s t r u c t u r a l  approach i s  chosen. _ _  

. _  - .  7 .  . -  ?ro::.z-;: :5e nos; c-f?'icu.lt CozsiderzzFons involveC . ' -2 . t h e  LlQ'xa 

hydrogen tankage a re  prevention of cryopumping and provision of s a fe ty  from 
LH2 leaks.  Cryopumping occurs because, at some depth i n  t h e  insu la t ion ,  t he  
temFerature i s  s u f f i c i e n t l y  low t o  condense air. Due t o  t h e  volume change 
associated with t h i s  phase change, t h e  in su la t ion  will, a c t  as a vacuum pump 
and continue t o  liqueSy air which w i l l  u l t imately f reeze  on t h e  tank w a l l  
increasing i t s  heat f lux.  The l i q u i d  run-off w i l l  be pr imari ly  oxygen and, 
!.,flus, vi11 introduce add i t iona l  hazards. I n  order t o  prevent cryopumping , 
air  must be excluded from t h e  insu la t ion .  Several  ways of doing t h i s  were 
inves t iga ted ,  one of which i s  shown i n  f igu re  9. I n  t h i s  concept helium gas 
i s  diffused,  by means of a d i s t r i b u t i o n  system, throughout t h e  insu la t ion  
from the time fue l ing  starts u n t i l  t h e  tanks have warmed up after emptying. 
This  helium gas i s  a l s o  recycled and checked i n  order t o  de t ec t  leaking hydro- 
gen. The use of helium i n  t h i s  manner, however, introduces add i t iona l  prob- 
lems primari ly  r e s u l t i n g  from t h e  high cos t  of helium. 
would allow s u f f i c i e n t  helium t o  leak away as t o  make the t ranspor t  completely 

L1 

Present technology 

- uneconomic; however, such a system might be acceptable f o r  a launch a i r c r a f t .  
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Other approaches such as vacuum w a l l  tanks,  sealed insu la t ion ,  and COz f r o s t  
systems a r e  being explored and are discussed i n  severa l  papers i n  t h i s  
conference 

There i s  a l s o  a sonic  boom problem fo r  t h i s  c ru ise  a i r c r a f t .  Figure 10 
show t h e  area development of t h e  d e l t a  wing a i rp l ane  ( f i g .  5) as o r ig ina l ly  
6esigned. and as modif'ied -3  reduce sonic  boom. 
f o r  both shepee over t h e  5000 n. m i .  mission ind ica tes  t h a t ,  owing t o  t h e  high 
z ru i se  a l t i t u d e ,  sonic boom w i l l  not b e  a major problem except f o r  a couple 
of hundred miles a t  each end of t h e  f l i g h t  where t h e  overpressure is  compara- 
51e t o  t h a t  of t h e  SST f o r  t h i s  s i z e  a i r c r a f t .  
calculr,ted; a later paper i n  t h i s  conference examines experimental results on 
zke sonic  boom fo r  t h i s  and severa l  other  configurations.  

The va r i a t ion  i n  overpressure 

These overpressures were 

Severa l  mission s tud ie s  of wing-body shapes have r e s u l t e d  i n  c ru i se  
a i r c r a f t  i n  which t h e  wing i s  minimized by being f a i r e d  i n t o  t h e  body and t h e  
fuselage no longer r e t a i n s  a c i r c u l a r  cross  sect ion.  A comparative mission 
c- - u-7-r __- i s  c m r e n t l y  being performed by t h e  Mission Analysis Division t o  deter - 
"Cf If such coxf igwat ions  o f f e r  improved performance over conventional 
;-ing-body shapes. Figure 11 shows t h e  somewhat idea l ized  a i r c r a f t  used i n  
---_,_ I - nuJ - The -ing-body configurat ion cons is t s  of a Sears-Haack fuselage 
and a d e l t a  wing; t h e  all-body, or wingless, configuration cons is t s  of an 
e l l i p t i c a l  cone with f r o n t  and rear s t a b i l i z i n g  and cont ro l l ing  surfaces .  
of t h e  geometric c h a r a c t e r i s t i c s  of these  a i r c r a f t  are being var ied  i n  t h e  
s ~ i l d y .  Gross weight and volume are  held constant.  

-Lf  ~ =A.,&- 

A l l  

One c h a r a c t e r i s t i c  of t h e  all-body shape i s  t h a t  it provides a forebody- 
afterbody surface which i s  w e l l  s u i t e d  f o r  use as a propulsion stream-tube 
compression and expansion surface.  While t h i s  c h a r a c t e r i s t i c  is  general ly  
usefu l  a t  a l l  hypersonic speeds, it i s  p a r t i c u l a r l y  bene f i c i a l  i n  t h e  case of 
ccrartljet poiAFered a i r c r a f t .  However , in tegra t ing  t h e  airframe and propulsion 
syazem to real ize  these  bene f i t s  presents  a problem of a t t a i n i n g  a compromise 

lor;-speed a n 6  hypersonic performance Configurations which have suf- 
--.:,qD3'L . - _ _ _ _ _ _ _  DESC zriz for mrimurn hypersoliic performance can nave t ransonic  drag 
-_  - _ _  - _ _  - -  -.---ee d-L- or ~ O L Z  tiEies thz: of ti :5.ng-bodj- a i r c r e f t  of t h e  same volume 
rr-5 -ieLghx. This c h a r a c t e r i s t i c  suggests t h a t  t h e  propulsion system f o r  such 
e i r c r a f t  may have t o  incorporate  spec ia l  fea tures  fo r  t ransonic  accelerat ion,  
possibly even some form of rocket augmentation. 

I n  assessing t h e  e f f e c t s  on performance of wide va r i a t ions  i n  t h e  shape 
of t he  all-body configurat ion it w a s  found t h a t  one parameter, t h e  a i r c r a f t  
lnading-edge sweep, showed a pronounced e f f e c t  on mission performance. Fig- 
m e  12 ind ica tes  t h a t ,  f o r  a t y p i c a l  hypersonic t ranspor t  mission of 5500 
n. m i .  range, 'payload increased with increasing sweep angle up t o  a maximum 
at  82.5' f o r  a l l  Mach numbers considered. These results represent  t h e  idea l -  
i zed  case i n  which no take-off or landing cons t ra in ts  are applied; therefore ,  
they may be used t o  ind ica te  t h e  level  of pena l t i e s  which can result from t h e  
imposition of cons t r a in t s  t h a t  reduce t h e  usable sweep angle. 
shows an a i r c r a f t  of 82.5' sweep, which is  t h e  highest  sweep able t o  accom- 
modate t h e  required propulsion systems. 
and take-off and landing c h a r a c t e r i s t i c s  of  such an extreme configurat ion 
would probably result i n  s t i l l  f u r t h e r  modifications. 

Figure 13 

Consideration of handling q u a l i t i e s  
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The preliminary f indings of t h e  comparative s tud ie s  of wing-body and a l l -  

body shapes are tabula ted  on f igu re  14. 
ramjet-powered hypersonic t ranspor t  mission, t h e  performance of t h e  two con- 
Zigurations i s  comparable even though the  major a i r c r a f t  weight items show 
s ign i f i can t  differences.  Further study and refinement may mater ia l ly  change 
these values;  fo r  example, one aspect ye t  t o  be  explored i s  t h e  provision of 
propulsion fo r  t ransonic  acce lera t ion  for  t h e  all-body a i r c r a f t .  These pre- 
liminary r e s u l t s  i nd ica t e  t h e  all-body configuration with scramjets t o  be  
s l i g h t l y  superior;  but ,  again, before a c l ea r  advantage can be iden t i f i ed ,  
fu r the r  ana lys i s  and technology v e r i f i c a t i o n  i s  necessary. A paper i n  t h i s  
conference discusses some of 'the propulsion system airframe in tegra t ion  
considerations of such all-body a i r c r a f t .  

These r e s u l t s  suggest t h a t  fo r  t h e  

I n  considering the  hypersonic launch a i r c r a f t  mission it is  apparent 

The dru ise  vehicle ,  i n  
t h a t  many of t h e  technology requirements of c ru i se  and launch a i r c r a f t  are 
common; however , t h e r e  a r e  important differences.  
order t o  be  a t t r a c t i v e  economically, must have a useful  l i f e  of 2O,OOO-3O,OOO 
f l i g h t  hours with only rout ine  maintenance while a l i f e  of 2,000 hours, or  
l e s s ,  with more extensive between-flight maintenance would be acceptable for 
t h e  launch vehicle .  Generally, i n  order t o  be  at a l l  a t t r a c t i v e  economically, 
t h e  t ranspor t  must be  extremely e f f i c i e n t  aerodynamically, propulsively , and 
s t r u c t u r a l l y .  The launch vehicle ,  however, i s  much l e s s  s ens i t i ve  t o  t h e  
l e v e l  of e f f ic iency  but,  because of i t s  r e l a t i v e l y  f e w  f l i g h t s ,  requires  low 
development cos t s  i n  order t o  compete with ex is t ing  launch systems. 

The launch mission poses some technology problems that differ consider - 
ably from t h e  t ranspor t  mission. The choice of propulsion system, fo r  
example, i s  po ten t i a l ly  much wider and i s  determined t o  an extreme degree by 
mission spec i f ica t ion .  For example, t h e  amount of o f f se t ,  and flyback, 
required can vary from zero, where rockets  might be adequate, t o  thousands 
of miles which could requi re  engines similar t o  those of t h e  t ranspor t .  A 
study of propulsion systems for a launch mission has been performed ( r e f .  5) , 
in order t o  determine t h e  r e l a t i v e  performance of a wide range of propulsion 
systems. The spec i f i c  mission considered required no o f f se t  but d id  requi re  
:he Tirst c tsge  50 f l y b ~ c l :  tc t h e  launch site, end perform 3 S-minute power- 
on l o i t e r  and landing. The two-stage vehicles  were considered t o  have a 
gross  weight of one mil l ion pounds, and were required t o  place t h e  payload i n  
a 262 n. m i .  o r b i t .  
type  involving a i r  augmented rockets  or e jec to r s ,  ramjets, scramjets,  LACE, 
and recycled s lush  hydrogen, but with no mechanical a i r  compression more com- 
plex than a s ingle-s tage t ip -dr iven  fan.  
pared with these  composite cycles.  LACE, as u t i l i z e d  i n  t h i s  study, describes 
a system i n  which a i r ,  l i que f i ed  by l i q u i d  hydrogen, i s  burned immediately i n  
t h e  e j ec to r  rockets  (no s torage or enrichment). Because t h i s  cycle must run 
f u e l  r i c h ,  due t o  i n s u f f i c i e n t  heat s ink  i n  s toichiometr ic  hydrogen, t h e  use 
of recycled s lush  hydrogen w a s  invest igated.  

Figure 1 5  shows t h e  performance of severa l  of t h e  38 propulsion systems 

The majority of these  systems were of t h e  "composite" 

Rockets and turboramjets were com- 

considered i n  t h e  i n i t i a l  p a r t  of t h i s  study. 
course, does poorly both because it i s  reusable  and because it has t o  carry 
tu rbo je t  engines t o  s a t i s f y  t h e  mission requirements for flyback and l o i t e r .  
It i s  apparent from these  data t h a t  t h e  more complex systems promise better 

The "advanced rocket," of 

- 
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Ferformance and t h a t  some of t h e  more complex composite systems perform as 
:;ell as the  turboramjet or bet ter .  The e f f e c t  of recycled s lush  hydrogen on 
t h e  payload i s  shown t o  be small by t h e  open extensions of t h e  ramlace and 
sci?n?kce bars. Four of t h e  systems were s tudied i n  grea te r  depth and t h e  
r e s u l t s  are shown i n  f i gu re  16. Again, a l l  of t h e  a i rb rea the r s  o f f e r  better 
performance than t h e  rocket,  with the more advanced and complex systems prom- 
isiLlg the  highest  performance. It is  a l s o  apparent t h a t  s taging Mach numbers 
3ezr E ,  for  subsonic combustion, and 10, f o r  supersonic combustion, o f f e r  max- 
imum performance. It should be pointed out that  it i s  not meant t o  i n f e r  t h a t  
scramlace has t h e  b e s t  performance possible ,  only t h a t  it w a s  one of t h e  best 
considered i n  t h i s  study. It i s  probable t h a t  a tu rbo je t  convert ible  
scramjet vould have s t i l l  be t t e r  performance - 

Another study, reference 4, obtained similar results but a l s o  inves t i -  
gated t h e  e f f e c t - o f  payload s ize .  
ure 17 which shows t h e  payload f r a c t i o n  i n  terms of payload s i ze .  The 
important points  on t h i s  f i gu re  are t h a t  t h e  ranking of t h e  propulsion systems 
i,s unchanged by payload s i z e  and, as might be expected, t h e  l a rge r  payload 
-eights  are more e f f i c i e n t .  All est imates  of t h e  performance fo r  hypersonic 

propulsion systems, of course, are c r i t i c a l l y  dependent upon t h e  engine char- 
5 c ; e ~ L s t i c s  used. Experimental v e r i f i c a t i o n  i s  sorely needed i n  t h i s  a rea .  
Several  of t he  later papers w i l l  d iscuss  various aspects  of t h e  propulsion . 
systems. 

A problem area  inherent i n  the launch vehicle  is, of course, t h e  launch 
mneuver which involves questions of navigation and guidance, performance, 
propulsion i n i t i a t i o n ,  separat ion,  and s t a b i l i t y  and cont ro l .  I n  a study of 
t h e  navigation and guidance problem ( r e f .  6 ) ,  it was found t h a t  t h e  current  
s t a t e  of t h e  art was adequate f o r  t h e  performance of t h i s  mission with l i t t l e  
penal ty .  Performance s tudies  have indicated l i t t l e  e f f e c t  of s taging dynamic 
pressure on o r b i t a l  payload between 100 and 800 psf ;  therefore  t h e  choice of 
scagi3g condition w i l l  be determined more by separat ion,  in te r fe rence ,  and 
\i;s,rJi1Fty end cont ro l  considerations.  These e f f e c t s  a r e  extremely complex; 
;!IS;- ciepenii on t h e  configurat ion and necess i ta te  experimental invest igat ion.  

Some of these  results are given i n  f i g -  

-qp ,.=-. 
*-- - -  -_ ,___ 2:- t!iis corferenee discusses some currelit inves t iga t ions  i n  t h i s  area.  

Configuration considerations f o r  t h e  launch mission introduce t h e  problem 
of second-stage in tegra t ion .  I n  a current  study of t h e  matrix of configura- 
t i o n s  shown on f igu re  18 many of these  in t e rac t ions  are being invest igated.  
As may be seen, t h e  payloads being considered range from b a l l i s t i c  shapes t o  
high L/D 
vent iona l  wing-body a i r c r a f t  t o  axisymmetric shaFes. 
i i a twe  of these  configurations r e f l e c t  t h e  ea r ly  s t a t e  of hypersonic a i r c r a f t  
development. 
: T i l l  have ear ly  information on some of these  shapes while t h e  A i r  Force has 
sponsored a study of the  wing-body shape i n  t h e  second column. 

upper s tage  i s  i l l u s t r a t e d  on f igu re  19. 
s tage  i s  considered on a blended-body launch vehicle .  
i s  completely submerged t h e  payload f r a c t i o n  i s  2-1/2 percent.  
s t a g e  i s  exposed, the payload i s  reduced u n t i l  at 70-percent exposure t h e  
performance has de te r iora ted  t o  t h e  point  that no o r b i t a l  payload remains. 
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entry vehic les  and t h e  f irst  s tages  range from t h e  r e l a t i v e l y  con- 
The va r i e ty  and unusual 

The sess ion  of t h i s  conference on aerodynamic configurations 

An example of t h e  pena l t i e s  t h a t  can r e s u l t  from poor in t eg ra t ion  of t h e  
I n  t h i s  case, a l i f t i n g  body upper 

When t h e  second s tage  
If t h e  second 



The magnitude of t h e  in tegra t ion  problem i s  i l l u s t r a t e d  by the  mismatch 
of t h e  upper and lower s tage i n  f i gu re  20. 
a f f e c t s  configuration, propulsion system choice, and in tegra t ion  and 
operat ional  mode. 

This problem of s tage in tegra t ion  

The sonic boom considerations f o r  the  launch mission d i f f e r  considerably 
The launch vehicle,  because c J f  t h e  neces- from those fo r  t h e  c ru i se  mission. 

s i t y  of in tegra t ing  the  upper stage,  which adversely a f f e c t s  i t s  cross-  
s ec t iona l  area-development, and because it tends t o  be heavier than t h e  
c ru ise  vehicle,  may produce a subs tan t ia l ly  higher overpressure. A current 
study has considered the  e f f e c t  t h a t  shaping t h e  t r a j ec to ry  t o  minimize t h e  
overpressure would have on the  o r b i t a l  payload. 
shown on f igu re  21. I n  t h i s  case, a turboramjet powered all-body, launch 
a i r c r a f t  could o r b i t  a payload of 50,000 pounds i n  t h e  absence of sonic boom 
cons t ra in ts .  The maximum overpressure i n  t h i s  case was about 7 psf .  Shaping 
t h e  t r a j ec to ry  t o  reduce the  overpressure t o  4 psf decreased payload by only 
3 percent;  however, fur ther  shaping t o  a t t a i n  3 psf overpressure produced a 
i o s c  of 30 percenk of t ne  payload capabi l i ty .  The l e v e l  of acceptable over- 
pressure for the r e l a t i v e l y  r e s t r i c t e d  operations of a launch vehicle  may be 
subs tan t ia l ly  d i f f e ren t  from those fo r  the c ru ise  vehicle .  It i s  apparent 
;ne% unless subs tan t ia l ly  nigher overpressures a r e  acceptable, serious 
payload penal t ies  may r e s u l t .  

Some of t h e  r e s u l t s  a r e  

This paper has a t t e q t e d  t o  discuss i n  general  fashion a few of the  
technological problems encountered during mission s tudies  of hypersonic air - 
c r a f t .  
except f o r  costs ,  i n  t h i s  conference. Serious technological problems ex i s t ,  
as inclicated, i n  each of t he  major research d isc ip l ines .  

Figure 22 ind ica tes  t h e  wide range of problems t h a t  a r e  discussed, 
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2. INTRODUCTORY REMAIUCS ON CONFIGURATION AEBODYXAMICS 

By J. Lloyd Jones 
Ames Research Center 

M r .  Drake has reviewed i n  some detail systems s tud ie s  of hydrogen Pie led  
a i r c r a f t  with a i rb rea th ing  propulsion systems fo r  long range c r u i s e  and space 
veh ic l e  launch mission app l i ca t ions .  Because of t h e  ind ica ted  p o t e n t i a l  
performance of t hese  a i r c r a f t  systems, NASA has been exploring t h e  state of 
t h e  ar t  i n  t h e  area of conf igura t ion  aerodynamics with two objec t ives .  The 
f i rs t  i s  t h e  i d e n t i f i c a t i o n  of t hose  areas where de f i c i enc ie s  e x i s t  (a) i n  
our understanding of t h e  phys ica l  phenomena involved and ( b )  i n  our a b i l i t y  
t o  p red ic t  by t h e o r e t i c a l  and experimental means t h e  aerodynamic charac te r -  
i s t i c s  of hypersonic a i r c r a f t .  The second i s  t h e  i n i t i a t i o n  of research 
programs t o  improve these  de f i c i enc ie s  t o  t h e  poin t  i n i t i a l l y  t h a t  aerodynamic 
c h a r a c t e r i s t i c s  can be  defined with s u f f i c i e n t  accuracy f o r  r e a l i s t i c  assess- 
ment of performance p o t e n t i a l s .  We a r e  cur ren t ly  i n  only t h e  ea r ly  phases of 
t h i s  program. Improvements i n  t h e  l e v e l s  of aerodynamic e f f i c i ency  can be 
expected over the  values measured f o r  e a r l y  conceptual configurations t o  be 
repor ted  a t  t h i s  meeting. To i l l u s t r a t e  t h i s  po in t  I would l i k e  t c  dra:,? an 
analogy t o  t h e  development of supersonic c r u i s e  a i r c r a f t  as depicted i n  
f i g u r e  1 by t h e  increase  i n  maximum l i f t - t o - d r a g  r a t i o  achieved i n  wind-tunnel 
t e s t s  over t h e  pas t  10-year period. The t o t a l  increase  amounts t o  about 
30 percent .  A t  t h e  l e f t  of t h e  f i g u r e  i s  shown t h e  gradual improvement r e a l -  
i zed  during t h e  development of t h e  XB-70. Continued configuration s tud ie s  a t  
a low l e v e l  of e f f o r t  i nd ica t ed  t h a t  f u r t h e r  gains could be achieved as i l l u s -  
t r a t e d  i n  t h e  t i m e  per iod  from 1960 t o  1962. 
SCAT s tud ie s  i n  1963, followed by t h e  i n i t i a t i o n  of t h e  SST program late i n  
1963. The improvement achieved during t h i s  per iod  r e f l e c t s  t h e  influence of 
applying t h e  knowledge gained i n  research  programs. This  improvement was 
i a r g e i y  a r e s u l t  of a more thorough understanding of i n t e r f e r i n g  flow f i e l d s  
zr_C t h e  development of improved t h e o r e t i c a l  concepts and computational tech-  
EiZaes Tcr configuration optimLzztion. To c o q l e t e  t h e  analogy, i n  our con- 

someghat behind t h e  supersonic c r u i s e  a i r c r a f t  developmental s t a t u s  of 1358. 
Much remains t o  be done. It should be recognized, however, t h a t  t h e  poten- 
t i a l  aerodynamic improvements ind ica ted  by theory a r e  not as l a r g e  f o r  t h e  
hypersonic c r u i s e  a i r c r a f t  as were those  f o r  supersonic c r u i s e  aircraft a t  
t h e  same r e l a t i v e  t i m e  per iod  i n  t h e  development cycle. 

Greater emphasis led t o  t h e  

. -  -. 
C Y  c_-c.._ ?.CT”--, C.r lcz of iq-p?rsSoriir, E ~ Y C T - ~ ? T  mz;;guratioz cie-,-e3pmerik \.;e a re  r e l ec ive iy  

I n  reviewing t h e  developments i n  hypersonic theory over t h e  pas t  10 
yes r s ,  it i s  immediately apparent t h a t  t h e  emphasis has been almost e n t i r e l y  
on t h e  flow f i e l d s  about atmosphere en t ry  veh ic l e s  (e.g., t h e  blunt body and 
con ica l  flow f ie lds) .  These flow f ie lds  genera l ly  can be characterized as 
simple s i n g l e  shock systems, as cont ras ted  t o  t h e  complex i n t e r f e r i n g  flow 
f i e l d s  about t h e  types  of a i r c r a f t  t o  be  considered a t  t h i s  conference. 
A t t en t ion  i s  r equ i r ed  i n  developing methods f o r  t h e  p red ic t ion  of pressures,  
fo rces ,  and moments ac t ing  on these  more complex shapes a t  hypersonic speeds. 
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Experimental s tud ies  i n  hypersonic wind tunnels over t h i s  same t i m e  
period likewise have been predominately of atmosphere entry configurations. 
Whether t h e  configurations were b a l l i s t i c ,  l i f t i n g  body, or winged body, they 
have been high drag configurations ' re la t ive t o  the  aircraft concepts we are 
considering here. 
higher l i f t  -to-drag r a t i o s  but t h e  f l i g h t  regime of greatest  concern has 
been a t  high a l t i t u d e  and low Reynolds numbers. 
t i e s  have sa t i s fac tory  test charac te r i s t ics  f o r  experimental investigations 
of t h i s  c l a s s  of vehicle.  

Euphasis has gradually turned t o  configurations with 

Existing wind-tunnel f a c i l i -  

Hypersonic cruise  aircraft w i l l  be very large and w i l l  f l y  at a l t i t udes  
where the  boundary-layer flow will be essent ia l ly  a l l  turbulent .  The precise  
knowledge of t he  drag of c ru ise  a i r c r a f t  i s  extremely important i n  determining 
t h e  eff ic iency of f l i g h t .  A s  indicated i n  f igure 2, f r i c t i o n  drag, while 
reduced i n  importance r e l a t i v e  t o  the  supersonic c ru ise  aircraft, i s  s t i l l  a 
s igni f icant  f r ac t ion  of t h e  t o t a l  drag. 
s tud ies  of the aerodynamic charac te r i s t ics  of hypersonic cruise  aircraft is  
t h a t  of es tabl ishing and ver i fying turbulent boundary-layer flows on wind- 
t unne; models. 

A major problem i n  experimental 

Figure 3 i l l u s t r a t e s  t h e  problem. Presented i n  the f igure a re  t h e  l i f t ,  
drag, and pitching-moment charac te r i s t ics  fo r  an eighteen-inch-long de l ta -  . 
wing body model t e s t ed  i n  t h e  Ames 3.5-foot hypersonic wind tunnel at Mach 
numbers of 7.4 and 10.4 a t  several  un i t  Reynolds numbers. A t  t h e  lower Mach 
number a n  increase i n  unit  Reynolds number from 1.6~10~ t o  3.5X106 per foot 
resu l ted  i n  a considerable decrease i n  t h e  drag leve l .  A fur ther  increase 
t o  a uni t  Reynolds number of 6.3~10~ per foot  resu l ted  i n  fur ther ,  though 
smaller, decrease. From a l l  indications,  the  flow was nearly a l l  laminar 
even at t h e  highest Reynolds number. A t  a Mach number of 10.4 and a uni t  
Reynolds number of 0.8~106 per foot t h e  measured charac te r i s t ics  w e r e  hrghly 
i r regular .  At 2x106 per foot the  var ia t ions  were more nearly what would be 
expected, but one would cer ta in ly  question the  values obtained. Th i s ,  i nc i -  
Cientally, i s  the  highest test 'Reynolds number attainable i n  the  f a c i l i t y  a t  
;is Mach nuinber. Methods fo r  t r ipping the  boundary layer on models w i l l  

a paper i n  the session on viscous flows. The point t o  be made here i s  t h a t  
experimental techniques w i l l  have t o  be improved t o  provide t h e  same degree 
of confidence i n  t h e  measurement of aerodynamic charac te r i s t ics  of hypersonic 
c ru ise  a i r c r a f t  models and t h e i r  extrapolat ion t o  f l i g h t  conditions t h a t  has 
been developed i n  t h e  SST studies .  

n 4 - - u ~ L L l ~ y  '̂A ,. 2 v. - haire t o  be developed. This sabject w i l l  be discussed i n  d e t a i l  i n  

This session on configuration aerodynamics w i l l  not attempt t o  cover 
the  e n t i r e  f i e l d  i n  a state-of-the-art  assessment. This session, as are t h e  
others i n  t h i s  conference, i s  more i n  the  nature of a s t a t u s  report  and i s  
outlined i n  f igure  4. The first three papers present t he  results of wind- 
tunnel s tudies  of c ru ise  configurations and of t he  stage separation problem 
fo r  launch vehicles.  The general  geometric charac te r i s t ics  of the  cruise  
configurstions considered are based upon t h e  results of performance s tudies  
and systems analyses described by M r .  Drake. 
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Tne next f i v e  papers summarize some phases of conf igura t ion  optimization 
and synthes is  techniques where s t u d i e s  have been conducted. 

F ina l ly ,  a review of two opera t iona l  problem areas of p a r t i c u l a r  concern 
w i l l  be included. 

Also included i n  t h e  compilation of papers f o r  t h e  conference, although 
not presented o r a l l y  a t  t h e  conference, is  a paper which odnma.rizes t h e  
r e s u l t s  obtained t o  date i n  an  experimental i nves t iga t ion  of t h e  i n t e r n a l  
drag of s eve ra l  d i f f e r e n t  propulsion system pod configurations r ep resen ta t ive  
of those  t h a t  would be employed on wind-tunnel models of hypersonic c r u i s e  
eonf i g u r a t  ions.  
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SUPERSONIC CRUISE AIRCRAFT (LID) MAX 
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Figure 1 
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SUPERSONIC TRANSPORT 
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RANGE = 5600 n.mi. 

Figure 2 
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3 .  EXPERImAL AND T?dEORE;TICAL AERODYNAMIC CHARACTERISTICS 

OF REPRESENTATIVE HYPERSONIC CRUISE CONFIGURATIONS 

PART I. LIFT AND DRAG 
By W. P. Nelms 

PART 11. STABILITY AND TRIM 
By J. A. Axelson 

Ames Research Center 

- 

s- 

Experimental r e su l t s  fo r  three models representative of hypersonic cruise 
e l rc rs f t  have been measured over a Mach number range from 0.65 t o  7.4 and com- 
pzzed ;7ith various theore t ica l  estimates f o r  the supersonic and hypersonic 
speed ranges. The three d i f fe ren t  models were designed to  the same general 
s ~ e z i f l c z z i o n s  fcjr 212 air-breathing, liquid-hydrogen fueied, hypersonic cruise 
a i r c r a f t  having a gross weight of. approximately a half-million pounds and a 
wing area of 6250 square f e e t .  

The basic  models comprised of wing, body, and ve r t i ca l  t a i l ,  with 
nacelles removed, developed untrimmed hypersonic m a x i m  l i f t -d rag  r a t io s  near 
4.2. 
Tlr;,th the experimental r e su l t s .  Less sa t i s fac tory  agreement between theory and 
experiment resulted for the  drag charac te r i s t ics ,  however, primarily because 
of the underprediction of zero- l i f t  drag a t  hypersonic speeds. 

Theoretical estimates of the  l i f t  charac te r i s t ics  generally agreed w e l l  

The longimdinal  and direct ional  aerodynamic centers and the aerodynamic 
2orTccrmance are presented for the configuration buildups and for various 
;=c--c - "i._ --i s? e z a b f l i t y  and t r i m .  Inviscid theore t ica l  estimates of aerodynamic 

hadequately accounted f o r  the e f f ec t s  of increasing hypersonic Mach nmiber 
-&ere viscous interact ion e f f ec t s  became dominant. The trimmed maximum l i f t -  
drag r a t i o  a t  hypersonic Mach numbers f o r  the models with rudders f l a r ed  f o r  
d i rec t iona l  s t a b i l i t y  and control  was approximately 3.5. 

. -  - -  
- ,G>- -a -*  _ _ _ _  _ _ _  i.7CT5 _ _  . :-- ,-, -G--  I<.--. p agreemm; ~ r i z h  eqeriment around a Mach number of j DUZ 

INTRODUCTION 

Recent studies of the poten t ia l  of hydrogen-fueled hypersonic a i r c r a f t  
f o r  both cruise  and boost missions, as typ i f ied  by reference I, have indicated 
a aeed f o r  research i n  the areas of theore t ica l  prediction techniques and 
experimental t e s t ing  procedures f o r  these types of configurations. Theories 
are  available f o r  predict ing hypersonic aerodynamic charac te r i s t ics  of rela- 
t i v e l y  simple shapes, but it is  not known if these same theories can be 
combined t o  predict  the charac te r i s t ics  of complex mul t ipk  -shock systems such 
as those associated with aircraf t - type configurations. 
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The objectives of t h i s  paper are to  present experimental aerodynamic 
character is t ics  for three representative hypersonic cruise configurations and 
t o  compare the r e su l t s  with theoret ical  estimates. 

mMBOLS 

m e a n  aerodynamic chord 

drag coefficient 

drag a t  zero l i f t  

l i f t  coeff ic ient  

l i f t  a t  zero angle of at tack 

l i f t  -curve slope 

gizching-moment coefficient at zerc l i f t  

m a x i m  l i f t  -drag r a t i o  

Mach number 

reference wing area 

exposed v e r t i c a l - t a i l  area 

angle of a t tack 

Models 

The three models used i n  the present investigations are shown i n  f igure 1. 
They were designed t o  the same specifications,  namely, an air-breathing, 
liquid-hydrogen fueled, hypersonic a i r c r a f t  having a gross weight o f  approxi- 
mately a half-million pounds, a cruise Mach number near 6, and a wing area of 
6250 square f e e t .  The wings, with an aspect r a t i o  of 1.46, had f l a t  under- 
surfaces f o r  minimizing loca l  flow acceleration and hypersonic boundary-layer 
expansion ahead of the in l e t s .  The engines were placed on the three configu- 
ra t ions so as t o  avoid j e t  impingement on the structure downstream of tkie 
nacel le-exi ts .  
fuselage center l i ne  on the three models. 

The plane containing the wing lower surface passed through the 

Reference model.- The model a t  the top of f igure l w a s  derived from the 
ana ly t ica l  studies of reference 1. The fuselage had a c i rcu lar  cross section, 



a f ineness  r a t i o  of 12, and a Sears-Haack area dis t r ibut ion.  The model scale 
was 1 inch equals 16 f e e t  f u l l  scale. 
back leading edge and a 4-percent-thick wedge-slab -wedge a i r f o i l  sect ion with 
rLdge l i n e s  on the  upper surface a t  30 and 70 percent of the loca l  chords. 
This model could be f i t t e d  with e i t h e r  of two v e r t i c a l  ta i ls ,  both of which 
had the  same planform (i .e.  , 60° sweptback leading edges and exposed areas 
ezual t o  one-fourth of the  reference wing area) but  d i f fe ren t  a i r f o i l  sections. 
C?e v e r t i c a l  t a i l  had a 4-percent-thick symmetrical diamond section; the other 
had an 8-percent-thick wedge section. 
represents  the former t a i l  incorporating f lare of the surface a f t  of the ridge 
l i n e .  
located i n  the  wing compression f i e l d ,  simulated a design containing two 
turboramjet engines per nacelle.  For the reference model, constant-area 
i n t e r n a l  ducts were used, but not i n l e t  precompression ramps nor a 
boundary-layer bypass . 

The flat-bottomed wing had a TO0 swept- 

The la t ter  v e r t i c a l  t a i l  i n  e f f ec t  

The ex terna l  contours of the two-dimensional nacelles, with the  i n l e t s  

Flat-bottomed model.- The model a t  t h e  lower l e f t  i n  figure 1 i s  desig- 
nated the  flat-bottom model because of t he  f l a t  undersurfaces on a l l  model 
components. The forebody of the  f lat-bottomed fuselage w a s  longitudinally 
curved upward t o  the  nose but  was  l a t e r a l l y  f l a t .  The 70' sweptback de l t a  
::hg w2s tested with 4- and 3-percent-thick a i r f o i l  sect ions which had rounded 
ridge l i n e s  a t  35- and 70-percent chord on the upper surface.  The'nacelle and 
horizontal  s t a b i l i z e r  combination was designed t o  bypass the boundary layers 
from The adjacent wing and body surfaces and t o  draw air  from the compression 
l i e l d  under the wing i n  f l i g h t .  This model a l so  inccrporated a pa i r  of wing- 
mounted f l a p s  conceived t o  def lec t  downward i n  f r o n t  of t he  i n l e t s  and t o  
afford protect ion from debris  ingest ion during powered ground operations. 
Under these conditions, the  i n l e t s  would draw a i r  from the  upper surface of 
The wing. The e x i t  areas of the nacel les  were twice the  inlet areas. 

Blended model.- The blended model a t  lower r i g h t  i n  figure 1 had a 
. f ia t tened  body of e l l i p t i c a l  cross  sect ion merged t o  a 3 -percent-thick, 80'- 
65O Zmble d e l t a  wing w i t h  clipped t i p s .  

-L c c - - - dL-.L-E P m - 1  mdeL prsu56eE Tccr -tcunssry-iayer bypass. 
_racelies on the blended model were mounted f a r t h e r  forward under the  wing, 
with the' ramps above ra ther  than below the  i n l e t s .  The wing had a double- 
wedge sect ion with inboard and outboard rounded ridge l i nes  a t  64-percent 
chord on the  upper surface,  The wing extended r e l a t i v e l y  far a f t  on this 
short  body f o r  balance between the  weight and aerodynamic forces .  

The e l l i p t i c a l  cross sect ions had a 
-e.- - - r of major t o  miccr a r e s  G f  16/51. The nacel les ,  l i k e  those on the  f l a t -  - ~y compaison the 

Ver t i ca l  t a i l s  and rudders.- The afterbodies of the  flat-bottomed and 
blended models were f i t t e d  on the center  l i n e  with similar v e r t i c a l  t a i l s  t h a t  
had s p m e t r i c a l  wedge -slab -wedge sect ions 
exposed areas equal t o  one-tenth the wing reference area. 
a l so  equipped with i d e n t i c a l  p a i r s  of wing-mounted TO0 sweptback f i n s  with 
wedges simulating def lected rudders. 
surfaces  to t a l ed  t o  the  same one-fourth of t he  wing reference area as t h a t  of 
t he  s ing le  large v e r t i c a l  t a i l  on the reference model. 

TO0 sweptback leading edges, and 
These models were 

The combined areas of the three vertical 
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Tests 

Experimental data were obtained i n  the Ames 6- by 6-foot transonic, 
1- by 3-foot supersonic, and 3.5-foot hypersonic wind tunnels over a Mach 
number range from 0.65 t o  7.4. 
was varied from 0.65 t o  2.0 (a few measurements were also made a t  0.25), and 
i _ n _  the 1- by 3-foot f a c i l i t y ,  from 2.0 t o  4.8, 
-,.rere Gbtained i n  the 3 5-foot hypersonic tunnel, where the stagnation tempera- 
tu re  was maintained a t  8000 F to  prevent liquefaction of air  i n  the t e s t  sec- 
t ion.  
a t  a l l  Mach numbers, except 2.0 i n  the 6- by 6-foot tunnel, where the Reynolds 
numi!)er vas held a t  2.5 million per foot  because of pressure l imitations.  

In  the 6- by 6-foot tunnel, the Mach number 

Mach numbers of 5.3 and 7.4 

Data were taken a t  a constant Reynolds number of 3.5 million per foot  

The models were sting-mounted through the rear of the fuselages. Force 
and moment measurements were made with an internal ly  mounted six-component 
strain-gage balance over a nominal angle-of-attack range from -4' t o  +U0 and 
angle-of -sideslip range from -2' to  +loo. 
were corrected f o r  balance and s t ing  deflections due t o  the aerodynamic loads, 
an6 the measured forces were adjusted t o  a condition of  free-stream s t a t i c  
pressure over the model bases. 

The angles of a t tack and s idesl ip  

A t  several p i n t s  throughout the tes t  Mach nmiber range, pressure surveys 
were made of the flow through the nacelles, and the computed resu l t s  were used 
t o  correct f o r  in te rna l  drag. Also, the pressure on the base of the reference 
model nacelles was measured and the ax ia l  force adjusted t o  a condition 
corresponding t o  free-stream s t a t i c  pressure. 

Generally t rans i t ion  was not f ixed on the models, but g r i t  studies were 
conducted a t  several  of the lower Mach numbers i n  order t o  provide an a l l -  
turbulent boundary layer as a basis  f o r  data evaluation. 
s?eeds, no effective method was found for fixing t rans i t ion  near the leading 

. edges of the model components t o  achieve f u l l y  turbulent flow. Studies u t i -  
l t z lng  I"l0i.r visualization and Reynolds nmber variation indicated the hyper- 
::Le Soundary layers t o  be nearly 211 laminar with possible small areas of 
Y.. cx--...- L-onel f L o - n y .  

A t  the hypersonic 

- _ r  '? c' I  - 2 

DISCUSSION 

Part  I. L i f t  and Drag ' 

This par t  of  the discussion.concerns the l i f t  and drag character is t ics  
Experimental of the three representative hypersonic cruise configurations. 

data obtained f o r  the three models during the wind-tunnel t e s t s  are compared 
over the test. Mach number range. The r e su l t s  of several theoret ical  predic- 
t i on  techniques are correlated with the experimental data f o r  the reference 
configuration. 

Experimental l i f t  and draq.- I n  order t o  compare experimental l i f t  and 
- drag character is t ics  of the three models, it w a s  desired t o  have the configu- 

ra t ions on as nearly an equal bas i s  as possible. Therefore, the comparisons 
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are made fo r  the wing-body configurations with the ve r t i ca l  t a i l  a t  the center 
l i ne  and the nacelles removed. Also, the data as presented a re  f o r  mixed-flow 
boundary-layer conditions. 
difference i n  the l i f t  and drag character is t ics  of these three configurations 
throughout the test  Mach number range, a re  presented i n  figure 2. 
shows zero - l i f t  drag (CD,) , l i f t -curve slope a t  zero l i f t  (CI.*), and untrimmed, 
maximum l i f t -d rag  r a t i o  ((L/D)max) versus Mach number f o r  the three models. 
A s  can be seen, the nearly ident ica l  values of maximum l i f t -drag  r a t i o  
decrease from about 9 a t  0.9 Mach number t o  about 4.2 at  
experimental resu l t s  f o r  the three configurations are  very similar over the 
Mach number range, the reference configuration i s  considered representative 
for the theore t ica l  comparisons. 

The experimental results, indicating very l i t t l e  

This figure 

M =  6. Because the 

Theoretical methods.- Several theoret ical  prediction methods were 
exployed i n  a comparison with the foregoing experimental data. 
mary o f  these techniques i s  presented i n  figure 3. 
-procedures for  calculating both pressure and skin f r i c t i o n  forces and each has 
3 z m  Sssigned an identifying number to  be used i n  the figures tha t  follow. 
3ecause most of the methods are adequately discussed i n  the l i t e r a tu re ,  only a 

A br ie f  sum- 
This figure shows the 

i 
-m-P< li--.._ a= cement. on each w F l l  be given here. 

I n  the pressure-force calculation technique nuniber 1, ident i f ied as 
l inearized method, the wave drag was computed by a computer program ( re f .  2) 
which applied the supersonic area rule  t o  an “equivalent” body of revolution. 
The l i f t  character is t ics ,  including wing-body interference e f fec ts ,  and the 
drag due t o  wing camber were determined i n  an aerodynamic influence coeff i -  
c ient  program discussed i n  reference 3. The drag due to  lift was  s e t  equal t o  
The re la t ion  
In  the pressure-force calculation procedure number 2, tangent -cone theory was  
used f o r  the body and tangent-wedge theory f o r  the wing and ve r t i ca l  t a i l  
( r e f .  4 ) .  Pressure-force prediction technique number. 3 consisted-of Newtonian 

--. ;heoretlcal methods employed a Prandtl-Meyer expansion on the leeward or 
- ---+..--21z:_ s-:zfr’~es. F’ressure-force prediction mezhoc?s 2 and 3 d i d  not include 
-,he e Z e c - ~ s  of  wlng-body interference. 

CL tangent a, which assumes no leading-edge suction o r  thrust .  

- i - r - Y _ C  i-, 1 -p 7 r E-ppi1ed t o  the vind-gard surfaces of the configuration. These l a t t e r  

__--, - - 

The f r i c t i o n  drag computation tha t  was  conibined with the pressure force 
estimates u t i l i zed  the reference temperature method of reference 5;  i n  a l l  
cases, both an .all-turbulent and an all-laminar boundary layer were assumed. 

Experimental theory correlations.-  The l i f t  and drag character is t ics  as 

These comparisons w i l l  be made f o r  
ccmpted by the foregoing theore t ica l  methods are  compared with the experi- 
mental resu l t s  i n  the remaining figures. 
the reference model with the nacelles removed. 

Zero -1if t drag_. - The resu l t s  of correlating the experimental and theoret - 
i c a l  zero- l i f t  drag values throughout the t e s t  Mach MLtTiber range are presented 
i n  figure 4. This f igure  i s  a p lo t  of zero- l i f t  drag ( C g , )  versus Mach number. 
The open symbols denote experimental data for which the boundary-layer f l o w  
-over the model was mixed, varying from a combination of laminar and turbulent 
flow a t  the lower Mach nmibers t o  essent ia l ly  all-laminar flow a t  the higher 



speeds. The so l id  symbols represent experimental points f o r  all- turbulent 
boundary-layer flow. 
?.rind-tunnel drag study i n  which s ix  s izes  of carborundum pa r t i c l e s  were used 
and the gr i t - f ree  a l l - turbulent  drag l eve l  was  determined by the methods of 
reference 6. 
mental data f o r  a l l - turbulent  flow a t  the lower Mach nmbers with an e r r n r  a t  
I4 = L . 3  on the order of 3 percent. 
the drag predictions a r e  too low, since the all-laminar theore t ica l  curve 
should be approaching the mostly laminar-flow experimental data i n  t h i s  area. 
Likewise, the drag l eve l  predicted by the tangent-cone tangent-wedge theories 
i s  low, since, as before, the r e su l t s  of laminar theory should agree closer 
-;rith the experimental resu l t s .  Nevertheless, the laminar curve f o r  t h i s  
theory generally predicts  the variation of drag l eve l  with Mach number. 
Emersonic drag predicted by t h i s  theore t ica l  method is too low f o r  several  
reasons, such as model component interference effects ,  underestimation of the 
viscous interact ion effects ,  and underestimated contributions of the leeward 
o r  "shadow" surfaces. A s  the f igure shows, the Newtonian theore t ica l  e s t i -  

since, i n  addition t o  the aforementioned reasons, the most general application 
cf' theory i s  f o r  blunt shapes a t  high hypersonic speeds. 

These al l - turbulent  values were obtained from a detailed 

The l inearized method shows excellent agreement with the experi- 

However, a t  Mach numbers above a ~ o u t  4, 

,%., . . l ~ - e ~  c - are also low i n  comparison t o  the data, but this i s  not unexpected, 

L i f t . -  - I n  general, the l i f t  charac te r i s t ics  of t h i s  type of configuration 
can be predicted with more cer ta in ty  than the drag level.  This f a c t  i s  demon- 
s t ra ted  i n  figure 5 which presents a correlation of the theore t ica l  and exper- 
imental l i f t  resu l t s .  The f igure i s  a p lo t  of l i f t  a t  zero angle of a t tack 
(CL,) and l i f t -curve slope a t  zero l i f t  ( C h )  as a function of Mach number. 
The experimental data indicate tha t  the posi t ive values of l i f t  at zero angle 
of attack, begin t o  decrease with increasing Mach number u n t i l  a t  Mach numbers 
above about 3 (where the wing leading edge becomes supersonic), the values 
become s l igh t ly  negative. A s  shown on the figure,  the CL, l eve l  i s  over- 
eszimatec! by the l inearized method a t  Mach numbers below 3, but a l l  methods. 
3 x ; ~ i d e  good correlation a t  the higher Mach numbers. The l inearized method 
r : . ' e~  ?- ..- ,yo05 estlma;es of  l i f t -curve slope around M = 2, but tends t o  over- 

. .  . -  . .,--= - ,- c --*- ____  - _ _ _ _ _  ..->cs 8; h ! ,~e:: i-ixx3er o: 5, and &hove. Ta~gem-cone  en5 zangex- 
x 5 g e  ;heo_rLes. snow good agreement wi%h the experimental values of l i f t -curve 
slope; but as vould be expected a t  these Mach num%ers, Newtonian theory under- 
estimates t h i s  parameter. The value of 4/P i s  shown on the figure, and when 
the wing leading edge i s  supersonic, it gives surprisingly good resu l t s  f o r  
the l i f t -curve slope of tJnis configuration despite the presence of the large- 
volume fuselage. With the exception of the Newtonian method, the generally 
good zgreement of the various theories with the experimental data throughout 
:he t e s t  Mach number range i s  evident. 

Maximum l i f t  -drag r a t io .  - The aerodynam5.c character is t ics  can now be 
summarized into a l i f t -drag  r a t i o  by including the drag-due-to-lift t e r m  and, 
a t  the higher Mach numbers, by accounting for the increase i n  l i f t -curve slope 
with angle of attack. Figure 6 presents a correlation of theore t ica l  and 
experimental values of maximum, untrimmed, l i f t -d rag  r a t i o  ( (L/D)max) as a 
function of Mach number. A s  i n  the case of the drag comparison, the a l l -  

- turbulent theore t ica l  r e su l t s  of the l inearized theore t ica l  method exhibit  
excellent agreement a t  the lower Mach numbers with the corresponding 



a i i -mrbu len t  experimental data, d i f fe r ing  only about 5 percent at  
-rioi?ever, above about 
-7alue of 
%>xzcl:ixg the data  i n  t h i s  area. 
crag and high value of l i f t - cu rve  slope tha t  was predicted i n  t h i s  region as 
Ciscussed e a r l i e r .  These same comments apply t o  t h e  r e s u l t s  of tangent-cone 
.-.--I r r r  

:Tei.*onian method gives good results i n  the v i c i n i t y  of 
previously shown, it underestimates both t h e  drag and the l i f t -curve  slope. 
A t  around M = 7, however, the  Newtonian method a l so  overestimates the maximum 
L ; values, since the  theory i s  f o r  turbulent  and the  data  are f o r  mostly 
LeAinar I low. 

M = 1.3. 
.I- M = 3, the  l inear ized method i s  predicting too high a 

L/D since the  laminar, and not the  turbulent,  curve should be 
This i s  a consequence of t he  low value of 

:z:g?zz-:reCge theories ,  since, Lecaune of the low drag estimater,  the 
- M r  y-c52c:ei L,'3 values are a l so  too high. It i s  only 2ortuitous tha t  the 

M = 5, because, as 

DISCUSSION 

Par t  11. S t a b i l i t y  and T r i m  

- .  ----s par: o? zne discussion examines ?;he aeroaynamic s t a b i l i t y  anC t r i m  
reqcirensnts  and the  r e l a t ed  aerodynamic performance penal t ies  of the present 
models. 
geometry a re  shown i n  the  figures i n  the  form of longi tudinal  and direct ional  
aerod;mmic center locat ions.  The e f f e c t s  on aerodynamic performance of add- 
ing -,he model components and of  achieving longi tudinal  t r i m  and d i rec t iona l  
s t a b i l i t y  appear i n  the form of maximum l i f t - d r a g  r a t io s .  
ce:iy.ers were evaluated near maximum l i f t - d r a g  r a t i o  which occurred a t  angles 
of  a-ctack between 6 O  and 9'. 
g:lven both f o r  the  bas ic  wing-body models with a v e r t i c a l  t a i l  on the center 
L2.e E X  ~ o r  ;lie complete models. 

The e f f ec t s  on s t a b i l i t y  of var ia t ions  i n  Mach number and i n  model 

All aerodynamic 

Aerodynamic cha rac t e r i s t i c s  i n  each case are 

- -  

Lc:--gizu.ZLcal aerodynamic cenzer . - The longi tudinal  aerodynamic centers 
- -  . .  - .  

- - _ I  - ,,a t n r  r.0 I ? --- - - _-- .  .- - _  - - -~- 8.- .- ? .  -2 - - - =  "__ c - c _  d2 ..a- -.-.+._ ,, - L :-ia-,illec m c  -zr?g r " i x  renovef. ii-.Cicate 
::--E: :E :.IS~: r?Eri;ars -ocz;lons occ-mred ~roc:?; I.- = i.i, mci the  KGSZ 

Zcrwzrc LocaTFons resu l ted  a t  or above M = 4.8. 
aerodynamic centers f o r  the blended model r e l a t i v e  t o  those of t he  other two 
models i s  not pa r t i cu la r ly  s ign i f i can t  here, bu t  ra ther  i s  a consequence of 
t he  more a f t  locat ion of the wing on t h i s  model and the  use of percent mean 
aerodynamic chord ra ther  than percent body length a s  t he  ordinate.  
spective,  it may be noted t h a t  the  5-percent F of the  blended model and the  
35-percent 
respect ive fuselage lengths.  
The la rge  35-yercent 
model, as  indicated by the  arrow a t  t he  r i g h t  of the f igure.  
izg t r a v e l  was 16-percent F f o r  the  flat-bottomed model and 21-percent c 
Tor the reference model. 
t o  r e s u l t  from the  increased loadings on the forward s t rakes  of the double 
del ta  ?%Lng and on the wider forebody a t  hypersonic Mach numbers. 

- >, - - - -  

The forward placement of the 

For per- 

F of  the flat-bottomed model both correspond t o  61 percent of the 
A s ign i f icant  point  t o  observe i n  f igure  7 i s  

'E t r a v e l  of t he  aerodp-amic center f o r  the  blended 
The correspond- - 

The large travel f o r  the blended model i s  believed 

Longitudinal aerod,ynamic centers  - complete models. - The longitudinal 
aerodynamic centers  f o r  the  complete models are shown i n  f igure  8. The 
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aas;;ions or ilie iiaceiies to the reference moue1 and of the nacelles and wing 
f i n s  to tne flat-bottomed and blended models moved the longitudinal aerody- 
namic centers a f t .  The overa l l  excursions of aerodynamic center over the Mach 
number range f o r  the reference and flat-bottomed models differed by only a few 
2erce:;t F from thosz shown i n  f igure 7. Adding the nacelles and wing 
f i n s  to  the blended model, on the other hand, s ignif icant ly  reduced the over- 
a l l  excursion of aerodynamic center from the  previous 35-percent 
uL c - p c - c e n t  F. This improvement resulted dlmost en t i re ly  from the s h i f t  i n  
i:-.;-p:-son:c aerodjmamic center from -4-percent ( f ig .  7) t o  10-percent 
the complete model. 

F ( f ig .  7) 

F fo r  
A n  

One approach f o r  dealing with the aerodynamic center t r ave l  and the 
associazed s t a b i l i t y  and control problems i s  fuel-dis t r ibut ion management, 
;rhich s h i f t s  the a i r c r a f t  center of gravi ty  t o  maintain acceptable s t a t i c  m a r -  
gins throughout the speed range. 
a t ion phase, the present configurations would operate hypersonically with 
centers of gravity around 35-percent F f o r  the flat-bottomed vehicle and 
zround 5-percent F f o r  the blended configuration. 

Relying on t h i s  recourse through the acceler- 

Directional aerodynamic center.-  Another s ignif icant  problem during 
acceleration through the supersonic speed range i s  the deterioration i n  direc- 
,:mal ~;abLLzy. Tne direczionai aerouynamic centers of the models with 
nacelles and wing f i n s  off are shown i n  f igure 9. The larger  ve r t i ca l  t a i l  of 
the reference model resulted i n  the direct ional  aerodynamic centers being 
20-percent F a f t  of those of the flat-bottomed model with the smaller center 
l2re  vz r t i ca l  t a i l .  The differences i n  t a i l  size,  however, had l i t t l e  in f lu-  
ence on the overal l  t r ave l  of the direct ional  aerodynamic centers, which was  
i n  the v ic in i ty  of 60-percent F f o r  both models. A somewhat smaller t r ave l  
~f LT-percent F resul ted f o r  the blended model. Because of the reductions 
Zn s t a t i c  direct ional  s t a b i l i t y  a t  the highest Mach number, the hypersonic 
direct ional  aerodynamic centers shown i n  f igure 9 were generally forward of 
: ~ e  LongLmdinaL aerodynamic centers f o r  the complete modeis ( f ig .  8). 

_ _  

, -  

Directlonai aerodynamic centers - comFlete models. - One of the objectives 
- ~. - ~ - ~ - , ~ ~ ~ - -  F -  - _  *__-  -.. - 1 

r t  consisted of f l a r i n g  ?;he large ve r t i ca l  t a i l  of the 
reference model by means of a cross section shape change from a diamond t o  a 
wedge. The t o t a l  leading-edge wedge angle f o r  both t a i l s  was 4.6'. 
ing edge of the wedge t a i l  corresponded t o  a 4-foot thickness f u l l  scale.  The 
r e su l t s  shown i n  f igure 10 indicate tha t  the direct ional  aerodynamic center 
moved a f t  from 40 percent f o r  the diamond t a i l  t o  50-percent F' f o r  the wedge 
t a i l  a t  5.3 Mach number, but  the aerodynamic centers f o r  both t a i l s  shif ted 
considerably forward as Mach number was increased t o  7.4. 
i n  f igure 10, the direct ional  s t a b i l i t y  of the reference model with e i the r  
t a i l  diminished seriously a t  angles of a t tack above 6'. 
are theore t ica l  estimates of the hypersonic aerodynamic center locations 
derived from tangent-cone theory on the forebody, Prandtl-Meyer expansion on 
the afterbody, and shock expansion on the v e r t i c a l  t a i l s .  
theore t ica l  estimates are  i n  fair  agreement with experiment but  indicate less 
var ia t ion withMach number. A possible explanation i s  tha t  theory does not 
account f o r  shielding of the t a i l  by the body shock and boundary layers, thus 
overestimates t a i l  effectiveness a t  the higher hypersonic Mach nuxiber. 

The t r a i l -  

Although not shown 

Included on figure 10 

These inviscid 

34 
_: .. 



c CONFIDENTIAL 

A more e f f ec t ive  cont ro l  over hypersonic d i rec t iona l  s t a b i l i t y  is  
indicated by the  results i n  f igure  11 f o r  the  flat-bottomed and blended models 
v i%h the  small wing-mounted f i n s  and with rudder flare angles up t o  35'. 
cox3ined area of these f i n s  w a s  1 5  percent of t h e  wing reference area, but  
only 5.4 percent w a s  f l a r ed  as rudders. A s  indicated by the  v e r t i c a l  spread 
of the symbols, rudder f l a r e  exercised an increasingly powerful control  over 
65- 2ct lonal  s t a b i l i t y  and d i rec t iona l  aerodynamic center locat ion as hy-per- 
s m i c  Tvlach number was increased. I n  addition, the  d i rec t iona l  s t a b i l i t y  and 
;he rudder cont ro l  effect iveness  did not de te r iora te  as angle of a t tack  w a s  
increased, because the  f l a r e d  rudders extended below the wings and remained i n  
vindward exposure with high l o c a l  dynamic pressure. 

The 

Included on f igure  11 are  theo re t i ca l  estimates of t he  incremental 
chmges i n  aerodynamic center due t o  inviscid oblique-shock loadings on the  
f l a r e d  rudder surfaces only. 
the e f f e c t s  o f  increasing hypersonic Mach number r e s u l t s  from i t s  not account- 
ing for the  addi t iona l  loading induced on the  f i n  surfaces upstream of the  
-rudder hinge l i nes ,  where l o c a l  separated flows developed and spread chordwise. 
il. ;heoretical  b a s i s  i s  not ye t  available f o r  estimating these added f i n  load- 
ings and the locat ions of the  l i n e s  of separation on the f i n  and of reat tach-  
:E::$ cii Lhe rudder; both l i n e s  were  p a r t i a l l y  submerged i n  the  wing boundary 
layers  and interacted with them. The e f f ec t s  of rudder f l a r e  on a fu l l - sca l e  
vehicle might d i f f e r  from these model results because of the  change i n  
boundary-layer cha rac t e r i s t i c s .  

The inadequacy of inv isc id  theory i n  predict ing 

The r e s u l t s  i n  f igure  11 indicate  t h a t  t he  models were d i rec t iona l ly  
s t ab le  f o r  the  previously c i t e d  center-of -gravity locations (i.e.,  35-percent 
5 for the  flat-bottomed model with 25' rudder f lare and of 5-percent F f o r  
t he  blended model with 15' f l a r e ) .  
the  cha rac t e r i s t i c  nonl inear i ty  of the  hypersonic l i f t  curves of the v e r t i c a l  
t a i l s  vherein reduced slopes preva i l  a t  s m a l l  surface inc l ina t ion  angles. The 
s:abilizer inc l ina t ion  angle, then , i s  as important a t  hypersonic speed as i s  
s - ~ r f z z e  area a'. lower speeds. 

Rudder f lare  was  effective i n  o f f s e t t i n g  

. - Flare6 maders  p c r L & 2  hypersonic Crecz izne l  
s%a-Elllty, but t he  associated drag penalized 'aerodynamic performance. 
m a x i m u m  l i f t -d rag  r a t i o s  f o r  the  configuration buildup and f o r  various degrees 
of s t a b i l i t y  and t r i m  f o r  t he  flat-bottomed and blended models are shown i n  
f igu res  12 and 13, respectively. The upper curves show t h e  maximum untrimmed 
l i f t - d r a g  r a t i o s  f o r  the wing-body models with a v e r t i c a l  t a i l  only on the  
center  l i n e .  
r a t i o s  f o r  the  complete models, untrimmed, with controls neutral .  
curves ( r igh t  t r i ang le s )  on the l e f t  of f igures  12 and 1.3 are  the  maximum 
l i f t - d r a g  r a t i o s  f o r  the  models longi tudinal ly  trimmed and s tab le  for Mach 
nuxbers in to  the  supersonic range. The penalty i n  l i f t -d rag  r a t i o  due t o  
longi tudinal  trimming was d i r e c t l y  r e l a t ed  t o  the  negative pitching-moment 
coef f ic ien t  at  zero l i f t  which characterized the  e f fec t ive ly  cambered, f l a t  - 
bottomed wings used on the  present models. 
sonic speeds caused no s ign i f i can t  penal ty  in l i f t - d r a g  r a t io ,  because the  
pi tching moment at  zero l i f t  was near zero or positive there .  
lowest curves on the r i g h t  of each f igu re  (diamonds) show the maximum hyper- 
sonic l i f t - d r a g  r a t i o s  f o r  conpletely s table ,  trimmed models u t i l i z i n g  rudder 

The 

The next curve down i n  each f igu re  shows t h e  maximum l i f t -d rag  
The lowest 

Longitudinal trimming a t  hyper- 

Final ly ,  the  
- 
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f l a r e  t o  achieve d i r ec t iona l  s t a b i l i t y ,  w i t h  centers  of grav i ty  a t  35-percent 
c Tor the  flat-bottomed model and a t  5-percent F f o r  the blended model. It 
L s  l t k e l y  t h a t  t h e  penalty i n  l i f t - d r a g  r a t i o  from f l a r i n g  the  rudders on the  
:-z:-k~t:o::& model cculd be hzlved if  the  f l a r e d  rudders wzre moved from the  
.1--, I 

:?osM more than double the t a i l  length and would allow a smaller rudder f lare 

- 

- -  
-_-  .~ 

y --,-- , _ d l i n g  edge t o  the  s ides  of the  aft-mounted nace l le -s tab i l izer ,  which 

s.-- - - -  - m e  ! ~ ~ . ; ~ c o i : i z  m z ~ t m ~ ~  l i f t - d r a g  r a t i o s  f o r  bc th  mdels ,  trimmed and 
- - _ _ _ _  - mi2 *, s~oulc,  ?,e n2al- 3.5. 

v 

- 0 _-_- 
- -  -- .--_ - 

CONCLUDING REMARKS 

An analysis  of the  experimental aerodynamic cha rac t e r i s t i c s  f o r  three 
xodels representat ive of hypersonic c ru ise  a i r c r a f t  and comparisons with 
:hecry have indicated the  areas of v a l i d i t y  and of inadequacy of various 

f2.z:;"~ &:?c;ing aerodynaixic performance a 

-?-~~n---e",lcal -__.-.,_ Eethods, the prominent s t a b i l i t y  and t r i m  problems, and the  

L Y t  and drag cha rac t e r i s t i c s  f o r  the reference model were estimated from 
- - - - -  i -*r - I -  

- .  
---il__ I - L x r i ~ ~ ,  tarLgei2t -cone and tangent -wedge approxima-Lions, and I\ievtonlan 
theory, each combined with estimates of allklaminar and a l l - tu rbulen t  skin 
f r i c t i o n  using the  reference temperature method, and were compared with experi- 
nen ta l  r e s u l t s  a t  supersonic and hypersonic Mach numbers up t o  7.4. 
6rz.g ?stirnates from t he  l i n e a r  method agreed w e l l  with experiment f o r  super- 
SGL~ Mach numbers up t o  3. L i f t  cha rac t e r i s t i c s  estimated by the tangent- 
cole tangent-wedge approach and simple supersonic l i n e a r  a i r f o i l  theory agreed 
;ELL x l t h  experiment a t  supersonic and hypersonic Mach numbers. Newtonian 
Theory underestimated both  the- l i f t  and the  drag. 
a l l  of the theor ies  underestimated the  drag and, therefore ,  overestimated the  

L i f t  and 

A t  Mach numbers above 3, 

-<-ag r a t i o s  ~ 

-. 
-':?E overa l l  t r a v e l s  of the  longi tudinal  aerodynamic centers  were about 

, -  . -,=.--,=-- -;c -4 y c  _ .  
I _ -  _ _ _  - . - --I. .. _ _ _ _  - : X E  aercsd:i-nzxic ~Lizrds: >?:k rhe ~ ; ~ ~ r s o - r _ L c  lozaricnc 

,13y1d s t a b i l i t y  and cont ro l  a t  hypersonic speeds w a s  demonstrated by the  use 
of  a p a i r  of wing-mounted f i n s  supporting f l a r e d  rudders which extended above 
a d  below t h e  wing plane. 
Trol l ing d i r ec t iona l  s t a b i l i t y  and d i r ec t iona l  aerodynamic center locat ion as 
i;Tersonic Mach number vas increased. Theoret ical  predict ions of s t a b i l i t y  
sc6 con t ro l  cha rac t e r i s t i c s  require  fu r the r  refinement t o  account f o r  viscous 
--- - - - - z c t i o ~  -u_ efilects which become predominant a t  the  higher hypersonic Mach 
zxuxhers. The hypersonic max imum l i f t - d r a g  r a t i o s  w e r e  above 4.0 untrimmed, 
Zez-reaslng t o  about 3.5 f o r  the  trimmed and s t ab le  models t ha t  incorporated 
op:imm rudder f l a r e  f o r  d i r ec t iona l  s t a b i l i t y .  

- . -  
, - - I  - -EL?-:- c lose  cc  hose preva5iing a t  subsonlc speeds.. kuequaze a i r ec -  

_ -  

The rudders became increasingly effective i n  con- 
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4. COMPARATIVE AERODYNAMIC STUDY OF 

TWO HYPERSONIC CRUISE AIRCRAET CONFIGURATIONS 

DERNED FROM TRADE-OFF STUDIES 

By Jim A. Penland, Clyde L. W. Edwards, Robert I). Witcofski, 
and Don C.  Marcum, Jr. 
Langley Research Center 

SUMMARY 

Analytic and experimental evaluations are made of two hypersonic cruise 
configurations designed t o  common ground rules.  
l ished t o  represent commercial-transport vehicles with a payload of 200 pas- 
sengers, a range of 5000 naut ical  m i l e s ,  and a cruise speed of Mach 6. Liquid 
hydrogen f u e l  w a s  necessary t o  m e e t  the  range requirement. The two evolving 
configuration concepts were a delta-wing vehicle with a d i s t inc t  body and wing 
having elevators f o r  longitudinal control and a blended wing body w i t h  double 
delta planform and elevons fo r  pi tch control. Both configurations were tes ted  
at Mach numbers from 0 . 1 t o  1.2 and at  6.0. Tests of modifications t o  the 
delta-wing configuration were a l so  made at Mach 6.8. 

The ground rules were estab- 

Experimental and calculated r e su l t s  a re  presented f o r  assessing longi- 
tud ina l  s t a b i l i t y  and control, d i rect ional  s t ab i l i t y ,  aerodynamic performance 
character is t ics ,  and the  e f fec t  of configuration modifications on maximum 
l i f t -d rag  ra t io .  
show f i r s t -order  e f fec ts  of the  nozzle exhaust on longitudinal t r i m .  

The results of preliminary calculations are a l so  included t o  

INTRODUCTION 

Unt i l  recently, aerodynamic investigations pertaining t o  hypersonic 
cruise vehicles have been l imited t o  simgle body-wing arrangements which did 
not account f o r  the important interplay between structures,  propulsion, and 
aerodynamics. Consequently, the aerodynamicist has been unable t o  compare 
different  configuration concepts having the same mission capabi l i ty  because 
the design influences of s t ructures  and propulsion could not be accounted f o r  
i n  suf f ic ien t  de ta i l .  Some insight in to  the large influences of structures 
end propulsion has recently been obtained f romthe  Convair study discussed tn  
reference 1. 

The ground rules f o r  t h i s  comparative configuration study are as follows: 

Mission . . . . . . . . . . . . . . . . . . . . . . . .  Commercial transport  
Payload, l b  . . . . . . . . . . . . . . . . . . . . .  50000 (200 passengers) 
Range, n. m i .  . . . . . . . . . . . . . . . . . . . . . . . . . . . . .  5000 
Cryise speed . . . . . . . . . . . . . . . . . . . . . . . . . . . . . .  Mach 6 
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P r o p u l s i o n .  . . . . . . . . . . . . . . . . . . . . . . . . . . .  Turboramjet 
F u e l .  . . . . . . . . . . . . . . . . . . . . . . . . . . . .  Liquidhydrogen 
Speed, knots: 

T a k e - o f f . .  . . . . . . . . .  . . . . . . . . . . . . . . . . . . . .  160 
Landing . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . .  135 

The two comparable configuration concepts designed t o  these ground rules 
One i s  a delta-wing vehicle with a d i s t inc t  body and 

The other is a blended wing 
aTf shown i n  f igure I. 
wing having elevators f o r  longitudinal control. 
body with double de l t a  planform and elevons f o r  pi tch control, 
c r a f t ,  high l i f t  devices could not be used and a lower wing loading w a s  required 
t o  meet take-off requirements. 
on the area of the main de l ta  wing including the body intercept.  This area w a s  
taken t o  be the reference area f o r  the  aerodynamic coefficients presented 
herein. Both configurations were optimized through systematic var ia t ion of 
t h e i r  primary design features, and the re la t ive ly  blunt high-volume designs 
obtained represent the l i gh te s t  weight vehicles f o r  the commercial transport  
mission. 

For t h i s  air- 

The wing loadings shown i n  figure 1 are  based 

Reference 1 gave the s t r ik ing  resu l t  tha t  the Mach 6 transport  mission 
could be much more effect ively accomplished by the  blended wing body which had 
a5out two-thirds of the gross weight of the delta-wing configuration. 
the wing and body apparently produced a s ignif icant  saving i n  s t ruc tura l  weight, 
which was  the  basic reason f o r  the  superiority of t h i s  arrangement. Note tha t  
t h i s  occurred even though the blended configuration had a much lower wing 
loading. 

Blending 

Because of the  preliminary nature of the Convair study, the analyses were 
l imited t o  simplified analytic techniques with no experimental ver i f icat ion.  
To assess the aerodynamics of these vehicles i n  a more detai led manner, ana- 
l y t i c  and experimental studies a re  i n  progress a t  the Langley Research Center. 
This  report presents the latest resu l t s  obtained from t h i s  investigation. 

The longituainal forces and moments are  referenced t o  the  s tabi l i ty-axis  
system, whereas the lateral forces and moments are referenced t o  the body-axis 
system. 

b wing span, in .  

- 
C mean aerodynamic chord of wing, in. 

Drag 
C F  drag coefficient,  

L i f t  l i f t  coefficient,  - 
%S 



Pitching moment pitching-moment coefficient,  
S S E  

p i t  ching-moment coefficient at zero l i f t  

yawing-moment coefficient , Yawing moment 

BDSb 

n & 
aP 

di rec t iona l -s tab i l i ty  parameter at p = Oo, -, per deg 

fineness r a t i o  

fuselage length, in .  

l i f t -drag r a t i o  

maximum l i f t -drag  r a t i o  

free-stream Mach number 

free-stream dynamic pressure, p s i  

Reynolds number, based on fuselage length 

planform area of basic de l t a  wing, in2 

distance from leading edge of E t o  center of gravity, in .  

angle of attack, deg 

angle of s idesl ip ,  deg 

. .  n o r x a n s e l - t a i l  o r  eievor. deflection angie (posit ive when t r a i l i n g  
edge i s  deflected down, deg 

WIND-- TEST PROGRAM 

The scope of the experimental program is shown i n  figure 2. The two basic 
a i r c r a f t  configurations were t e s t ed  through the Mach number range from sub- 
sonic through transonic speeds t o  a hypersonic Mach nmber of' 6.0. 
Reynolds number based on body length varied from 2.2 x 10 6 at  subsonic speed 
t o  13.4 x 106 a t  M, = 6.0. In  addition, tests of several  modifications t o  
the basic delta-wing a i r c r a f t  were made at The Mach 6 t e s t s  were 
made i n  the  Langley 20-inch Mach 6 tunnel at the highest operating pressure 
and the 18-inch-long model is  the  maximum length model t h a t  can be tes ted  at 
present i n  t h i s  f a c i l i t y .  

The 

= 6.8. 

The resul t ing test Reynolds number (13.4 x 106) is 
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representative of the Reynolds number available from larger  f a c i l i t i e s  through- 
out the country at t h i s  time. 
below ful l -scale  condition where the  Reynolds number approaches 200 x PO 6 

This Reynolds number, however, is considerably 

The af t  end of each model w a s  a l te red  t o  the extent shown t o  accept the 
The i n l e t s  on a l l  t e s t  models had t h e i r  outer sting-mounted force balances. 

shape designed t o  duplicate the  external nacelle drag. Constant-area in te rna l  
ducts passed the design engine air, and corrections f o r  the mte rna l  drag were 
made by skin-friction calculations. Model base pressures were measured, and 
the drag components were corrected t o  a pressure coefficient of - -. -1 

%02 

LONGI!PUDINAL STABILITY 

In figure 3 the  pitching-moment coefficient f o r  the blended wing body i s  
shown as a function of l i f t  coefficient f o r  two control deflections at 

t ions  vary with Mach number. 
along the body of these vehicles makes these c.g. adjustments possible. 
Tkiroughout thLs report, these c.g. positions are used fo r  presentation of data 
f o r  the respective configurations and Mach numbers. 

= 0.1, 1.2, and 6.0. Notice tha t  the design center-of-gravity (c.g.)  posi- 
Management of the large fue l  supply dis t r ibuted 

A t  hypersonic speed the configuration i s  s table  and the control effec- 
t iveness i s  predictable. The hypersonic theories used consisted of tangent- 
cone theory in  compression regions on tha t  portion of the configuration inboard 
of the elevons which includes the forward strake-like wings and Prandtl-Meyer 
coeff ic ients  i n  expansion regions. Shock-expansion theory was used on the out- 
board wing sections and control surfaces. These theories were applied by using 
a modification of the computerized method of reference 2. 

The blended-wing-body configuration is a l so  s table  at =1.2 but - 
becolnes unstable at M, = 0.1. The c.g. at t h i s  low Mach number is determined 
5:- :he 5ull 5x1 load  znd cmnot be adjusted by f u e l  management. Design 
,-, ,- - ..- -,. zrierei,?r.; WOGZ 52 r q u i r e d  t o  improve t h i s  low speed stability. 

- >  

The character is t ics  of these off-design speeds a re  again pre 
theories used consisted of a modification of the Multhopp l i f t ing-surface theory 
( r e f .  3 )  at subsonic speeds and Campbell's method ( r e f .  4) f o r  determining the 
wing downwash f i e l d  and the loca l  dynamic pressure. A t  & = 1.2 l inearized 
supersonic theory was applied by numerical methods ( r e f .  5 ) .  U s e  w a s  made of 

.references 6 and 7 i n  determining ef fec ts  of the wing-body combination and the 
body alone. 

The longitudinal s t a b i l i t y  f o r  the  delta-wing configuration i s  shown i n  
figure 4. 
t a i l  is effect ive but the pitchhg-moment predictions a re  grossly i n  error .  
The method used t o  obtain these theore t ica l  results w a s  similar t o  t h a t  dis-  
cussed previously, and the  wing interference e f fec ts  on the t a i l  pitching- 
moment inputs were taken i n t o  account by the  method described i n  reference 8, 

A t  hypersonic speed the configuration i s  s table  and the horizontal 
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which assumes a two-dimensional wing flow f i e ld .  
require a more r e a l i s t i c  description of t h i s  wing flow f i e l d  and a l so  the per- 
turbing ef fec ts  of the large fuselage. 

Improved predictions w i l l  

A t  I&, = 1.2 the  delta-wing configuration i s  s table  at low l i f t  coeffi-  
c ients  where it would be expected t o  operate. The prediction based on l inear- 
ized supersonic theory, however, i s  m r e a l i s t i c ;  t h i s  might be expected since 
zne large body departs considerably from slender body assumptions on which t h i s  
theory is based. A t  & = 0.1, t h i s  configuration i s  a l so  unstable and the 
behavior is  s ignif icant ly  underestimated by theory. To investigate t h i s  sub- 
sonic in s t ab i l i t y  i n  more de t a i l ,  component breakdown tests were performed. 
These resu l t s  are  shown i n  f igure 5.  

Component Effects 

The pitching-moment variations with angle of a t tack are shown fo r  the body 

The resu l t s  fo r  the body t e s t s  indicate a large 
with and without the horizontal  t a i l  and f o r  the complete configuration with 
an6 without the t a i l  ( f ig .  5 ) .  
t a i l  effectiveness. The addition of the wing t o  t h e  body and body-tail con- 
figuretions,  however, indicates t ha t  because of wing flow-field e f fec ts ,  the 
t a i l  is  not only l e s s  effect ive but actual ly  produces a posit ive t a i l  pitching- 
moment increment. These resu l t s  imply the existence of an abnormally large 
wing downwash f i e l d .  In  an e f f o r t  t o  determine whether a more favorable t a i l  
location would improve the t a i l  effectiveness, additional t e s t s  were performed 
and these resu l t s  are  presented i n  f igure 6. 
for the  t a i l  off and various t a i l  positions. 
vide sat isfactory s t a b i l i t y  character is t ics .  O f  importance are  the resu l t s  
shown for the  T - t a i l  configuration. 
i s  located above and out of the wing downwash f i e ld ,  the delta-wing a i r c r a f t  
exhibits a small region of longitudinal s t a b i l i t y .  
ber for these t e s t s  i s  l o w  compared with the f l i gh t  value, because of the sharp 
k-ing leazing edges it is  not anticipated tha t  Reynolds number would have 
m a j o r  ef fec ts  on these cheracter is t ics .  It i s  clear  t ha t  these l o w  speec? aero- 

Pitching-moment data are shown 
None of the t a i l  positions pro- 

A t  low angles of a t tack where the elevator 

Although the  Reynolds num- 

. .  
- -T lL ---iL PI.' r C i i 2 T & C , e T i s t l C S  reqclrf: fur ther  stuQ'. 

The power-off longitudinal results having been discussed, the  additional 
complexities imposed by thrus t  and underexpanded nozzle exhaust e f fec ts  a re  
now considered. 
t h i s  time any experimental determination of these e f fec ts .  However, prelimi- 
nary analyses a t  hmersonic speeds have been performed on the exhaust e f fec ts  
and possible benefi ts  on (L/D)- a re  shown i n  reference 9. 

The simple engine nacelles used on these models preclude a t  

Thrust and Jet-Exhaust Effects 

Some insight i n to  the power-on t r i m  problems at  hypersonic speeds i s  pro- 
vided i n  figure 7. The low mounting posit ion of the  engines can produce a 
s izable  posit ive pitching-moment increment due t o  the thrus t  vector, which 
would require a posit ive control deflection t o  trim. The nozzle exhaust can 
-have an additional e f f ec t  of producing a l i f t i n g  force on the aft  end of the  
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abrplane which gives a negative Cm- The delta-wing configuration, however, 
6oes not develop appreciable l i f t  due t o  the  trailing-edge location of the 
engine ex i t  and t o  the small body area affected and, thus, l i t t l e  o r  no counter 
e f f ec t s  t c  the t h r w t  mament are  produced by the nozzle exhaust. 

For the blended wing body, the engine exit i s  forward of t he  wing t r a i l i n g  
eige.  The, wdereqmded  nozzle exhaus+,, therefore, a f fec ts  a s ignif icant  por- 
tim of tne wlng area and f i rs t -order  calculations indicate t h a t  the moment 
produced by the additional l i f t  is  suf f ic ien t  t o  balance out the thrus t  moment. 
Although t h i s  r e su l t  i s  based on an overly simplified analysis and requires 
experimental ver i f icat ion,  it does indicate tha t  by proper design the adverse 
tnrus-c moment can be neutralized. Any L/D benefits ,  therefore,  may be 
obtained with l i t t l e  or no t r i m  penalty. 

DIRECTIONAL STABILITY 

O f  equal importance t o  longitudinal trim are the direct ional  s t a b i l i t y  
character is t ics  which a re  considered i n  f igure 8 where the direct ional  stabil- 
L T ~  cierivazive Cnp is  shown for three Mach numbers. A t  low and transonic 

speeds the blended wing body exhibits good direct ional  s t a b i l i t y  characteris- 
t i c s  through the angle-of-attack range. This s table  var ia t ion with angle of 
a t tack i s  ty-pical for double-delta-planform configurations having strake-like 
forward de l t a  wings ( r e f .  10). A t  hypersonic speeds, however, the configura- 
t i on  becomes unstable at angles of a t tack above about 5'. 

A t  low speeds the delta-wing a i r c r a f t  shows a rapid decay of direct ional  
s t a b i l i t y  with angle of a t tack  and is  unstable at the landing a t t i t ude  of about 
l5O. This direct ional  i n s t a b i l i t y  i s  due t o  the large fuselage and t o  wing 
vartex flow. A t  transonic speeds the configuration i s  stable;  .however, at  
kypi rsonic  speeds the ve r t i ca l  t a i l  is  obviously t o o  small since the model i s  

;\- mzrginelly stable  a t  zero angle of  a t tack ani! is unstable a t  a l l  higher 
. _ -  l;r -L? - _ _ -  -1- .z. *.-_- L -_ =. -vC.r+ , .  - 

This decay i n  direct ional  s t a b i l i t y  at hypersonic speeds for both con- 
figurations resu l t s  from the decreasing loca l  dyriamic pressure which causes the 
v e r t i c a l  t a i l  t o  become ineffective.  By taking the  local-dynamic-pressure 
decrease into account, body flow-field analysis shows t h i s  angle-of-attack 
e f fec t  t o  be predictable; however, t he  theory is s t i l l  unsatisfactory since it 
predicts i n s t ab i l i t y  at a l l  angles of a t tack.  

Theoretical r e su l t s  a re  a lso shown f o r  the  other speeds near zero angle 
of a t tack.  
t ions  are  not i n  good agreement with the experimental values. 

Although the theory predicts s table  values of Cnp, the predic- 
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€M?ERSONlC F”0RMANCE CHARACTERISTICS 

The performance character is t ics  a t  the cruise Mach number a re  of prime 
importance in  the  study of these hypersonic a i r c r a f t .  The variation of l i f t -  
drag r a t io ,  l i f t  coefficient,  and drag coefficient with angle of a t tack f o r  
both configurations i s  presented i n  figure 9. 
“Igher f,L/D)= than the  delta-wing configuration even though some loss  
occurred due t o  t r i m .  The negative C,, produced by the forward fuselage and 
the re la t ive ly  short  control-surface moment arm resulted i n  re la t ive ly  large 
control deflections which are  responsible f o r  t h i s  loss. Negative camber i n  
the  forward portion of the configuration would tend t o  decrease t h i s  t r i m  
penalty. The delta-wing configuration, however, had negative camber i n  the 
forward fuselage and, consequently, suffered no trim penalty. 

The blended wing body shows a 

The theory underestimated (L/D)- f o r  the blended configuration more 
than f o r  the delta-wing design primarily because of underestimation of the l i f t .  
The l i f t -curve slope f o r  both configurations, however, i s  underpredicted. As 
mentioned previously, tangent-cone theory w a s  used on the body and shock- 
cqzns ion  theory on the outboard wing sections. 
these methods t o  complex shapes involves the  proper selection of the portion of 
t he  configuration represented by body flows and the  portion represented by wing 
flows. The a r b i t r a r i l y  assumed extent of wing and body flows f o r  these com- 
plex shapes, therefore,  is one reason f o r  these unrea l i s t ic  l i f t  predictions. 
Furthermore, wing-body interference effects ,  which were neglected i n  the theory, 
a r e  another reason. 
investigations have been made t o  b e t t e r  define the  appropriate region over 
which these basic theories can be applied and determine the significance of 
component interference e f fec ts .  

One of the problems i n  a2plying 

Intproved predictions can result only after detailed loca l  

The theory f o r  the drag coefficients included turbulent-skin-friction cal- 
culations ( r e f .  11). 
paint techniques showed tha t  the boundary layer w a s  largely t rans i t iona l .  The 
ag;r?.ener,; c.f thesry w i t h  experizent, zhere?”ore, i s  no t  es goo5 its L r p l i e L  by 
figure 9. 
the skin f r i c t i o n  with these t r ans i t i ona l  flows. Consequently, evaluation of 
the adequacy of the pressure.drag or  drag due t o  l i f t  predictions from these 
t e s t s  i s  not possible. 

However, heat-transfer measurements using phase-change- 

A t  the  present time no sa t i s fac tory  method ex is t s  f o r  predicting 

EFFECTS OF CONFIGURATION MODIFICATIONS ON (L/D)- 

Since these configurations are  only an ear ly  stage of hypersonic-cruise- 
vehicle development, many additional configurations will require investigation. 
It i s  of in te res t ,  therefore,  t o  determine the a b i l i t y  t o  predict  changes i n  
configuration aerodynamics as affected by component modifications such as body 
fineness r a t i o  and cross-sectional shape. Accordingly, s h p l e  body modifica- 
t ions  were made t o  the  delta-wing configuration and tests w e r e  made at  

Results of these tests are given i n  figure l O ( a ) .  ~ &, = 6.8. 



A comparison of the basic delta-wing configuration having a body fineness 
r a t i o  of 13 with one having a fineness r a t i o  of 16 indicates t ha t  the predicted 
increase i n  ( L / D ) m a  w a s  obtained. Changing the body cross-sectional shape 
to increase i ts  l i f t l n g  surface, however, gave a greater  increase i n  
than expected from examination of the  theore t ica l  trends. 

(L/D)- 

3i1tk! of these modifications improved the direct ional  s t a b i l i t y  over tha t  
sf the Las i :  configuration. However, the increased forward planform area of 
the body cross-sectional change decreased the longitudinal s t a b i l i t y  and t h i s  
par t icu lar  configuration could not be trimmed at  the design c.g. 

As klready snown i n  figure 9, the blencled wing body has a substantially 
higher ( L / D ) m m  than the  delta-wing configuration. To determine how much of 
t h i s  improvement results f romthe  re la t ive ly  larger  wing planform, the delta- 
wing configuration w a s  modified as shown i n  figure 10(b). 
wing configuration i s  shown on the l e f t  f o r  reference. The wing w a s  modified 
t o  have the same planform as the blended wing body including the elimination 
u- the horizontal t a i l s .  In  addition, the forward par t  of the  wing w a s  given 
iricidenze t o  o f fse t  the t r i m  penalty i n  shown fo r  the blended wing 
body - 

The basic delta- 

-- 
(L/D)- 

The double de l t a  resu l t s  indicate a,n improvement i n  (L/D)- over t ha t  
of the  basic de l t a  configuration with no trim penalty. When compared with the 
trimmed values f o r  the blended wing body, t h i s  improved (L/D),, is largely 
due t o  the larger  wing area; however, some secondary benefi ts  appear t o  resu l t  
from the  wing-body blending. These benefi ts  could r e su l t  from the r e l i e f  of 
interference e f fec ts  of the  body on the lee s ide of the  w i n g .  Theory over- 
predicts the (L/D)ma f o r  t h i s  double-delta-configuration modification, i n  
par t  because of neglect of .these component interference e f fec ts .  

PARAMETERS AFFECTING FLIGHT EXTRAPOLATIONS OF ( L/D)- 

, -  ----~SI@ ~311s iderz~rle insight i n t o  the comparazive, aerodynmics of t'nese 
hypersonic cruise configurations has been provided by the wind-tunnel studies,  
extrapolation of the  hypersonic character is t ics ,  especially 
scale f l i g h t  conditions remains a major problem. Flight Reynolds nmbers, 
based on vehicle length, w i l l  be i n  the range of 200 x 106 and a turbulent 
boundary layer w i l l  cover a l l  except a few fee t  of the vehicle near the wing 
leading edge and the body apex. 
of ( ~ / ~ ) m a x  are as follows: 

(L/D)-, t o  full- 

The parameters affect ing f l i g h t  extrapolations 

Pressure drag, C D , ~  
Drag due t o  lift, CD,L 
Control effectiveness, &, EL, ACD 
Frict ion drag, CD,F 

These parameters should be determined i n  tests of models over which the  bound- 
ary layer  i s  predominately turbulent. 



The basic goal of wind-t-el t e s t s  of complete configurations, of course, 
i s  t o  determine precisely the value of the f i r s t  three parameters 
t r ac t ing  the calculated wind-tunnel f r i c t i o n  drag from the  t 
Full-scale (L/D)- extrapolations are then obtained by 
turbulent-skin-friction drag calculated f o r  high Reynolds 
t ions.  This approach, however, is not re l iab le  at  hy-perso 
l imited Reynolds number capabi l i ty  of available f a c i l i t i e s  allows model bound- 
ary layers which are largely t r ans i t i ona l  with very l i t t l e  f u l l y  developed 
turbulent flow. Because of these t r ans i t i ona l  flows the wind-tunnel f r i c t ion  
drag is  a l l  but impossible t o  calculate accurately and important turbulent f l o w  
e f f ec t s  which may exist on the  other parameters a re  presently unknown. 

Large regions of t r ans i t i ona l  flow, of course, are not unique t o  hypersonic 
tes t ing .  
obtained because large regions of turbulent flow can be a r t i f i c i a l l y  produced by 
small boundary-layer t r i p s  which require only small corrections. The t r i p s  
required at hypersonic speeds, however, become very large; f o r  example, the 
boundary-layer t r i p s  on an SST model scaled t o  a fu l l - s ize  vehicle a re  about 
the s ize  of golf ba l l s ,  whereas those required on a hypersonic cruise vehicle 
would scale t o  the s ize  of volley balls. It i s  now too ear ly  t o  say whether 
these larger  t r i p s  caR be used t o  advantage i n  complete configuration tes t ing  
since corrections f o r  the t r i p  drag and other possible extraneous e f fec ts  pro- 
duced by the  t r i p s  are  unknown. A more detailed discussion of these hypersonic 
t r i p s  i s  given i n  reference 12. It i s  c lear  t ha t  t h i s  area of f l i g h t  extrapola- 
t i o n  w i l l  require much additional study, and f a c i l i t i e s  capable of higher 
Reynolds numbers w i l l  be an essent ia l  ingredient i n  these studies.  
the Langley f a c i l i t i e s  a re  now being modified t o  provide t h i s  capability. 

A t  lower speeds, more precise values of these parameters can be 

Several of 

I n  sp i t e  of t he  f ac t  t h a t  the ful l -scale  (L/D)- cannot yet be deter- 
mined with the desired precision, it can be surmised from the magnitude of the 
wind-tunnel r e su l t s  presented herein tha t  the desired f l i g h t  values of 
approaching 5 can probably be achieved a t  
hypersonic cruise configurations. 

( L / D ) m a  
= 6.0 fo r  these high-volume 

CONCLUDING REMARKS 

The investigation of these preliminary hypersonic cruise configurations 
indicates  s ignif icant  problems i n  low speed longitudinal s t a b i l i t y  and i n  
d i rec t iona l  s t a b i l i t y  a t  both landing and hypersonic speeds. 
f igurations investigated, the blended-wing-body concept showed clear  aerody- 
namic advantages i n  both of these areas over the d i s t inc t  wing-body concept. 
Furthermore, the blended wing body primarily because of i t s  large wing plan- 
form area confirmed the expected additional advantage i n  the hypersonic maxi- 
mum l i f t -drag  ra t io .  
configuration i n  combination with the  s t ruc tu ra l  weight advantage indicated i n  
the  preliminary studies suggest t ha t  t h i s  concept i s  a promising approach which 
merits fur ther  research and refinement. 

Of the two con- 

These important aerodynamic advantages of the blended 
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Because of l imitat ions i n  both the present theore t ica l  and experimental 
techniques, the aerodynamic character is t ics  of these complete hypersonic con- 
figurations cannot be determined with the same degree of precision and 
cience enjoyed at lower supersonic speeds. One reason fo r  t h i s  l i es  i n  the 
important component interference effects  which ex i s t  on hypersonic a i r c  
which a re  not adequately accounted f o r  by present theore t ica l  predictions. 
Vind-tunnel. resu l t s  a re  a l so  subject t o  doubt due t o  the presence of laminar 
ar?d tramitionalboundary-layer flows or ,  a l ternat ively,  due t o  the  large flow 
disturbances of t r ipping devices. 
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HYPERSONIC CRUISE AIRCRAFT 

DELTA WING BLENDED WING BODY 

BLENDED WING 
DELTA WING BODY 

GROSS WEIGHT, Ib 750,000 512,000 

32.5 26.3 STRUCTURE WEIGHT, o,o 
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WING LOADING, psf 76.0 50.0 

GROSS WEIGHT 

Figure 1 

WIND-TUNNEL TEST CONDITIONS 

FLIGHT S T U D Y  

WIND TUNNEL 

.8 TO 1.2 
6.0 13.4 
6.8 5.3 

Figure 2 
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COMPONENT EFFECTS ON LONGITUDINAL STABILITY 
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THRUST AND JET-EXHAUST EFFECTS 
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HYPERSONIC PERFORMANCE CHARACTERISTICS 
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5.  MPERIMEN!TAL AERODYNAMICS AND ANALYSIS OF THE STAGE 

SEPARATION OF IIEusABL;E LAUNCH VERICIXS 

By John P. Decker 
Langley Research Center 

Preliminary studies have been made of the  stage separation of para l le l -  
staged reusable launch vehicles, Effects of ve r t i ca l  spacing, incidence angle, 
configuration, and Mach number on the longitudinal s t a b i l i t y  of two airplane- 
type vehicles i n  close proximity are discussed. The aerodynamic data obtained 
fo r  the two vehicles i n  proximity were used as input t o  a two-body trajectory- 
simulation computer program t o  evaluate the poten t ia l  e f fec ts  on the vehicle 
behavior of the aerodynamic interference. The r e su l t s  indicate  tha t  an eval- 
uztion of the poten t ia l  of any given vehicle system w i l l  require appreciable 
aerodynamic data and c r i t i c a l  t ra jec tory  analysis t o  determine the  constraints 
\=der xhi-ch safe separation r ay  be achieved. 

INTRODUCTION 

During the past  several  years a number of f e a s i b i l i t y  studies have been 
made t o  investigate the  recovery and reuse of launch vehicles. The spectrum I 

of concepts has varied from reusable b a l l i s t i c  t o  reusable airbreathing winged 
vehicles. 
systems f o r  which pa ra l l e l  staging will be required. 

This paper w i l l  be r e s t r i c t ed  t o  a discussion of winged vehicle 

Figure 1 shows an airplane type of launch vehicle as the two stages sep- 
CEZF 2 w b g  the ear ly  phase of a staging maneuver. The types of interference 
- - ) , = -  p p .  pL Q , - - z r . < n p - p ;  ___. _-__ - L - L ~ L - y G u - u  i f  staging i s  required witnin the sensible azmosphere 
mc? et suDersonic or hypersonic speeds a re  i l l u s t r a t e d  i n  the schlieren photo- 
grash shown as f igure 2. These interferences are poten t ia l  s t a b i l i t y  and con- 
t r o l  problems f o r  both vehicle stages and consequently t h i s  paper has two 
primary objectives : 

(1) To discuss the e f fec t  t ha t  these interferences have on the s t a b i l i t y  
character is t ics  of two airplane-type vehicles i n  close proximity and 

(2 )  To discuss the poten t ia l  effects on the vehicle behavior of the aero- 
dynamic interference as obtained by using a two-body trajectory-simulation 
computer program. 
t r a t i v e  of po ten t ia l  problems. 

The data  presented should be considered only as illus- 
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SYMBOLS 

Crn pitching-moment coefficient 

pitching moment due t o  rate of change of angle of attack 

pitching moment due t o  pi tch r a t e  \ 
normal-force coefficient cz 
normal-force coefficient due t o  rate of change of angle of attack 

Z& 
C 

normal-force coefficient due t o  pi tch rate 

< - re la t ive  incidence angle between f i r s t  and second stage o r  upper stages 

1 length of first stage 

M, free-stream Mach number 

9 pitch r a t e  

Ax longitudinal spacing between centers of gravity of first and second 
stage 

oz ver t ica l  spacing between centers of gravity of f irst  and second stage 

U angle of a t tack 

c; time r a t e  of change of angle of attack 

1 first stage 

2 second stage or  upper stages 

STAGING CONDITIONS 

A typ ica l  t ra jec tory  of a l t i t ude  plot ted as a function of Mach number i s  
i l l u s t r a t ed  in  figure 3, shown only out t o  a Mach number of 8, and indicates 
some of the conditions at  which staging may be required. 
launch vehicles using airbreathing engines would probably separate at  the  lower 
a l t i tudes  and consequently the higher dynamic pressures; whereas rocket-powered 
vehicles would probably separate at the higher a l t i tudes  and lower dynamic pres- 

Typical reusable 

- sures. Normal mission staging could occur, depending on the vehicle concept, 
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anywhere above a Mach number of ,about 3; whereas abort staging could occur at 
any Mach number below mission staging. Abort separation f o r  e i the r  rocket or  
airbreathing-type vehicles would l i k e l y  occur at the higher dynamic pressures. 

Potent ia l  problems tha t  could occur at  staging are  indicated schematically 
The second stage, at release, would be at  an i n i t i a l  spacing dis-  i n  f igure 4. 

t v l ce  and a t t i t ude  with respe,: t o  the  f i rs t  stage. A trapeze or  similar 
rrechanism could be employed t o  achieve the desired i n i t i a l  release conditions. 
The problem i s  not only t o  examine the divergence of the centers of gravity of 
the two stages but a l so  t o  insure that the two vehicles do not col l ide as a 
r e s u l t  of subsequent vehicle rotation, f o r  example i n  case the second stage 
r c t a t e s  i n to  the f i r s t  stage as i l l u s t r a t e d  by the  lower two sketches. 

EXPERTMENTAL RESULTS 

Wind-tunnel models f o r  which experimental aerodynamic interference data 
have been obtained are  shown i n  figure 5 .  The lower one i s  a three-stage- 
vehicle system consisting of three f u l l y  reusable stages which are essent ia l ly  
i.rlng-bo&y configurations. (See re fs .  1 and 2 . )  The other vehicle i s  a two- 
stage launch-vehicle system which has a f i r s t  stage s i m i l a r  t o  t ha t  of the 
three-stage vehicle but an integrated l i f t i n g  body as the upper stage. Both 
these vehicle concepts are  representative of rocket-powered vehicles. 
Airbreathing-type vehicles would probably have s i m i l a r  first stages but smaller 
upper stages. 

S t a t i c  longitudinal aerodynamic data  were obtained f o r  each stage with 
strain-gage balances mounted on separate st ings.  
variables Az and Ax, as w e l l  as the r e l a t ive  incidence angle i, could be 
varied fo r  a range of angle of a t tack and Mach number. These variaSles were 
systematically varied i n  the wind tunnel t o  obtain the aerodynamic data needed 
f o r  the t ra jec tory  computations. A smll portion of the experimental t e s t  . 
r e s d t s  at a constazt longitudinal r e h t i v e  position, th& is,  Ax = Constant, 
15 -ASS& zs L - T L S Y E ~ ~  ~ h e  ef fec t  os" vzrziczi  spacirig b, incidence m g l e  i, 
configuration, and Mach number on the longitudinal s t a b i l i t y  of the t w o  vehicles 
during separation. 

(See f i g  . 6. ) Position 

* - -  

Figure 7 shows the e f fec t  of spacing f o r  t he  two-stage launch-vehicle 
system f o r  a Mach number of 3 and an incidence angle of 0'. 
coeff ic ients  for  the f irst  (&,J) and second (&,2) stage have been plot ted 
against angle of a t tack f o r  various spacing distances (nondimensionalized with 
respect t o  the f i r s t - s tage  length 
erence, the interference-free curve or  the pitching-moment curve at  very large 
separation distance i s  shown f o r  both the f i rs t  and the second stage. 

Pitching-moment 

2 )  f rm a value of 0.10 t o  0.20. For re f -  

For the second-stage vehicle, the s t a b i l i t y  l eve l  changed and the magni- 
tude of the pitching moment varied with spacing. For the f i r s t - s tage  vehicle, 
the s t a b i l i t y  d id  not change appreciably; however, there i s  a large posi t ive 

Also, f o r  the maximum spacing tested,  large interference is  s t i l l  present 
.increment i n  the magnitude of the  pitching moment due t o  the  interference. 



because the curve i s  not yet approaching the interference-free curve. 
control effectiveness data, not shown here, there appears t o  be no aerodynamic 
control surface of reasonable dimensions which could overcome such large 
pitching-moment increments. 

From 

Figure 8 shows the  same type of data at a hypersonic Mach number of 6 f o r  
the two-stwe launch-vehicle system- 
I n  figure 7 ind5cates tha t  there i s  a hypersonic Mach number effect .  Data f o r  
other configurations have shown different  Mach number e f fec ts  and indicate tha t  
the r e su l t s  are strongly dependent on configuration. Because the results pre- 
sented herein are only i l l u s t r a t i v e  and since complete data at  a Mach number 
of 3 are not available, the remaining discussion is  pr incipal ly  coacerned with 
the  data a t  a Mach number of 3,  which i l l u s t r a t e  other important aerodynamic 
effects .  

Cc->arison of these data with the data 

f 

The ef fec t  of varying the incidence angle a t  a Mach number of 3 ( f ig .  7) 
for a selected nondimensional spacing of 0.13 f o r  both the first and second stage 
i s  snown i n  figure 9. The so l id  curves i n  t h i s  f igure are from figure 7 at  zero 
incidence angle. For the  second stage, increasing the incidence angle caused a 
large negative increment i n  the pitching-moment coefficient which would cause the 
--I C = " O Z ~  :%age zc tend t o  nose down. For the f i r s t  stage, however, the exact oppo- 
s i t e  occurred, t h a t  is, increasing the incidence angle caused a large posit ive 
increment i n  the pitching moment which would tend t o  cause the  f i r s t  stage t o  
nose up. 

Examination of r e su l t s  at other supersonic and hypersonic Mach numbers 
along with schlieren data has l ed  t o  two major conclusions as t o  the source of 
the behavior of the pitching-moment coeff ic ients  as compared with the 
interference-free values. These r e su l t s  a r e  i l l u s t r a t e d  i n  figure 10. T e s t  
conditions correspond t o  a Mach number of 3, angle of a t tack  and incidence 
angle of Oo, and an intermediate spacing. The f irst  conclusion i s  tha t  the 
e f fec ts  on the f i r s t  stage a re  caused by the impingement on t h e - f i r s t  stage of 
the principal disturbance generated by the second stage. Consequently, the 
changes i n  pitching moment, previously shown f o r  the first, stage, are  propor- 

,1 bbt t h e  zzreXg;h of ~ k i s  d i s tubance  znC: the 2res sffecteb.  The seconc 
conclusion i s  tha t  the e f fec ts  on the second stage are  caused by the flaw f i e l d  
from the first stage t o  which must be added the e f fec ts  of the  f irst  re f lec t ion  
of t h i s  pr incipal  disturbance. 

? - -  

The data presented so far have been f o r  the two-stage launch vehicle with 
a lifting-body second stage. The e f f ec t s  of configuration are i l l u s t r a t e d  i n  
figures 11 and 12, which compare t h e  pitching-moment curves f o r  only the upper- 
stage configurations of the two wind-tunnel models shown i n  figure 5. Figure 11 
shows the data presented i n  figure 7 f o r  the.l if t ing-body second stage with the 
addition of one ex t ra  spacing curve; whereas f igure 12 presents data f o r  the 
complete wing-body upper stage of the other  wind-tunnel configuration. The 
pitching-moment curves for  these two vehicle shapes a re  markedly different .  
Also, f o r  the complete wing-body upper-stage vehicle ( f ig .  12), not only i s  the 
stabil i ty during separation changing rapidly (that is, t h e  curves are not 
p a r a l l e l  t o  each other) but a l so  t h e  magnitude of the pitching-moment coeffi-  
c ien t  i s  inconsistent ( t ha t  is, the curves are not  in sequential  order). 



One final aerodynamic effect is illustrated in figure 13. Again, data are 
for only the complete wing-body upper-stage vehicle, and the pitching-moment 
coefficient is plotted against angle of attack for the same nondimensional 
spacings but at a subsonic Mach number (Ma = 0.60). 
at a Mach number of 3 and the interferences are the result of shock-wave 
impingement; whereas the data in figure 13 are at a subsonic Mach number for 
which no shock waves would be anticipated. 
Eight arise in case of a low-speed abort situation. Not only are the curves 
very different from those at supersonic speeds, but the interference is so 
large that it is difficult even to discuss stability. The significance of 
these changes, which depend largely on the dynamic pressures at which separation 
is required, must-be evaluated. 

The data in figure 12 are 

Separation at this low Mach number 

TRAJECTORY FESULTS 

Wind-tunnel data of the type that has been illustrated can be used in a 
two-body tra jectory-simulation computer program (recently developed at the 
Langley Research Center) for evaluating the effects of the interferences. 
zomputer progrm integrates the longitudinal equations of motion for each of 
the vehicle stages and calculates their relative position and attitude. 

The 

The aerodynamic inputs into the program consist of the normal-force, 
axial-force, and pitching-moment coefficients for two vehicle stages at dif- 
ferent relative positions and attitudes when they are in proximity to each 
other. The other important aerodynamic inputs consist of the dynamic deriva- 
tives, %, Cmc;, Czq, and CZ.. These quantities were estimated for each 
vehicle and assumed constant since these derivatives are not presently avail- 
able for two vehicles in proximity. However, the program allows investigation 
cf their effects by verying the magnitude of these quantities. 

a 

The vehicle input data consist of the fixed quantities, the mass, and the 
- 2 L  , ~ , c n  m m c ~ , :  of i n e r t i a  for each of the ve'hicie stages. The quatitles charac- 
xeristic of the trajectory that the launch vehicle is flying are a l s o  used as 
input and consist of the altitude, pitch velocity, flight-path angle, Mach num- 
ber, and angle of attack. These quantities can also be varied. Other vehicle 
input data consist of the initial geometric quantities which give the initial 
position and attitude of the second stage with respect to the first stage, 
namely, i, &, and k. It is a lso  possible to give the first or second stage 
a separation thrust, which can be varied from a longitudinal thrust tc a ver- 
tical thrust. 

Initial attempts to obtain safe separation trajectories by using this pro- 
gram for the three-stage launch vehicle system met with frequent failure because 
the vehicles actually collided. The calcblations showed the stages rotating 
into each other in a time period as little as 0.30 second. 
initial pitch velocities to the launch vehicle did not lessen the possibility 
of collision, although such techniques have often been successful in separating 

- stores from aircraft. Some other possibilities were therefore examined. Some 
of the results from the computer program are used to illustrate the effect of 

Application of 



the  dynaaic derivatives, the i n i t i a l  a t t i tude,  and the dynamic pressure as they 
influence safe separation o r  col l is ion.  The vehicle employed f o r  these calcu- 
la t ions  w a s  the two-stage launch vehicle with the lifting-body second stage on 
-~~l"_ich most of the experimental data presented w a s  concentrated. 

Figure 14  shows the  e f fec t  of the dynamic derivatives f o r  the  two-stage 
TTehicI? system where C, , the  pitching moment due t o  p i tch  rate f o r  the second 

stage, i s  plot ted against % f o r  the f irst  stage. Indicated i n  t h i s  f igure 
a re  the regions where the two vehicles collided, an approximate region where 
they safely separated, and a region of uncertainty as t o  whether the two vehi- 
c les  would col l ide o r  separate. 
current estimates of the interference-free values of % f o r  both the first 

and second stage. These values f o r  t h i s  par t icu lar  vehicle concept are one or  
nore orders of magnitude smaller than the  values needed t o  achieve safe sepa- 
ra t ion  a t  these conditions. For the purpose of i l l u s t r a t i n g  some of the other 
important variables tha t  need t o  be considered t o  achieve safe Separation, f i g -  
-;re 15 shows the type of r e su l t s  tha t  can be generated by select ing a value 
of which l i es  i n  the safe  separation region fo r  both the first and second 

* cic_ce ..-- - ( s c i ~ e r e  synbol, f i g .  lh) and varying the incidence angle and angle of 
attack. Again, the regions of co l l i s ion  and the  approximate regions of safe 
separation are  shown. 

9 

Also indicated i n  t h i s  f igure are the best  

Cmq 

The problem can now be fur ther  narrowed by taking a sui table  safe separa- 
t i on  value for both the incidence angle and angle of a t tack (circular  symbol, 
f i g .  15) and i l l u s t r a t i n g  the e f fec t  of dynamic pressure, as shown i n  figure 16. 
The separation distance (or  t he  distance between the centers of gravity of the 
zwo stages) i n  2 seconds a f t e r  release has been plot ted against dynamic pres- 
sure. 
used i n  the calculations and the  other i s  f o r  the condition i n  which a constant 
ve r t i ca l  downward thrus t  corresponding t o  a r a t i o  of th rus t  t o  weight of 0.1 
has Seen applied t o  the  f i r s t  stage. For the no-thrust condition, at zero 
<:.zziic presswe, the posit ion and a t t i t ude  of the vehicles do not change; and 

&z r e i e t ive ly  high apamic pressures. For the ver t ical- thrust  condition, safe 
sepamtion could r e su l t  at  low dynamic pressures but as the dynamic pressure 
increases there i s  a region of coll ision. A t  the  higher dynamic pressures safe 
separation would a l so  be predicted. 

Two curves a re  presenteh; one i s  f o r  the  condition i n  which no thrust  w a s  

I -, r n,- - -  m,- L .  _ -  --.-LLbl, Lses ~it: ~ ~ C U T .  For %his case, safe separstion can be ex-pectecl only 

CONCLUDING REHARKS 

Preliminary studies have been made of stage separation of reusable launch 
vehicles f o r  which large aerodynamic interferences as w e l l  as a strong dependency 
on the separation maneuver of the dynamic derivatives, the  i n i t i a l  a t t i tude,  and 
the dynamic pressure were evident, 
t he  poten t ia l  of any given system w i l l  require appreciable aerodynanic data and 
c r i t i c a l  t ra jec tory  analysis t o  determine the constraints under which safe sep- 
arat ion may be achieved. It thus appears t h a t  other avenues of approach such 
as t ra jec tory  shaping, vehicle shaping, various thrust ing maneuvers including 
a t t i t ude  control thrust ,  and other auxiliary devices need t o  be considered. 
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6. THE PROSPECTS OF AERODYNAMIC PERFORMANCE GAINS FROM WING 

CAMBER AND TWIST AT LOW KYPERSONIC MACH NUMBERS 

By Ralph L. Carmichael 
Ames Research Center 

SUMMARY 

The optimum camber sur face  for t h e  wing of wing-body combinations i n  
-7hich :he leading edge of t h e  wing i s  supersonic i s  very nearly uncambered. 
Consequently, wing warp cannot s i g n i f i c a n t l y  improve untrimmed l i f t - t o - d r a g  
r e t i o .  However, for wings with cranked leading edges i n  which a por t ion  of 
t h e  leading edge i s  s t i l l  subsonic, a s i g n i f i c a n t  increase  i n  l i f t - t o -d rag  
r e t f o  Fs  t h e o r e t i c a l l y  ava i l ab le ,  even f o r  Mach numbers of 5 t o  6. 

- L OY con’igurations with t h i n  wings operating at low hypersonic Mach 
nu?mers. a symmetrical s ec t ion  i s  aerodynamically superior t o  one with a 
: A ~ :  -zo:;otxe5. secxion. _ -  

INTRODUCTION 

A t  moderate supersonic speeds, t h e  performance of a t h i n  wing may be 
irqroved by t h e  use of camber and t w i s t .  
t r a m p o r t ,  considerable e f f o r t  has been expended i n  t h e  proper choice of wing 
xarr, for t h e  reduction of drag due t o  l i f t .  
*.. u ~ e  pcr5ormance improvements which have r e s u l t e d  from t h i s  use of wing 
warp. 
z ? r q r i a t e  t o  ask whether a s i m i l a r  e f f o r t  is  j u s t i f i e d  i n  t h e  design of 

I n  t h e  development of t h e  supersonic 

This  e f for t  has been j u s t i f i e d  
_ _ _  A ’  

A s  t h e  development of a hypersonic c r u i s e  vehic le  i s  considered, it is 

-.,-,-I- c : nr: c z - - - -  --_ U - G l l t E .  

SYMBOLS 

b span ’ 

CD drag c o e f f i c i e n t  

drag c o e f f i c i e n t  at  zero l i f t  
cDO 

CL l i f t  c o e f f i c i e n t  

Cm pitching-moment c o e f f i c i e n t  

c chord 
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d body diameter 

B.1 altitude 

L/D l i f t - d r a g  r a t i o  

(L/DIw maximum lift-drat r a t i o  

M Mach number 

-b th ickness  

er, f ree-stream v e l o c i t y  

X 9 Y 9 Z  Car tes ian  coordinates 

U angle of a t t a c k  

A leading-edge sweep angle 

WING THEORY 

The computation of t h e  wing sur face  with minimum drag f o r  a given plan- 
form, lift, and Mach number has been t r e a t e d  by various inves t iga to r s .  The 
r e s u l t s  of t hese  ca l cu la t ions  (refs. 1 and 2) are shown i n  f i g u r e  1 f o r  a 
-,-ta wing with 70' of sweep. The drag due t o  l i f t  parameter C D / B C L ~  is  
p l o t t e d  aga ins t  Mach number for a f l a t  d e l t a  wing and f o r  t h e  envelope of . 
l m r  r p1el-s of wings having optimum warp. For f l a t  wings with supersoRic 
Lszf.1-g edge: .  zk5.s prametz- 5s e?ua? TO 0.25, i&,Fle f l a t  vings wtth suSsor5c 
-25  '-LL--F e- --e-- -a= ?&C-*f ----gL?Jez --- G.--x: 0: 

-.-<e s lope .  W'nen t h e  Mach number i s  s u f f i c i e n t l y  high t h a t  t h e  leading edge 
i s  supersonic, t h e  polar  envelope of t h e  minimum drag wings i s  only s l i g h t l y  
d i f f e r e n t  from t h e  polar  of t h e  f l a t  wing. However, a t  lower Mach numbers, 
where t h e  leading edge i s  subsonic, t h e  polar  envelope of minimum drag wings 
i s  s i g n i f i c a n t l y  lower i r r  drag due t o  l i f t  than  t h e  corresponding f l a t  wing. 

- ... . .  c,,/Bc;' bechuse of ; h e ~ r  l o v e r  x<:- 
n. -,". 

WIXG -BODY THEORY 

Recently, a new computational procedure ( ref .  3) has been developed 
which enables one t o  compute t h e  shape of t h e  wing with least drag i n  t h e  
flow f i e l d  of a body which may be a t  angle of a t t a c k .  
t i o n  which may be analyzed i s  i l l u s t r a t e d  i n  f i g u r e  2. 
t aken  from reference  3, i l lust rates  t h e  app l i ca t ion  of t h e  method t o  t h e  com- 
pu ta t ion  of conf igura t ions  with warped wings and bodies. 

A t y p i c a l  configura- 
Figure 3, which i s  

- 



Tnis  procedure has been used t o  determine whether t h e  delta wing with 
supersonic leading edge i n  combination with a l a r g e  fuse lage  could bene f i t  
r'rom ving rrarp. This study was made on a TO0 d e l t a  wing on a c y l i n d r i c a l  
fuselage with a parabol ic  nose. 
Ihosen as a n  appropiate value for a hydrogen fue led  hypersonic t r anspor t .  
The r e s u l t s  of' t h e s e  ca l cu la t ions  ( f i g .  4) i n d i c a t e  very l i t t l e  t h e o r e t i c a l  
p o t e n t i a l  f o r  improvement,. The mean camber surface fo r  minimum drag due t o  
1.- C. Ls essentFailj.  p lanar .  

The diameter-to-span r a t i o  of 0.25 w a s  

2 -7- 

I n  a study of planforms of interest  f o r  supersonic t r anspor t  design, 
Hopkins ( r e f .  4) has noted t h a t  one of t h e  p r i n c i p a l  advantages of t h e  double 
fielta plznform i s  t h e  g r e a t l y  increased p o t e n t i a l  f o r  improvement by use of 

hypersonic speeds on these  cranked leading-edge wings, a leading-edge exten- 
s ion  was added t o  t h e  d e l t a  wing-body configuration previously shown. This 
extension has a sweep angle of 81' which i s  subsonic up t o  a Mach number of 
6.4. This  new conf igura t ion  w a s  s tud ied  i n  t h e  same manner as t h e  d e l t a  con- 
f i g m a t i o n ,  and t h e  r e s u l t s  are summarized i n  f i g u r e  5. The r e s u l t s  i nd ica t e  
t h z t  z s i g z i f i c a n t  anount of drag reduction i s  ava i l ab le  even a t  a Iviich number 
of 5. 

-7 r a rp .  I1 order t o  inves t iga t e  t h e  p o s s i b i l i t i e s  of drag reduction at 

I n  orcler to make these  results more meaningful, es t imates  have been made 
of t h e  zero l i f t  drag of t h e  d e l t a  and double delta configurations considered 
as t y p i c a l  Mach 5 veh ic l e s  c ru i s ing  a t  a n  appropr ia te  a l t i t u d e .  These es t i -  
mztes: coupled with t h e  drag-due-to-lif t  da t a  already computed, enable one 
;o conpxte mzximum l i f t - d r a g  r a t i o s  f o r  t h e  f l a t  and warped vers ions  of t hese  
planforms. The L/D improvement f o r  t h e  d e l t a  i s  negl ig ib le ,  but t h e  double 
d e l t a  does have a p o t e n t i a l  f o r  improvement of about 0.13 i n  l i f t - d r a g  r a t i o ,  
as snoxn i n  f i g u r e  6. 
l i f t - d r a g  r a t i o .  

T h i s  represents  a n  improvement of about 3 percent i n  

CHOICE O F  WING SECTION 

- -  r .  
r -  -LllE ,-,c .rL-L.c - c  --- :::s -3L1:!;.. 2 C L 1  :grcXicY,? ,!?E :npz'7 C~IT,TIC ' i  - , - I - ;  - - - - - - -  - 

-.. i__- L _c.. u- 

s ,zface zas found to be nearly p lanar .  T h i s  r e s u l t  i s  apparently i n  c o n f l i c t  
w i t h  a well-known result of hypersonic wing theory  (refs. 5 and 6) which holds 
t h a t  t h e  best wing i s  f la t  on t h e  lower sur face ,  thereby having p o s i t i v e  
camber. The r e s o l u t i o n  of t h i s  apparent paradox may be accomplished by con- 
s i d e r a t i o n  of f i g u r e  7 ,  which i s  adapted from reference  5. Here a symmetri- 
c a l  double wedge a i r f o i l  4 percent t h i c k  is  compared w i t h  a sec t ion  t h a t  
has t h e  same th ickness  d i s t r i b u t i o n  but cambered s o  as t o  have a f lat  lower 
surface.  Shock-expansion theory was used t o  ca l cu la t e  drag po la r s  at seve ra l  
Mach numbers. A t  Mach numbers of 2 alnd 5, t h e  symmetrical s e c t i o n  i s  supe- 
r i o r ,  h-hile a t  Mach numbers of 10 and 20, t h e  flat-bottomed sec+,ion i s  supe- 
r i o r .  The s i g n i f i c a n t  result ind ica t ed  here  i s  t h a t  f o r  a Mach number of 5 
and a th ickness  r a t i o  of 0.04, t h e  symmetrical s ec t ion  i s  indeed super ior .  
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7. STUDIES OF OPTIMUM BODY SHAPES 

By Louis S. St ive r s ,  Jr. 
Ames Research Center 

and 

Bernard Spencer, Jr. 
Langley Research Center 

SUMMARY 

The present study was d i r ec t ed  toward t h e  questions t h a t  arise i n  t h e  
app l i ca t ion  of 'optimum bodies t o  t h e  design of hypersonic-cruise a i r c r a f t .  
Tb _ _ _ _  p consideretions were divided i n t o  two p a r t s .  The f irst  involved t h e  c a l -  
0 - 9  - L G U L a  ,?la- xlnimux-&ag c h a r a c t e r i s t i c s  of' f ou r  fami l ies  of slender bodies f o r  
Xez5 mmbers from 2 t o  12. 
or" t h e  e f f e c t s  of body cross-sec t iona l  shape on t h e  aerodynamic performance 
a_' JoSies ex  s biack number of 10. The cons t r a in t s  i n  each study were body 
length  and volume, although the constant values are d i f f e r e n t  i n  each pa r t  of 
t h e  study. 

The second concerned the  experimental evaluation 

INTRODUCTION 

Hydrogen-fueled hypersonic-cruise a i r c r a f t  r e q u i r e  very l a r g e  volume 
bodies, mainly t o  accoinmodate t h e  low-density l i q u i d  fue l .  Such bodies 

=.~k cs-i be usef'uul i n  providing s i g n i f i c a n t  cont r ibu t ions  t o  t h e  l i f t  of t h e  

._ - _  _ _ _ _  _ _ _  - _ _ _  L _ _  .__ - c c  %E :he ciesigriez-. Arc;en-L"_on i s  ge i2e~e-q  giver, t o  
d--= i___ - 5cL';- -.'---- - r .5  ,._ L.-~~,~e-Crs& body p r o f i i e s .  Sucn p r o f i l e s  nave been 

bers .  (See r e f s .  1 t o  5 . )  The app l i ca t ion  of  t hese  p r o f i l e s ,  however, i n t r o -  
duces many questions t h a t  must be answered. Some of t hese  are: What p r o f i l e  
should be used? Should it be one derived f o r  low-supersonic Mach numbers o r  
one derived f o r  fiypersonic Mach numbers? 
s ince  by t h i s  means t h e  wave drag can be reduced f o r  a body of given length  
2nd volume? Khat i s  t h e  e f f e c t  of c ross -sec t iona l  shape? Can t h e  cross- 
s e c t i o n a l  shape be a l t e r e d  appreciably t o  provide improved l i f t  cha rac t e r i s -  

F .-.-,use C O T  05 their s i z e  are espec ia l ly  una t t r ac t ive  from t h e  standpoipt of drag, 

s..Y.q,?*r--I --- -_ -- Y * - do?:; profiiles t h a t  provide minimum drag or maximum l i f t ,  or  both, 
_ _  . -  - -  = - -  _I - - - n . ,  c -  - ..--n*c=- 

6el-i7JC2d for use -supersonic, hypersonic, and low-hypersonic Mach num- 

Can some base area be permitted, 

L .  of t h e  bofiy without s e r ious ly  a f f e c t i n g  t h e  drag c h a r a c t e r i s t i c s ?  

It i s  t h e  i n t e n t  of t h i s  paper t o  provide a f e w  answers t o  these ques- 
t i o n s .  This  w i l l  be done i n  two p a r t s .  The first p a r t  has been prepared a t  
t h e  Ames Research Center and dea ls  with t h e  ca lcu la ted  minimum-drag character- 
i s t i c s  of four families of s lender  bodies. The second has been prepared at  



t h e  Lengley Research Center and i s  concerned with t h e  experimental e f f ec t s  
of body cross-sect ional  shape on t h e  aerodynamic performance of bodies. 

NOTAT IONS 

5 
3 
- 

2 
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span 03 body base 

drag coef f ic ien t  

minimum-drag coef f ic ien t  

drag coef f ic ien t  at zero l i f t  

l i f t  coef f ic ien t  

l i f t  coef f ic ien t  for  maximum l i f t  -drag r a t i o  

l i f t - c u r v e  slope, dCL 

pi tching -moment coef f ic ien t  

height of body base 

body Cutoff, 1 - - ' , amount of afterbody port ion of f u l l y  
20 

closed body cutoff t o  provide a body w i t h  a base; 0 for  a 
f u l l y  closed body and 0.5 for  a body with maximum diameter 
a t  t he  base 

CL ' F  l i f t  -drag r a t i o  

rELx maximum L i f t  -drag r a t i o ,  

a c t u a l  bo@. length 

length of ful ly  closed body, v i r t u a l  length 

Mach number 

exponent of power body equation, 7 = S n  

Reynolds number based on body length 

body radius  

maximum body radius  



v volume of body T r  

x l ong i tud ina l  d i s tance  along bo% a x i s  

‘7 - geonet r ic  a l t i t u d e  

c. zxgle of Pftack, deg 
r 

i dixensionless r a d i a l  coordinate of body, - 
r0 

X dimensionless l ong i tud ina l  coordinate of body, - 
2 0  

RESULTS AND DISCUSSION 

Celzuleted Minimum Drags of Slender Bodies 

The t o t a l  drag c h a r a c t e r i s t i c s  of four f ami l i e s  of slender bodies a t  
re:-~ iczz”e~ce ;:ere c a l c d z t e d  for  Mach numbers 3 o m  2 t o  12. The length and 
volume of each of t h e  bodies were he ld  constant such t h a t  V = 0 . 0 0 2 6 5 5 ~ ~ .  
Fineness r a t i o s  of t h e  bodies ranged from about 12.5 t o  14. The study of 
re ference  6 has shown t h a t  f ineness  r a t i o s  within t h i s  range are t h e  most 
fevoreble for hyper sonic t r anspor t  a i r c r a f t .  

. . -  

Body families.- Each family i s  composed of a series of bodies having 
var ious  base a reas  formed by c u t t i n g  of f  given amounts of t h e  afterbody of a 
f u l l y  closed body. This i s  i l l u s t r a t e d  i n  f i g u r e  1. The f u l l y  closed body 
et t h e  top  of t h e  f i g u r e  has no cu tof f  and i s  designated k = 0. To form t h e  

s ixe tched  t o  such an extent t h a t  wnen 0.1, 0 .3 ,  and 0.5 of t h e  v i r t u a l  lengths 
-:ere cut o f f ,  eech r e m i n i n g  body had t h e  same length and volume as t h e  o r ig -  
<rial closed. body x-i tk  30 cu to f f !  but eack had d i f f e r e n t  amounts of base erea. 

x 5 e r  chis errangement of body cu to f f s .  

0” u - ~ e ~  ‘n SodTes, t h e  same closed p r o f i l e  w a s  ad jus ted  i n  diameter and was 

c f ” _ l e ~  :-$;‘5 seLec;eL :c >z-:e 7 j - c  cpe c.iffpL-eg:, fari,illes - - - 

1. The Sears-Haack p r o f i l e  optimized f o r  a given length  and volume 
(refs. 2 and 3) and defined by t h e  equation: 

2. A parabolic-arc p r o f i l e  defined by t h e  equation! 



3 .  One of Mieie's p ro f i l e s  optimized fo r  a given surface area and 
volume ( re f .  7 )  and def ined by t h e  equation: 

-. P -.LE '_ 

( r e f .  l; and defined by ei ther  of t he  equations: 
voc iC&rrd,n p r o f i l e  optimize6 f o r  n given length ar,d d i a w t e r  

q = [cos-'(l - 45.) - 2(1 - 45),/25(1 - 2 5 ) j  
71'2 1 

or 

where 

5 = f (1 - cos e )  

0 < 5 < 0.5 I - -  
J 

The af terbohies  of the  last  two p ro f i l e s  are undefined by t h e  equations ( i . e . ,  
for 0.5 < 5 < l.O), but each has zero p ro f i l e  slope a t  5 = 0.5. There- 
fore ,  each p r o f i l e  was placed back-to-back i n  order t o  form a closed basic 
body a 

The contours for  t h e  k = 0.5 bodies of each family are shown i n  f i g -  
ure 2 .  I n  t h i s  f igure  r/l  i s  p lo t t ed  t o  an expanded sca le  versus x / l .  
The Sears-Haack contour i s  t h e  f u l l e s t  for  the  smaller values of x / l  and 
k c  :he smilest radius  a t  the  base ( i . e . 7  a t  A s t r a igh t - l i ne  

2 .n  5s  a l s c  c,'?c--n iz t 5 f z  f i g r e  f o r  2 cone having the same length and 
- - -  c-. ._L .i tf - v =  " _ _ _  _ _  ,; = (-a: . DuC,Y~S.  Tr, ic  ccne iier T , ~ E  i ees~ ,  ra t11  for zhe 1ob:er 
values of x/Z of any of t h e  bodies, and the g rea t e s t  radius  a t  the  base. 
The contours for t he  other bodies are generally d i s t r ibu ted  between t h e  l i m i t s  
of t h e  Sears-Haack and cone p r o f i l e s .  
k = 0.5 bodies of each family, calculat ions were a l s o  made fo r  a 3/k-power 
body (7 = E 3 / * )  and a cone (7 = f )  both of which were r e s t r i c t e d  t o  t h e  same 
length and volume as t h e  other bodies. 

x/2 = l.O',. 
. -  

For comparison with t h e  data  for  t h e  

Minimum-drag coeff ic ients . -  The calculated minimum-drag coef f ic ien ts  for  
a l l  t h e  bodies are based on a f i c t i t i o u s  wing area  equal t o  0.076952~ or 
4.013V2'37 and have th ree  components: 
f r i c t i o n  drag. The wave-drag component was computed by in tegra t ing  t h e  pres-  
sure d i s t r ibu t ion  over t he  body which was machine calculated by t h e  method of 
cha rac t e r i s t i c s  according t o  t h e  procedure of reference 8. This procedure, 
however, w a s  modified t o  accommodate pointed bodies. The base-drag component 
w a s  computed by t h e  procedure of Love, as reported i n  reference 9, extended 
t o  hypersonic Mach numbers. The computations of skin f r i c t i o n  were made 

wave drag, base drag, and skin- 



pniapTnmm r A T 

according t o  che Spalding-Chi procedure (see ref. 10) and f l a t - p l a t e  skin- 
f r i c t i o n  c o e f f i c i e n t s  cor rec ted  t o  a body of revolution, using Reynolds 
nuniners determined by a n  assumed length  of 300 feet and f o r  t h e  a l t i t u d e s  

3 f l i g 3 t  p r o f i l e  f o r  hypersonic a i r c r a f t  given i n  t h e  following t ab le .  

z, f t ~ i o - ~  57.5 70 88 101 111.5 

The e f f e c t  of body cu tof f  f o r  each family of bodies i s  shown i n  f i gu re  3 
fo r  Hzch ?umbers of 2, 4, and 12. I n  t h i s  f i gu re  ca l cu la t ed  to ta l -drag  coef- 
f i c i e n t  i s  p l o t t e d  versus body cu to f f ,  k. Drag c o e f f i c i e n t s  f o r  t h e  
3/4-power and cone bodies are p l o t t e d  along t h e  
number i s  increased t h e  minimum-drag coef f ic ien t  corresponds t o  increasing 
Tsralues of body cu to f f .  For each Mach number t h e  minimum-drag coe f f i c i en t  is 

5rzg coe f f i c i en t s  f o r  any of t h e  bodies, however, a t  a Ykch number of 12.  

k = 0.5 l i n e .  A s  t h e  Mach 

S E C  0"" ,-G,oS ,J- v i t h  t h e  Sears-Haack p r o f i l e .  There i s  l i t t l e  d i f fe rence  i n  t h e  

&eg coeff2icients f o r  t h e  Sears-Haack bodies a r e  p l o t t e d  i n  f igure  4 
versus Mach number f o r  constant values of k.  The drag coe f f i c i en t s  fo r  t h e  
cone are a l s o  presented f o r  comparison. A t  Mach numbers from 2 t o  5 t h e  
b a g  coe f f i c i en t s  f o r  t h e  k = 0.3 and 0.5 bodies a r e  undesirably la rge .  Low 
&rzg coe f f i c i en t s  over t h e  range of Mach numbers from 2 t o  12 are provided 
ky t h e  smaller values of body cu to f f .  A t  t ransonic  Mach numbers, however, it 
i s  l i k e l y  t h a t  no body cu tof f  would be des i rab le .  

A breakdown o f . t h e  to t a l -d rag  c o e f f i c i e n t s  f o r  t h e  k = 0.1 Sears-Haack 
body i n t o  t h e  t h r e e  components i s  shown i n  f igu re  5, where drag coe f f i c i en t  
- c  _-  ?,lotted - - -  Mach number. The v e r t i c a l  height of each shaded band cor- 
resnonde t o  the  mgni tude  of t h a t  component. The s k i n - f r i c t i o n  and wave-drag 

one::zs z - 2  or" t h e  same order 05' magnitucie over t h e  range of Mach numbers 
r -  *I  . - . -  ::-+ __. - ---. E, -.zt.:-, nuzkle- of 2-2 t h e  Szse-dzzg c o n p n e r t  5.2 ~ z - ~ F z c L e r l y  SEX 

. - -  _ _ _ _ _ _  wi c _ _ _  - - - Z . ~ - . ~ ~ L ~ -  ~ ~ I L L  c a e  z rez  of th i , s  boEy. For tile cone a; this - . -  - -  - r ? , . , c -  r -.-- - -.*= - - -  --- 
I, . i . ~ c z  PumSer, t h e  base-drag component i s  g rea t e r  than t h e  corresponding wave- 
&rag component. This  wave-drag component f o r  t h e  cone i s  only s l i g h t l y  less 
than  t h e  wave-drag component f o r  t h e  k = 0.1 Sears-Haack body shown i n  t h i s  
f i g u r e .  

I n  summary, t h e  ca l cu la t ions  show t h a t  f o r  Mach numbers from 2 t o  12 t h e  

Further,  it appears t h a t  a body with a small base area would pro- 
Sears -Raack p r o f i l e  provides t h e  lowest t o t a l -d rag  coe f f i c i en t s  at zero 
izcidence.  
v5de lor,: t o t a l -d rag  c o e f f i c i e n t s  over t h i s  range of Mach numbers. Drag con- 
a i k r a t i o n s  at t ransonic  Mach numbers, however, would d i c t a t e  t o  a g rea t  
ex ten t  t h e  a l lovable  base area f o r  a n  a i r c r a f t  body. 



Effects  of Body Cross-sectional Shape 

I n  t h i s  portion of t h e  paper, methods are examined f o r  improving the  
L Y t  end drag-due-to-lift charac te r i s t ics  a t  hypersonic speeds of various 
k = 0.5 bodies, t h a t  is, bodies having maximum cross-sectional areas at  t h e  
base. 
of i? give-_lergth arzd volume have a l s o  been imposed on each bod-y such t h a t  
il = 9.01-2”. Tir.,enes= r e t i o s  of these bodies ranged from about 5 t o  7 .  
3ecause t h e  fineness r a t i o s  are low and t h e  bases of t h e  bodies a re  large,  
such bodies a re  primarily applicable as l i f t i n g  reentry bodies. I n  t h e  
present paper, however, the  experimental results are used t o  i l l u s t r a t e  t he  
eerodynamic t rends t h a t  may result from changes i n  the  cross-sectional shape 
of t he  forward portion of the  fuselage of hypersonic-cruise a i r c r a f t .  

I n  t h i s  study of body cross-sectional shape the  geometric constraints  
-- 

E l l i p t i c  cross section. - Most analyses t o  determine optimum pro f i l e s  of 
minimum wave-drag bodies a t  hypersonic speeds have been l imited t o  bodies of 
c i rcu lar  cross sect ion (see ref.  4 ) .  

p o v i d e  be t t e r  performance a t  high super sonic speeds because of improved 
Crag-due-to-lift charac te r i s t ics .  For t h i s  reason, Suddath and Oehman inves - 
Lig&:eC. profiles of miriimum wave &rag having e l l i p t i c  cross section. The 
r e s u l t s  of t h i s  invest igat ion,  reported i n  reference 13, indicated t h a t  t h e  
normalized d i s t r ibu t ion  of cross-sectfonal area of an optimum body i s  rela- 
t i v e l y  insens i t ive  t o  var ia t ions  i n  e l l i p t i c i t y ,  and fur ther ,  t ha t  the  wave 
drag does not change fo r  moderate values of e l l i p t i c i t y .  I n  an e f f o r t  t o  
explain t h i s  i n sens i t i v i ty  Miele analyzed t h e  problem using a slender body 
approximation t o  t h e  Newtonian pressure r e l a t i o n  (ref. 14), and found t h a t  a 
Eimilari ty l a w  e x i s t s  for  optimum hypersonic bodies. It w a s  found t h a t  t h e  
function which describes t h e  .optimum longi tudinal  contour of a body of arbi- 
t r a r y  cross sect ion i s  iden t i ca l  t o  the  function which describes the  optimum 
longi tus ina l  contour of a body of c i r cu la r  cross sect ion.  

Experimental s tudies  reported i n  r e f e r -  
F;nnpr 11 and 12, however, have shown t h a t  bodies of e l l i p t i c  cross sect ion 

- -  

- ssperimentei s tud ies  a t  a Mach number of 10 have been made both t o  ver i fy  
‘v‘c ,---2 - 

i_ _ _ _  G--Ls L ~ z r i  ~ F . C L L % E  ar.6 t o  examine t h e  e f f ec t s  of e l l i p t i c a l  C T O E E  see- 
- - lb.-= ,̂_ - DL zLe z e - 5 c r m a r - z ~  of mo-,;er-iai: bocies 
FLles determined under the  constraints  of a given length and volume. 
ref. 15.) Sears-Haack p ro f i l e s  were not included i n  these experiments. 

mCi o9timuz .hypersor,ic 505;- >TO- 
(See 

A sumnary of t he  experimental ze ro - l i f t  drag charac te r i s t ics  of a series 
of power-law bodies of c i r cu la r  and e l l i p t i c  cross sect ion are shown i n  
f igu re  6 fo r  a Mach number of 10. Also shown a re  corresponding experimental 
~ a g  coef f ic ien ts  f o r  t h e  optimum bodies, as determined fo r  a c i rcu lar  cross 
sect ion i n  reference 4, and f o r  an e l l i p t i c  cross sect ion i n  reference 13. 
The e l l i p t i c  bodies sho-wn had major-to-minor axis r a t i o s  of 2.0. 
l i f t  drag coef f ic ien ts  are only t h e  measured foredrag coeff ic ients ;  t h a t  i s ,  
t h e  base-drag corrrponent i s  not included. Such drag coef f ic ien ts  have been 
normalized with respect  t o  the corresponding data for  a c i rcu lar  cone. The 
da ta  f o r  t he  power-law bodies are indicated by t h e  symbols and are p lo t ted  
against  power-body exponent. 
optimum bodies are indicated by t h e  arrows since these bodies do not corre-  
spond t o  any power -body. exponent. 

The zero- 

The leve ls  of t h e  experimental data fo r  t h e  

- 



The minimum-drag coef f ic ien ts  fo r  t he  power-law bodies correspond t o  an 
exponent of n = 2/3. 
when t h e  analysis  i s  r e s t r i c t e d  t o  power-law bodies. 
these minimum drags correspond t o  a n  exponent of 2/3 for  both t h e  c i rcu lar  
a96 e l l i p t i c  cross sections,  Miele's s imi l a r i t y  l a w  i s  ver i f ied .  The values 
of t h e  zero- l i f t  drag associated with t h e  optimum c i rcu lar  and e l l i p t i c  body 

-::E greazer krag for  t h e  e l l i p t i c  bodies i s  apparently due t o  t h e  increased 
s H n  f r i c t i o n  associated with the  greater  wetted area. 

This i s  t h e  theo re t i ca l  value for  an optimum p r o f i l e  
(See ref. 16.) Since 

- :--e?ec h c z e  s l igh t ly  lower thar! t h e  minimum values for  t h e  power-lag bodi=.s. 
-. 

L i f t  and maximum lift -drag r a t i o  charac te r i s t ics  fo r  t h e  same power-law 
a.nd optimum bodies a re  shown i n  f igure  7,  a l s o  for a Mach number of 10. The 
grea tes t  maximum l i f t  -drag r a t i o s  occur for t h e  same power-law bodies having 
t h e  lowest zero- l i f t  drag coef f ic ien ts .  A change i n  cross sect ion from c i r -  
cular  t o  e l l i p t i c  results i n  an almost constant incremental increase i n  maxi- 
mum l i f t - d r a g  r a t i o  fo r  any of t h e  bodies. This results from t h e  improved 
l i f t  charac te r i s t ics  of t he  e l l i p t i c  bodies which more than compensate for 
t he  increased drag. The maximum l i f t - d r a g  r a t i o s  for the  optimum bodies a r e  
e s sen t i a l ly  the  same as t h e  corresponding r a t i o s  fo r  t h e  2/3-power bodies. 

Other cross sect ions.-  I n  a n  attempt t o  improve fur ther  t h e  performance 
of bodies a t  hypersonic speeds, addi t iona l  experimental s tudies  have been 
made on a series of flat-bottomed bodies which have longi tudinal  d i s t r ibu t ion  
of cross-sectional areas iden t i ca l  with tha t  of t he  optimum body derived by 
Eggers, Resnikoff, and Dennis (ref.  4) .  
a r e  presented i n  f igure  8. 
t h e  top  r i g h t  of f i gu re  8. 
o? t h e  rectangular,  t rapezoidal ,  and t r iangular  bodies. For each body includ- 
ing a reference body with e l l i p t i c  cross  sect ions having a major-to-minor 
ex is  r a t i o  of 2, t h e  span of t he  base, t he  base area, the  length,  and t h e  
volzme ka-,re a i l  been held constant, t he  only var iables  being body height and 
cross-sectionel shape- S t r i c t l y ,  t he  s ign i f icant  var iable  i s  the  angle t h a t  
753 l z t e r a l  feces =eke w i t h  respect t o  t h e  f l a t  bottom. It i s  apparent, 
p,c--c--=y A'-- -  -.*< 1- - _ _  . v . . - z L  ~ . i g l e  -r?.:%es - - i?h  bo?;- 525gh-b. 

The results of these recent s tud ies  
The flat-bottomed body p r o f i l e  i s  i l l u s t r a t e d  a t  
Direct ly  below are t h e  cross sect ions at t h e  base 

A summry of t h e  r e s u l t s  of t h e  experimental s tudies  i s  shown on t h e  
l e f t  sid'e of f igure 8 fo r  a Mach number of 10. The data have been normal- 
ized with respect t o  t h e  corresponding data  for  t h e  reference body with 
e l l i p t i c  cross sect ions.  Values of C 9 CDmin, and (L/D) - a r e  L( L/D) - 
shom as a function of dimensionless base height. 
ilzcreases as  the  base height i s  increased. This results from t h e  la rge  
increases i n  l i f t  occurring at (L/D)max. 
t h e  measured drag coef f ic ien t  

It i s  obvious t h a t  (L/D),, 

There w a s  essent ia l ly  no change i n  

An examination of t h e  pitching-moment charac te r i s t ics  of each of t h e  
f l a t  -bottomed configurations ind ica tes  unfavorable ( t h a t  is, negative) pi tching 
moments a t  zero l i f t ,  as would be expected f o r  the  camber of these bodies. 

without I n  order t o  examine t h e  poss ib i l i t y  of providing a favorable 
lncurr ing la rge  pena l t ies  i n  performance, one of t h e  t rapezoidal  configura- 
t i o n s  was modified by a reversa l  i n  camber by shearing the  cross  sections.  

cmo 
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C O P I D E E I L  

This resul ted i n  a f la t  topped body with maximum width retained on the lower 
surface, as i l l u s t r a t e d  i n  f igure 9. The r e su l t s  of t h i s  modification a re  
presented i n  t h i s  f igure where pitching-moment coefficient and l i f t -drag r a t i o  
=re plot ted as a function of l i f t  coeff ic ient .  A favorable C,, and var ia-  
t i on  of pitching-moment with l i f t  were obtained by the  camber reversal. There 
was l i t t l e  or no corresponding change i n  (L/D),, or lift a t  (L/D)-, and, 

&5@J. A w ~ o r i ,  20 measurable e f fec t  on C 
'mi ii 

I n  summary, a prudent selection of cross-sectional shape and camber of 
t he  forward portion of the  fuselage of hypersonic-cruise a i r c r a f t  may s ignif  - 
speeds. 
7 -  I-antlx improve the  aerodynamic performance of such bodies a t  hypersonic 

CONCLUDING REMARKS 

The present study w a s  concerned with providing some of the answers t o  
guestions that  a r i s e  i n  t he  application of optimum bodies t o  the  design of 
kiypersofiic -cruise a i r c r a f t .  This study involved the calculated minimum-drag 
character is t ics  of four families of slender bodies, and the  experimental 
e f fec ts  of body cross-sectional shape on the  aerodynamic performance of 
bodies. 
volume has been imposed on the bodies involved, but the constant values a re  
different  i n  each par t .  

I n  both par t s  of t h i s  study the  r e s t r i c t ion  of a constant length and 

The calculations of the drag character is t ics  of the  famil ies  of slender 

It appeared, 
bodies have shown tha t  for Mach numbers from 2 t o  12, the Sears-Haack prof i le  
pov ides  the lowest total-drag coefficients a t  zero incidence. 
@so, tha t  t h i s  prof i le  with a small base area would provide low total-drag 
coefficients over t h i s  range of Mach numbers. The allowable base area for an 
z?czz3  body, hovever . b~ould be dictzted largely by drag considerations a t  
---r - C r i - :  r -??p.r F - d m - i - . = , v c  -+zL.--  __-r-- -1 .'A 1- i . 

The experimental r e su l t s  for a Mach number of 10 concern bodies having 
various cross-sectional shapes. These r e su l t s  indicated tha t  the careful  
choice of cross-sectional shape and camber for  the  forward portion of the  
fuselage of hypersonic-cruise a i r c ra f t  may s ignif icant ly  improve the  aer.ody- 
namic performance of such bodies a t  hypersonic speeds. 

It remains t o  be determined whether o r  not the r e su l t s  of both par ts  of 
t h i s  paper w i l l  be s ignif icant ly  a l t e r ed  when the  body i s  combined with a 
wing . 
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ILLUSTRATION OF BODY CUTOFFS 
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EFFECT OF BODY CUTOFF 
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DRAG CHARACTERISTICS FOR SEARS-HAACK BODIES 
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DRAG COMPONENTS FOR k=.I SEARS-HAACK BODY 
a=oO 

,008 - 

.006 

.004 

.002 

0 
2 4 6 8 IO 12 

M 

Figure 5 

DRAG CHARACTERISTICS 
FIXED VOLUME AND LENGTH 

R = 1.4~10~ k z . 5  
1 M = 10.0 

1.5 

r* 
B-b 

8 

RATIO 

* OPTIMUM 
* OPTIMUM 

0 .25 .50 .75 1.00 
POWER BODY EXPONENT, n 

ELLIPTIC 
CIRCULAR 

Figure 6 

99 



L I F T  

1.5 

(LID) MAX I .o 
(L/D) MAX [CONE] 

.5 

cLcY 

C [CONE] 
La 

-- C OPTIMUM ELLIPTIC -- p -OPTIMUM CIRCULAR 

2 
I '  

- 

I I I I 

AND' PERFORMANCE CHARACTERISTICS 
FIXED VOLUME AND LENGTH 

M= 10.0 

ELLIPSE 

0 

Figure 7 

MINIMUM WAVE- DRAG BODIES 
FIXED VOLUME AND LENGTH CROSS-SECTION EFFECT 

M.10.0 R2=1.4x IO6 kz.5 

BODY PROFILE I 

'L (LID) MAX 

C'( L, MAX /ELLIPSE j 

CDMIN 
C D ~ ~ ~  [ELLIPSE] '.O0 

.95 

(L/D)MAx 

(L/DIMAX [ELLIPSE] 
1.0 
0 .4 .6 .8 
BODY BASE HEIGHT TO 

SPAN RATIO, h / b REFERENCE 

Figure 8 



MINIMUM WAVE-DRAG BODIES 
FIXED VOLUME AND LENGTH CAMBER EFFECT 

‘OMIN 
0 .0135 
0 .0135 

-.Ol - 
- 

-. I 0 * I  .2 .3 .4 
LIFT COEFFICIENT, CL 

Figure 9 

101 





~,(>@?TTRlVTT P.T I 

8. R STUDY OF NUMERICAL MEX’HODS FOR PREDICTING FLOW 

ABOUT BODIES AT ANGLE OF ATTACK 

By W i l l i a m  F. Gallo, John V. Rakich, 
and Joseph W. Cleary 
Ames Rzsearch Center 

Four separate theo re t i ca l  methods have been used t o  calculate  the shock 
layer  of sharp and blunt-nosed 15’ cones a t  s m a l l  angles of a t tack:  (1) a 
f u l l y  three -dimensional method of charac te r i s t ics  developed a t  Ames Research 
Center (as ye t  unpublished) ; (2) the  l inear ized  method of charac te r i s t ics ,  
similar t o  tha t  used i n  Kopal’s tab les ;  (3) an exact numerical solution f o r  
? m e r  ?q- K. I. Babenko; and ( b )  a so-called equivalent body method. 

Predictions from t h e  four  methods a re  compared with data  and regions of - .  - . - .  
zz’z.~cz::--::;- .._ ere sugges-Ged. The equivalent body method appears t o  be most 
applicable i n  blunt-nose regions, whereas the l ineasized charac te r i s t ics  
method gave good r e s u l t s  on moderate fineness r a t i o  bodies w e l l  downstream of 
“,he nose. 

INTRODUCTION 

Knowledge of the  e f f e c t s  of  angle of a t tack  on the flow f i e l d  over 
>;,Tersonic vehicles i s  of fundamental importance t o  designers i n  predicting 
aeroaynarnic Ferfomance. Before these e f f e c t s  on more complex vehicles are  

_ r l _ _ _  - . - . - Y - 9 - 6 L ~ ~ C E  p c  

e:, E S T ~ ~  of  aztack. Accordingly, the present study appl ies  four  separate 
zheorezical  methods t o  determine some of the  e f f e c t s  of angle of a t tack  on the 
flow f i e l d  within the  shock layer of 1-5’ cones. The methods are  a l l  inviscid;  
therefore ,  boundary-layer e f f e c t s  are  neglected. An attempt is  a l so  made t o  
point  out  some of -the advantages and disadvantages of  the methods. Some 
zspects of  this study are more ful ly  covered i n  references 1 and 2. 

-, _ _ _  r d=v ----ood c - f t  5s e s s e n t l z l  t o  s k d y  the flows over basic  shapes. Although 
e:: theory a35 experil?iert ha-re beet nade 0: surface _..-__ 

--_l^ ..- -n- _ _  _ _ _  - _ _ L  = c *  1- ,-2 :-E? *2ee_r. s a l 6  55’ ;he f i o w  i n  :he snGcB layer,  especiail3- - -  

SYMBOLS 

P - Pa 
p i t o t  pressure coeff ic ient ,  

s, 
C 
pp 

L- length 



-Go;w-w..-- 
Mach nurriber 

pres sure 

dynamic pressure 

nose radiuL 

velocity 

crossflow velocity 

rectangular coordinates 

angle of a t tack 

distance normal from the body surface 

azimuth coordinate 

M 

0 

1 

03 

Sub s c r  i p t  s 

zero order variable from solution of axispimetric flow 

f i rs t  -order perturbation variable 

f r ee  stream 

EJUMERICAL METHODS 

- ._ se;z;.r~:e Cheore t lcaL  nethods vhick yield f low-field results f o r  . .  - - - -  ---,.-,,.^--A- .._._._ z u - - u  m 5 1 e z  %t a ~ g k  cI" accacl; are ic-,ieE;lgsted. The f l r s t  theore;- 
L c a l  me-lnod considered i s  a f u l l y  three-dimensional method cf character is t ics  
developed a t  Ames by John Rakich and as yet unpublished ( f ig .  1). It may be 
considered a standard upon which the other theore t ica l  methods are compared. 
The second method i s  the l inearized method of character is t ics ,  an approximate 
method which has been usgd previously t o  obtain the f i r s t -order  e f fec ts  of 
angle of a t tack i n  the supersonic portion of flow over bodies of revolution. 
This method i s  s imilar  t o  tha t  used by Kopal and Sims ( re fs .  3 and 4) f o r  the 
special  case of pointed cones. I n  essence, the l inear  term of a power ser ies  
i n  angle of a t tack a i s  added t o  the zerq-angle-of-attack solution. The 
present r e su l t s  improve upon t h i s  by including second-order terms i n  the 
velocity re la t ion  i n  figure 1. 
t ion  f o r  cones ( r e f .  5 ) .  
e f f ec t s  i n  contrast  t o  the  l inearized method. The present r e su l t s  are an 
extrapolation of published tabulated values from M = 7 t o  10.6. 
method i s  termed here, f o r  purposes of discussion, the equivalent body method, 

- which i s  similar i n  concept t o  the tangent-cone approximation. It applies the 

The th i rd  method i s  an exact numerical solu- 
This method fully accounts f o r  the three-dimensional 

The four th  
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aeznod of character is t ics  t o  an yisymmetric body a t  zero angle of attack, t o  
simulate the flow in'a plane about a similar shaped body a t  angle of attack. 
That i s ,  the flow on the windward surface of a 1-5' cone a t  5' angle of a t tack 
5s zpproximated by the flow on a 20° cone a t  Oo angle of attack. Of course, 
znis approximation neglects crossflow ef fec ts  and i s  generally limited t o  the 
plane of  f l o i r  symmetry. 

EXPEBIMENTAL COMPARISONS 

Figure 2 shows a comparison between experimental p i t o t  pressure data 
;aker, O:I the ididward side of a 15' half -angle sharp cone a t  10' angle of 
a ~ t a c k  and the four theories discussed. Distance 7 i s  normalized by the x 
dlstance from the nose t o  the probing s ta t ion.  Data are shown normal t o  the 
body from the surface t o  the shock and were taken a t  two s ta t ions,  x/L = 0.27 
and 0.78. The Mach number considered i s  10.6. Three of the  theories, the 
Aree -dLmensionel (3-D)  character is t ics  theory, the equivalent body method, 
a 5  :he Babe:iko method, agree well with data except very close t o  the body 
ere zhere I s  a boundary layer.  The linearized character is t ics  method pro- 

vides a reaso l e  estimate but i s  about 15 percent high. The data from the 

of the f l o v .  

L 

___r 
e,." x, L E;& ns are i n  agreement, corifirming the essent ia l ly  conicai nature 

For the same conditions ( f i g .  3) ,  the data fo r  the leeward side of the 
c x e  ag?ear t o  indicaze a viscous separated region usually associated with 
mrzex formation. Agreement, of course, cannot be expected here. However, 
away from t h i s  region limited comparisons between data and theories may be 
m26e. The exact 3-D character is t ics  method appears t o  give the correct level  
of p i t o t  pressure; the Babenko method i s  a l i t t l e  high and the equivalent body 
method somewhat low. The l inearized character is t ics  method did not give 
zu&licakle resu1:s here. 

Figure - ShOiE the same comparisons again but a t  @ = 90'. None of the . -  -- ?- - . . . L  FZ:"~\~E.Z- ;c EL'.-~ ~ h e  correz; z h g e  v=:c f a i r  - .  r - -C - - r  -.--, - - c' _ _  - . .-L i- y - e ~ L u - ~ e  ~ 3 ~ r e ~ a : ~ o x .  The exacz 5-3 characteriszics method provides 
%'ne besz correlation, with the Babenko method a l i t t l e  high in  magnitude. 
These t w o  methods should give ident ica l  resu l t s  since they both u t i l i z e  exact 
equations ; however, different  numerical techniques are employed t o  produce 
the resu l t s .  Possible differences with experiment may be accounted fo r  by the 
boundary-layer displacement thickness. I f  theory were displaced by the-height 
indicated by the data, correlation would be much improved. 
Ymlent body nor the l inearized character is t ics  method agrees except near the 
shock. 

Neither the equi- 

~Jo-J, consider a more complex flow f i e ld ;  data f o r  the windward plane of 
a b l m t e d  150 half-angle cone are  compared i n  figure 5 with the theories. A s  
i n  the previous figures,  p i t o t  pressure data are shown normal t o  the body from 
surface t o  shock. 
character is t ics  and the equivalent body methods both appear t o  give quite 
acceptable comparisons. The l inearized character is t ics  method, although 
correct i n  shape, i s  inaccurate i n  pressure level.  A modification t o  the 

Data are  shown a t  only one s ta t ion,  x/R = 3.6. The 3-D 



ii ,rear charsc te r i s t ics  mer;hod improves the l eve l  t o  an acceptable value. The 
modification was suggested by the observation tha t  near a spherical nose the 
f l o v  changes a t  angle of a t tack  are due en t i r e ly  to  the ro ta t ion  of the body 
-,t:hin an misymmetric shock. A l inearized rotat ion i s  used i n  the standard 
mnthod, a_rd an exact rotat ion i s  used i n  the modified method. 
method i s  limited primarily t o  regions near the nose where the body does not 
rnove a large distance compa---d to  the shock layer. 

The modified 

The comparison i s  also shown on the leeward s ide of the blunt cone 
( f ig .  6 ) .  
agree well with data along with the modified l inear  characterist ics.  
basic l inearized character is t ics  method does not correlate  w e l l  here. 

Again, the 3-D character is t ics  and the equivalent body method 
The 

Figure 7 shows comparison f o r  the plane a t  (€J = 90'. A l l  theories shown 
agree quite well here. It should be mentioned t h a t  the equivalent body method 
applied was the zero -angle -of -attack solution f o r  the 15' cone. Although t h i s  
method neglects crossflow, the agreement with data indicates tha t  the cont r i -  
butLon t o  p i t o t  pressure from crossflow i s  small i n  t h i s  region near the nose. 
A x d c ,  - since t h e  agreement i s  quite good a t  the 90' plane where the crossflow 
velocity i s  maximum, it might be expected tha t  the method would be applicable 
et q- ~ k z e  ic ",As region. Farther dopmstream, however, the flow would 
approach the velocity over a pointed cone, the crossflow would become a larger 
component of velocity, and agreement would probably not be good, as for the 
polnted cone data i n  the previous figures.  The l inearized method shown here 
i s ,  i n  effect ,  the s m e  as the equivalent body method but the crossflow 
velocity i s  included. Again, t h i s  contribution t o  p i t o t  pressure i s  
negligible.  

I n i t i a l l y ,  we s e t  out t o  compare methods f o r  predicting properties of the 
shock layer around hypersonic vehicles a t  angle of a t tack and have looked thus 
f a r  a t  some basic shapes where exact thedries and adequate experiments were 
z.vailable. The two approximate methods studied gave reasonable estimates i n  

;Findward plane of symmetry and, i n  some cases, for other planes. 

. - -  - - - - ,>?? 
- .  - 

- c  - r -  _ _ _  . . . *  - --pL.-b81e -E --:A- c m ~ z ; ~  Aizci -z:c mpnxiri:e xeyhodz TC dsxz 
irorr. irLnci-;nmqel zes t s  of Lhe X - l j  alrpiane. A t  present, exam calcdazions 
&re not available. 
mated by a sphere-ogive-cylinder. 
a fineness r a t i o  of l e s s  than 4 f o r  the conical bodies studied. The blunt 
nose created strong gradients which were d i f f i c u l t  t o  resolve numerically, and 
q e c i a l  methods t o  handle entropy h i s to r i e s  were necessary to  perform the 
desired calculations. These numerical methods were also included i n  the 
equivalent body and l inearized character is t ics  resu l t s  previously shown on the 
blunted cone. 

For the numerical calculations, the X-15 body was approxi- 
I ts  fineness r a t i o  i s  about 10 compared t o  

Figure 8 shows the p i t o t  pressure dis t r ibut ion i n  the a f t  underside 
region of the X-l5 a t  a s t a t ion  145 nose r a d i i  from the t i p .  
region of  i n t e re s t  f o r  mounting a research scramjet propulsion system. 
sketch shows the rather  complex X-15 shape and the  elements neglected when a 
body of revolution i s  used as an approximation f o r  the shape. 
approximation neglects many asymmetric protuberances, it was  f e l t  t ha t  t h e i r  
e f f ec t  would be small i n  the aft windward region studied. 

This i s  the 
The 

Although the 



n- ine r e s u l t s  from the  equivalent body and l inear ized charac te r i s t ics  
me5hods a re  shoim i n  the  f igure,  a s  wel l  a s  wind-tunnel data  f o r  a 0.0667- 
scale  model of the  complete configuration. 
l inezr r red  method of cha rac t e r i s t i c s  although not qui te  so good f o r  the  equi- 
uz.1en-t. bcidy method. 
TO t he  method of charac te r i s t ics .  

Comparisons are good f o r  the  

It may be mentioned t h a t  a t  a = 0' both methods reduce 

-. ::-?:.re ? slic:~s, f o r  a ptir t icular application, the Mach riumber vzriz:%orl i s  
?:r;.Clcreci by the l inear ized  cha rac t e r i s t i c s  method. It demonstrates t h a t  as 
angle of a t t ack  is  increased from -3O t o  +loo, the Mach m b e r  near the pro- 
posed research engine i n l e t  face can be expected t o  decrease about two full 
h c h  numbers. 

CONCLUSIONS 

Fsr  the sharp 1-5' cone, a s  f igure  10 indicates ,  there  i s  generally good 
z z ~ e e 2 e ~ ~  - f o r  ;he Babenko, the 3-D charac te r i s t ics ,  and the  equivalent body 
:.ieTho&s. This agreement breaks down on the leeward side because large viscous 

For the b lunt  1-5' cone, the Babenkc r e s u l t s  2re unavLil- r ~ t e .  
the  equivalent body, and the  modified l inear ized character is-  

t i c s  methods a l l  gave good correlat ion;  the  basic  l inear ized charac te r i s t ics  
method d i d  not. 

For the X - 1 5  case the l inear ized charac te r i s t ics  agreed well, even a t  
a = 10'. The equivalent body agreement was  fa i r .  

i f  one were t o  recommend regions where the  various theories  might be 
used, severa l  conclusions might be drawn. 

- :ec l lnear  cha rac t e r i s t i c s  methods appear qui te  a t t r ac t ive .  The basic  
__-_---  rea charac ter i s t ics  method, because it i s  a l inear  method, does not 

F i r s t ,  i n  blunt-nose regions, with 
L -A-c ?.(- associated large var ia t ions i n  entropy, the equivalent body and the modi- 
--. . - - 

- .  . -  - 

c r  t5e Large noz25:iear entrcpy gradients well. SeccRd, for regions 
L r  3 lcze - c~c'c:: h y e r  aiC; chs body u-mslaxes s smhll perceztage -- - .#- : "_ ,,,is shock laj-er height 'GO angle of a t tack  from i t s  zero angle-of-attack 

This condition i s  usua l ly  encountered with moderate fineness r a t i o  bodies. 
There a re  tabulated r e s u l t s  for the  Babenko method only f o r  pointed cones, 
and f o r  t h i s  shape it gives generally good r e su l t s .  The 3-D method of 
che rac t e r i s t i c s  should be generally applicable and, although more d i f f i c u l t  t o  
use, should give the  best r e su l t s .  

-.. +sltion, h t he  l inear ized  charac te r i s t ics  method gave quite usefu l  r e su l t s .  
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THEORETICAL METHODS 

I .  EXACT THREE-DIMENSIONAL 3. BABENKO 

2. LINEARIZED METHOD OF SOLUTIONS 
METHOD OF CHARACTERISTICS TABULATED CONE 

CHARACTERISTICS 
v2 = No+ Q vI cos e l 2  +(awl sin e12 4. EQUIVALENT BODY 
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WINDWARD SIDE 

Figure 1 
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PITOT PRESSURE PROFILE 
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9. STUDIES OF AIRFRAME-PROPULSION-SYSTEM INTEMTION 

FOR MACH 6 CRUISE VEKICLES 

By Frank S. Kirkham, James M. Cubbage, Jr., Walter A. Vahl, 
and William J. Small 
Langley Research Center 

SUMMARY 

An exploratory, experimental, and analytic investigation of airframe- 
propulsion-system integration has been conducted at a Mach number of 6. 
pod nacelle configuration, a four-pod nacelle configuration, and a two- 
dimensional nacelle configuration with and without boundary-layer diverters 
-$ere tested at a Reynolds num3er sufficient to produce a turbulent boundary 
l a y e r  GI', the wing ahead of the nacelles. 

A two- 

These preliminary results indicate no particular advantage of pod-type 
~ 5 ~ e l l e ~  Over tvb-dimensional designs and that the best over-all performance is 
obtained when the nacelle expansion area is no larger than the minimum required 
to enclose the turboramjet engines. A potential for significantly improving 
the lift-drag ratio of a configuration by utilizing the exhaust from underex- 
panded nozzles is also shown. 

INTRODUCTION 

One of the principal problems involved in the design of the hypersonic 
air-breathing aircraft is the efficient integration of the airframe and propul- 
s i . ~ ~  - -  systern. The engine airflow requirements for cruise-type aircraft designed 
i r  - _  p-- ,,--;t~ ^nC $he Mach 6 TC' e, speed range are such that the inlet caT; be placed 
. -: r -  L8.-2ez -ze iLEg s x r f z c e  an6 ;;.lng-leading-e%ge shocks to take advantage of the 
high pressure zirflow beneath the wing (fig. 1). 
between the wing and shock system is large enough to permit considerable lati- 
tude in the shaping and placement of the engine nacelles (ref. 1). 
basic questions pertinent to this problem for Mach 6 cruise configurations are 
as follows: 

At th5s speed, the area 

Some of the 

What is the most effective exit-to-inlet area ratio for an engine housing? 

'Is a tyo-dimensional engine housing more efficient than pod-type nacelles? 

Can any jet effects present be used to advantage? 

The present exploratory study attempts to provide first answers to these 
questions, using simplified analytic and experimental models. 



a 

E 

e 

nacel le  e x i t  area 

nacel le  i n l e t  area 

t o t a l  i n l e t  area of a spec i f ic  configuration 

incremental drag coeff ic ient ,  Drag of wing with nacelles minus 
Drag of wing without nacelles 

incremental l i f t  coeff ic ient ,  L i f t  of wing with nacelles minus 
L i f t  of wing without nacelles 

l o c a l  skin-fr ic t ion coeff ic ient  

i n l e t  diameter ( f ig .  10) 

height of boundary-layer d iver te r  f o r  two-dimensional nacelle 
( f ig .  13)  

height of i n l e t  of two-dimensional nacel le  ( f ig .  13) 

i n t e rna l  spec i f ic  impulse, seconds 

maximum l i f t - d r a g  r a t i o  

l i f t -d rag  ratio’without j e t  e f f ec t s  

r a t i o  of l i f t -d rag  r a t i o  with j e t  e f f ec t s  t o  l i f t -d rag  r a t i o  
without j e t  e f f ec t s  

free-stream Mach number 

nozzle e x i t  s t a t i c  pressure 

s t a t i c  pressure under wing 

l o c a l  Reynolds number 

wing planform area 

angle of a t tack,  degrees 

wing r e f l ex  angle, degrees ( f ig .  18) 

d iver te r  wedge angle, degrees (ffg. 13) 



RESULTS AND DISCUSSION 

Engine Nacelle Sizing Requirements 

A s  a s t a r t i ng  point,  consider the s i ze  engine and i n l e t  required f o r  
A representative thrust-drag schedule f o r  the cruising f l i g h t  a t  Mach 6. 

&zceldratFon t rz jec tory  of a Mach 6 c m i s e  vehicle i s  presented i n  f'igure 2. 
I=- l ine  subsonic combustion turboramjets a r e  used with the  t r ans i t i on  from tur -  
bojet  t o  ramjet operation occurring a t  approximately Mach 3 .  I n  determining 
the  s i z e  of the propulsion system required, the  turbojet  t h rus t  must be adequate 
t o  provide the  minimum acceleration desired i n  the pinch regions occurring 
e l the r  during the subsonic climb which may be imposed due t o  sonic-boom con- 
s iderat ion o r  during t h e  transonic acceleration. The ramjet thrus t  and the 
i n l e t  area required are usually t a i lo red  t o  the cruise  conditions, provided 
t h a t  sa t i s fac tory  performance can be obtained over the complete acceleration 
t ra jec tory .  
determined, the minimum propulsion pod dimensions a r e  established - t h a t  is, 
t h e  pod i n l e t  area and engine exhaust nozzle ex i t  area.  

Once the  th rus t  requirements and hence the  engine s i ze  have been 

A parametric var ia t ion of the r a t i c  of nozzle-exit s t a t i c  pressure pe 
tc underwing s t a t i c  pressure p1  
r z t i o  Ae/Ai i n  f igure  3 .  These curves are generally applicable f o r  subsonic 
combustion ramjets and a r e  constant over a range of a l t i t u d e  provided that the 
mzximum duct i n t e rna l  pressure l i m i t  i s  not exceeded. Also shown are  the  
resu1-h from an in-house mission-analysis computer program which s izes  the  
engine f o r  a pa r t i cu la r  s e t  of vehicle aerodynamics. 
herein were obtained from the  study r e su l t s  of the  d i s t inc t  de l t a  wing and 
blended wing-body cruise  configurations described i n  reference 2. The s izes  of 
both in- l ine  and wrap-around turboramjet engines required a re  indicated by bars 
I n  the  f igure  for an  a l t i t ude  of approximately 100 000 f t .  The lengths of 
these bars indicate  t h e  var ia t ion obtained as the a i r c r a f t  configuration was 
changed from the d i s t i n c t  Xing-body concept Gith z wing loading of 76 l b / f t 2  

[cr = > - ) .  The r;lnlnu nacelle e x ~ a n s i o ~  r a t i o  required for the  in- l ine engine 
i s  about 1.3 .  The wraparound engine i s  somewhat la rger  and requires a nacelle 
expansion r a t i o  of about 1.7. The nozzle exhausts a re  underexpanded p p1 > 1 

f o r  both engine types and nacelle expansion r a t io s  on the  order of 2.5 would be 
required t o  achieve f u l l  expansion. 

i s  given as a function of nacelle expansion 

The aerodynamics used 

/cd z 7 0 )  tc -~lnr,dec wina-~osy  c cencecT ~ v : t b  2 1-2 tLng ioaiiing of 42 l b / f t 2  
- 7 .  

( e /  1 

A s  shown i n  f igure 4, about a ?-percent increase i n  in t e rna l  specif ic  
impulse can be obtained by f u l l y  expanding the  nozzle exhausts. 
flow can be expanded i n t o  the  wing surface, t h i s  increased engine performance 
might be obtained with no penalty i n  aerodynamic drag. I f ,  however, the  f ron ta l  
area of  t he  nacel le  must be enlarged t o  achieve f u l l  expansion, the increase i n  
engine performance with increasing nacelle exi t - to- inlet  area r a t i o  must be 
traded off  against  t he  attendant drag penalty of an enlarged nacelle. 

If the nozzle 

I 
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Aerodynamic Characterist ics 

A wind-tunnel program t o  examine the  aerodynamic charac te r i s t ics  of various 
nacel le  configurations w a s  i n i t i a t e d .  
shown i n  f igure  5 .  
with a sharp leading-edge TO0 sweep de l t a  wing. 
n e l  i s  given i n  ref. 3 * )  
~ ~ p p ~  ..-_ *u- -#'?re USSC to 
configurstion, and a two-dimensional nacelle configuration. The t o t a l  i n l e t  
area w a s  1.8 percent of t he  wing planform area f o r  a l l  configurations. Neither 
t he  i n l e t  compression surfaces nor the  correct nozzle exhaust flow were simu- 
l a t ed  i n  t h i s  investigation. The pod external  contour w a s  parabolic with a 140 
i a i t i a l  angle a t  t he  l i p .  The distance between adjacent pod center l i n e s  w a s  
2 i n l e t  diameters and the  pods were 5 diameters long f o r  a l l  pod configurations 
tes ted.  The pods were placed longitudinally so that the outboard pods would be 
behind the  wing shocks throughout t he  angle-of-attack range (Oo $ a $ 8 O ) .  

The types of nacelles considered a re  
Tests were conducted i n  the  Langley 20-inch Mach 6 tunnel 

(A description of the  wind tun- 
Flow-through nacel les  with constant i n t e r n a l  duct 

simulate a two-pod nacelle configuration,, a four-pod nacelle 

It w a s  determined experimentally ( re f .  4) t h a t  the boundary layer on the  
wing i s  f u l l y  turbulent i n  the  hatched region shown i n  the  sketches. The 
nacel les  were t e s t e d  i n  this region of f u l l y  turbulent wing boundary layer.  
Tho boundaz-y layer  on the two-dimensional end four-pod engine nacelles i s  
believed t o  be t r ans i t i ona l  while a region of f u l l y  turbulent flow probably 
exis ted on the rearmost portion of t h e  two-pod engine nacelles.  

The importance of t e s t ing  with turbulent boundary layers  i s  i l l u s t r a t e d  i n  
f igure 6. 
nacel les  a r e  shown f o r  both laminar and turbulent wing boundary layers.  
conducted i n  the  Langley 11-inch hypersonic tunnel a t  Mach 6.8 where the  wing 
boundary layer  w a s  laminar indicate  t h a t  t he  pod-nacelle i n s t a l l a t i o n  has 
50 percent more drag than the  two-dimensional nacelle.  Earlier r e su l t s  of 
t h i s  kind were in te rpre ted  as v i r t u a l l y  rul ing out the use of pods on hypersonic 
vehicles (.ref. 1). However, t e s t s  a t  Mach 6 w i t h  turbulent wing boundary layers  
show the  pods t o  have only a 20-percent drag penalty r e l a t ive  t o  the two- 
Bimensional i n s t a l l a t i o n  and t h i s  can probably be fur ther  reduced with refine- 

pod naceile i s  res tored t o  a more competitive posit ion r e l a t ive  t o  the  two- 
aimensional design. The Reynolds number f o r  the Mach 6 t e s t s  i s  s t i l l  only 
5 percent of t he  fu l l - sca le  f l i g h t  Reynolds number and, thus, addi t ional  scale  
e f f ec t s  may be expected. 

The r e l a t i v e  drag penal t ies  o f  two-dimensional nacelles and pod 
Tests 

TTZL-LT- - L r  Z e s l g t .  T&Ls, by zesz:ng With the c c r ~ e c z  qspe of' boundary lcyer: the 

The r e su l t s  obtained i n  the  wind-tunnel program a re  presented i n  f igures  7 
t o  16. For two-pod nacelles,  the  e f f ec t  of increasing the  nacel le  expansion 
r a t i o  i s  shown i n  f igure  7. The oil-flow photograph shows that a strong in te r -  
action occurs between the  nacelle shocks and the  wing surface which produces 
s ign i f icant  interference forces  on the wing and nacelles. 

The increments i n  l i f t  and drag obtained when the  nacel les  are added t o  
the  basic  wing a r e  shown as a function of a i n  f igure  7. These data were 
obtained with a six-component strain-gage balance. All data are corrected f o r  
nacel le  i n t e rna l  drag and f o r  nacel le  base drag. The in t e rna l  drag correction 
w a s  obtained by calculat ing the  in t e rna l  skin f r i c t i o n  with the  assumption of 



3 leminar boundary layer. The base pressure was corrected to free-stream static 
pressure by assuming that the base pressure coefficient in the wind-tunnel tests 
was equal to I/%'. 

The theoretical predictions, shown as dashed curves, consisted of an esti- 
mete of the external pressure and friction drag on the nacelles and their sup- 
port struts plus an estimate of the forces on the wing in the interference 
reslon. Tine pressure forces on the pod nacelles were cnlculatec? by the method 
of cheracteristics for axisymmetric rotational flow. Shock-expansion theory 
was used on the support struts. 
from Newtonian theory with a maximum pressure coefficient of 1.2. The inter- 
ference pressures on the wing 'were obtained from 'the pressure distribution in 
the exisymmtric flow field in the plane of the wing. 
nacelles was assumed laminar for calculation purposes and to follow the equa- 
tion Cfpl = 0.625. The theory predicts the trends but not the magnitude of 
the experimental data. 

The increments in lift and drag were used with the drag polar obtained 

The drag of all leading edges was obtained 

Skin friction on the 

from ;JLnd-tunnel tests of the delta-wing hypersonic cruise vehicle configura- 
t:on described in reference 5 to obtain the effects of engine nacelle modifica- 
t i o n s  on ?;he maximum untrimmed lift-drag ratio for a practical cruise vehicle 
design. 
eqansion ratio of 1.5 decreased the maximum 
increasing the nacelle expansion ratio to 2 decreased maximum 
about 3.6. 

The results are shown in figure 8. Addition of two pods with an 
L/D from about 4 to 3.8 while 

L/D to 

The effect of changing the length of the pod support strut is shown in 
flgure 9. At low angles of attack, the incremental lift ACL is increased as 
pods are pulled closer to the wing surface but the incremental drag is 
unchanged. The drag is affected at the higher angles because the contribution 
cr" normel force to drag becomes significant. 
50 the delta-wing cniise configuration (fig. 10) only a slight benefit in 
(L/3),=: is obtained by decreasing the strut length because (L/D)max occurs 
c -  2.. c-L)VAc , cy..- . -&- Egher performance configuration with (L/D)ma occurring 
et lower angles of attack (a, d 4') would benefit more from short pod support 
struts because additional lift could be obtained with no increase in drag. 
Thus, pod nacelles should be placed as close to the wing surface as is practical 
and perhaps merg?d into the wing surface. 

When these increments-are applied 

A four-pod nacelle configuration is compared with the two-pod nacelle con- 
figuration in figure 11. The theory, contrary to the data, predicts a larger 
ACL for the four-pod configuration than for the two-pod configuration. This 
dlscrepancy is possibly a result of the nacelles being placed farther forward 
from the wing trailing edge (relative to the length of the nacelle) for the 
four-pod configuration than the nacelles of the two-pod configuration. 
force and pressure tests to determine the effects of varying longitudinal 
placement of pod-type nacelles are needed to see whether significant changes in 
the aerodynvnic forces occur. The theory does, however, predict an increase in 
drag as the number of pods is increased as would be expected since the wetted 

Both 



area and leading-edge area increase as the number of pods increases. 
effects  of these increments on 

The 
( L / D ) m a  a re  shown i n  f igure 12. 

The r e su l t s  of the  investigation of a two-dimensional nacelle with an 
exi t - to- inlet  area r a t i o  of 1.5 a r e  shown i n  figures 13 t o  15. The nacelle w a s  
t es ted  with and without boundary-layer diverters.  Without diverters,  t he  
nacelle was mourted f lush  with the  w i n g  surf ice  and the wing boundary layer  was 
al lo- ied t c  r'10-d through the  nacelle. The lower surface of the n x e l l e  w%s a 
circular-arc p ro f i l e  with an i n i t i a l  angle of 8.4O. The side p la tes  were swept 
75' with sharp leading edges and a 5' wedge angle. 

Boundary-layer diver ters  may be used t o  avoid degrading engine performance 
Uue t o  ingesting the  wing boundary layer. 
the two-dimensional nacelle w a s  supported on two s t r u t s  ( f ig .  13). 
surface of the nacelle had a 5O wedge angle which diverted the  wing boundary 
layer  toward the  wing surface. 
through a constant area duct between the wing and nacelle, whereas the  outer 
p x t i o n  w a s  diverted toward the sides of the nacelles by the wedges on the  
dlver ters .  The diver ter  height was sized such tha t  the en t i r e  wing boundary 
layer  i n  the  wind-tunnel model would be diverted away from the  i n l e t .  
?::gilt vehlcle the wing boundaq layer would be relat ively 50 percent a s  thick 
as  i n  the wind tunnel and the diver ter  height could be correspondingly reduced. 
The curved shocks produced by the  diver ters  (shown i n  the  photograph) indicate 
t h a t  there i s  a complicated interact ion between the  wing, the diverter,  and the 
nacelle which may be i n  par t  caused by choking i n  the diver ter  duct and 
boundary-layer separation. 

To simulate boundary-layer diverters,  
The upper 

The center portion of the boundary layer flowed 

On a 

The l i f t  and drag increments for t h i s  configuration a re  shown i n  f igure 14. 
The theore t ica l  prediction of the  forces on the lower surface of the  nacelle 
w a s  obtained by using two-dimensional shock-expansion theory with a correction 
f o r  edge e f fec ts  by the  method of reference 6. The theore t ica l  predictions of 
the e f fec ts  of adding boundary-layer diver ters  were done by first finding the 
ecpivzlent Mach nmber i n  t h e  turbulent wing boundary layer  a t  the forward face 
orr" ;he two-dimensional i n l e t  ( r e f .  7 ) .  The flow was assumed inviscid a f t  of 
-c- c TI-- ,LA., Yb-  ~ r i 5  zne pressarez were calculated by shock-expansion theory using 
:ne equivalent boundary-layer Mach number as a s ta r t ing  point. 
t i o n  i n  the  diver ter  ducts w a s  assumed turbulent and calculated by the T '  
method described i n  reference 8. 
and drag given i n  f igure 14 are for tui tous since the  axial force w a s  underpre- 
dicted and the normal foree overpredicted which tended t o  compensate each other 
when l i f t  and drag were calculated. 

The skin f r i c -  

The seemingly accurate predictions of l i f t  

The effect  of these increments on (L/D),,, i s  shown i n  f igure 1-5. The 
two-dimensional nacelle without boundary-layer diver ters  caused only a small 
loss  i n  i n  sp i t e  of the  f a c t  t h a t  t h e  lower surface of the  nacelle 
vas contoured t o  give an exi t - to- inlet  area r a t i o  of 1.5. When diver ters  a re  
added, however, a s ignif icant  penalty i n  (L/D)m, i s  incurred. T h i s  penalty 
i s  unchanged by reducing the  d iver te r  height by about 30 percent. Increasing 
the  diver ter  wedge angle from 5 O  t o  100 reduced 

(L/D),, 

(L/D),, as expected. 

U O  



A comparison of t he  various nacelle concepts i s  shown i n  figure 16. The 
best  aerodynamic performance w a s  obtained with the two-dimensional nacelle 
without boundary-layer diverters.  
however, decreased the  performance of the two-dimensional nacelle t o  below tha t  
cf the  two-pod nacelle configuration. 
undoubtedly increase t h i s  performance l eve l  but the drag penalty f o r  pod nacelle 
i n s t a l l a t i o r s  can a l so  probably be reduced by proper integration of the pods and 
eircrai t .  Some of the pertinent variables f o r  integrating pod nacelles wfth the 
a i r c r a f t  a t  lower speeds (M FZ 3 )  are  described i n  references 9 t o  12. 
additional work t o  optimize both nacelle types i s  needed, no clear-cut choice 
between two-dimensional nacelles and pod nacelles can be made a t  this time. 

The addition of boundary-layer diverters,  

More carefully designed diverters would 

Since 

The trade-off between the increase i n  engine performance against the 
decrease i n  aerodynamic performance as the nacelle expansion r a t i o  i s  increased 
can now be examined. The pertinent parameter (L/D)-(Isp) i s  shown on the 
r igh t  of f igure 16. 
and no increase i n  external drag, t he  two-dimensional nacelle without boundary- 

1 layer diver ters  can obtain a 2- percent gain i n  performance as 
2 

increased from 1.5 t o  2. T h i s  increase i s  due solely t o  increasing ISP and 
?;he degradation i n  engine performance due t o  boundary-layer ingestion has not 
been included f o r  t h i s  configuration. 
i f  boundary-layer ingestion effects  were included. 
t ion,  the increase i n  drag with increasing expansion r a t i o  more than counter- 
balances the  improvement i n  engine performance, and the best  over-all perfor- 
mance i s  obtained with the  low area r a t i o  nacelle. 
formance gains obtainable by addi t ional  nozzle expansion, it appears that the 
nozzle ex i t s  should not be enlarged beyond the  minimum s ize  required by the 
engine. 
w i l l  be underexpanded as was discussed i n  conjunction with figure 3 .  
from underexpanded nozzles may impinge on adjacent a i r c ra f t  surfaces and pro- 
duce j e t  interference forces on the a i r c ra f t .  
j e t  interference e f fec ts  on the blended wing-body configuration has been made ___- r.?rl :5 . cc2s l5k reE  nem.  

Assuming expansion of the  nozzle flow in to  the wing surface 

Ae/Ai i s  

This performance l eve l  would be reduced 
For the  two-pod eonfigura- 

Considering the  small per- 

If the nozzle ex i t  areas a re  thus res t r ic ted ,  the nozzle exhaust flow 
The flow 

A pre l idna ry  estimate of the 

J e t  Interference E f e c t s  

The configuration shown i n  f igure 17 i s  the blended wing-body concept. 
Further description of t h i s  configuration i s  given i n  reference 5 .  
housing the engines i s  30 f t  wide and the  nozzle ex i t s  a r e  40 f t  upstream of 
the wing t r a i l i n g  edge. If t h e  nozzle ex i t  pressure pe i s  greater than the 
underwing s t a t i c  pressure p1 the  nozzle flow continues t o  expand along the 
surface of the wing creating an interference pressure f i e l d  and a result ing 
force on the wing. I n  the  flow model used t o  obtain a preliminary estimate of 
these forces, the flow w a s  assumed t o  be two dimensional, the wing t o  be f lat ,  
and the  pressure pe t o  be constant along the wing surface t o  the point where 
the  t r a i l i n g  expansion wave s t r ikes  the wing. 

The nacelle 



An example je t  e f fec t  calculation u t i l i z ing  these assumptions i s  i l l u s -  
t r a t e d  i n  f igure 18 where the r a t i o  L/D with j e t  e f fec ts  t o  L/D without j e t  
e f fec ts  i s  plot ted as a function of the  wing re f lex  angle E .  Significant 
improvements i n  L/D 
r a t i o s  considered without reflexing the  wing. 
c i a l  e f fec t  a t  t he  higher pressures but i s  detrimental a t  lower pressures. 
discussion of the uti l :?ation of underexpanded exhausts from asymmetric nozzles 
I s  ~iv5r :  - i n  reference 13. 

can be achieved throughout the range of static-pressure 

A 
Wing reflex has a s m a l l  benefi- 

The effect  of j e t  interference on L/D t h a t  might be obtained with real-  
i s t i c  engines w a s  determined through a range of cruise  Mach numbers from 5 t o  8, 
as shown i n  figures 19 and 20. I n  figure 19, the  static-pressure r a t io s  f o r  
both in- l ine  and map-around turboramjet engines, as obtained by the methods 
discussed i n  conjunction with f igure 3, are shown as a function of cruise  Mach 
number. 
Mach number range. The L/D improvements obtained by u t i l i z ing  these exhaust 
overpressures range from 5 t o  15 percent f o r  the in- l ine engines and from 3 t o  
10 percent f o r  t he  wrap-around engines ( f ig .  20). Some of the  implications of 
these interference forces on a i r c r a f t  s t a b i l i t y  a re  discussed i n  reference 5. 

Both engine types have underexpanded nozzle exhausts throughout this 

Although these L/D improvements were obtained from an idealized analyti- 
c a l  flow model, it i s  apparent that s ignif icant  improvement i n  
ably be realized by proper u t i l i za t ion  of t he  exhausts of underexpanded nozzles, 
Because of the extreme complexity of the  exhaust flow f i e l d ,  a more r e a l i s t i c  
assessment of these e f fec ts  must be obtained through experimental tests. 

L/D can prob- 

CONCLUDING RESIARKS 

These exploratory studies of airframe-propulsion-system integration a t  
Mach 6 have revealed tha t  underexpanded nozzles, whose ex i t  areas a re  no larger  
thar? the  maximum area required by the  engine, appear t o  produce be t t e r  over-all 
performance than f u l l y  expanded nozzles. 
_ _ _ _  - - - E T F , ~ E I I Z P C  nczzleE s x h u s z i ~ g  w e l l  ahe26 of t he  wing t r e l l i n g  edge heve 
E slgnizicant po ten t ia l  for increasing the  l i f t -drag  r a t i c .  These j e t  exhaust 
e f fec ts ,  however, require detai led experimental ver i f icat ion.  

Preliminary calculations indicate 
- -  - ~ - ..- ., 

I n  regard t o  nacelle type, these preliminary r e su l t s  indicated no particu- 
lar  advantage of two-dimensional designs over individual pods. 

The important interference e f fec ts  of the nacelles on both l i f t  and drag 
a t  hypersonic speeds were i n  general not predicted accurately by the simple 
analyt ic  techniques currently i n  use. 
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10. SCRAMJET vEHICLJ3 ENGINE-AIRFRAME lXl3GFATION EFFECTS 

By Louis J. W i l l i a m s  and Darrell E. Wilcox 

NASA Headquarters 
Mission Analysis Division 

Moffett Field,  C a l i f .  

SUMMARY 

P- d i g i t a l  computer program w a s  used t o  analyze the  e f f ec t s  of engine- 
airframe integrat ion on the  cruise performance of a Mach I2 scramjet-powered 
a i r c r a f t .  Parametric shape var ia t ions  of an all-body configuration were made 
t o  determine the  extent t o  which use of t he  vehicle afterbody as a nozzle 
expension surface may lead t o  increased vehicle performance. 
sented i n  t h e  form of the  cruise  Breguet fac tor  and a coef f ic ien t  of integra- 

The t e r m  "coeff ic ient  of integrat ion" i s  introduced t o  i l l u s t r a t e  t he  
ezfectiveness of in tegra t ion .  Also presented a r e  the  e f f e c t s  of engine- 
Eirframe integrat ion on the  vehicle s t a b i l i t y  cha rac t e r i s t i c s  and on vehicle 
s w i a c e  Temperatures . 

Results are pre- 

1.' 

INTRODUCTION 

Hnersonic  a i r c r a f t  powered by hydrogen fueled scramjet propulsion sys- 
t e m s  have shown po ten t i a l ly  high performance f o r  both cruise  and boost m i s -  
s ions.  A cha rac t e r i s t i c  of these a i r c r a f t  is  a large-volume fuselage required 
f o r  t he  low-density hydrogen f u e l .  Attempts t o  optimize these configurations 
hsve resu l ted  in  various degrees of wing and fuselage blending. Resulting 
zonf igura t  ions range from the  d i s t  i nz t  wing-body vehicle '  t o  the  all-body vehi- 
:le shown in  f igure 1. Par important cha rac t e r i s t i c  of the  all-body configura- 
-I .,-- 2 _ _ _  y y  _ _  xie  ; u ? 5 e ~ ~ I d e  of the alrframe ~s iriLez 

Eucn extensive integrat ion of airframe and propulsion system r e s u l t s  i n  vehi- 
c l e  performance i n  which t h e  engine and airframe performance are no longer 
separable.  The objective of t he  present study w a s  t o  determine t h e  extent t o  
which t h i s  engine-airframe in tegra t ion  may improve vehicle performance i n  the  
cruise  mode. To accomplish t h i s  objective two performance parameters were 
used. The ac tua l  c ru ise  performance of t h e  integrated vehicle w a s  measured by 
t i e  Breguet fac tor  (BF) which includes a l l  t he  e f f ec t s  of integrat ion,  such as 
underexpanded nozzle flow and propulsive l i f t  due t o  th rus t  def lect ion.  

_ _  ̂ I_ - = f r o  r > ^ C C - . : - . -  2 - - -  -=. 

-u,+*.dA~ssim -.-,---,.c= an6 nozzle expansion surfaces f o r  the  scramjet propulsion system. 

To measure the  e f f ic iency  of t he  engine-airframe integrat ion fo r  a given 
Configuration, t h i s  paper introduces t h e  t e r m  "coeff ic ient  of integrat ion 
(CI)." 
ac tua l  cruise Breguet fac tor  t o  an i d e a l  Breguet f ac to r  obtained from t h e  
separate performance of t h e  engine and airframe as defined by uninstal led 
and L/D. 

The t e r m  relates t h e  integrated vehicle performance as measured by the  

Isp 



Data presented i n  t h i s  paper show the ef fec t  on the  breguet factor  and 
coefficient of integration of changes i n  vehicle shape, angle of attack, and 
engine efficiency f o r  a cruise Mach nurnber of 12. 
effectiveness of engine-airframe integration are b r i e f ly  discussed. Also 
included i s  the e f fec t  of integration on the vehicle longitudinal s t a b i l i t y  

The factors  influencing the 

character is t ics  and vehicle 

The basic approach use 

surface temperatures. 

METHOD OF ANALYSIS 

_ _  in t h i s  study w a s  t o  select  a simply define! 1 
C l - b d y  configuzation and vary i t s  major shape parameters t o  determine t h e i r  
e f fec t  on component and vehicle performance. 
studied i s  shown i n  figure 2. The body has a de l t a  planform with an e l l i p t i -  
c a l  cone forebody and an e l l i p t i c a l  cross-section afterbody making a smooth 
t r ans i t i on  from the  break-point cross section t o  a s t ra ight- l ine t r a i l i n g  
edge. The shape of t h i s  body can be varied by specifying three independent 
pxameters: (1) the posit ion of the break point between the forebody and 
afterbody, specified as a r a t i o  of the forebody length t o  the t o t a l  body 
length: 2 . / 2 .  (2 )  the sweepback of the leading edge, A, and (3)  the fatness 
r & t i a ,  specified as the r a t i o  of the maximum cross-sectional area t o  the t o t a l  
planform area, S,/S. For 2 , / 2  greater  than 0.5 the posit ion of maximum 
cross-sectional area and break point coincide. The parameter fatness r a t i o  
was chosen so tha t  the  e f fec t  of changing sweep and break-point length r a t i o  
n i d d  r?ct be doxinated by a change i n  the f ronta l  area.  Hence, fo r  constant 
fatness r a t i o  the  forebody e l l i p se  . ra t io  w i l l  vary with the break-point length 
r a t i o  and sweep. The nominal values of these parameters a re  a l so  shown i n  
f igure 2 .  

"he nominal configuration 

All parametric studies w e r e  done a t  a cruise Mach number of 12 with a 

e 2 were sized for  hypersonic s t a b i l i t y .  The scramjet propulsion system 
m n  i n  t h i s  f igure and was allowed t o  extend over 60 percent of the body 

fixed gross take-off weight and body volume. The control surfaces shown i n  

~-~~ ?--,.os'- .-,-: c- ..,_*..."__ ,L_&-". c -  - - -  

The r e su l t s  of t h i s  study were calculated by an integrated computer pro- 
gram which computes the  vehicle geometry, aerodynamic character is t ics ,  propul- 
sion system performance and sizing, fue l  consumption, cruise a l t i t ude ,  and 
angle of a t tack.  This program properly accounted for  a l l  e f f ec t s  of paramet- 
r i c  changes i n  a variable.  A typ ica l  Mach I 2  cruise force diagram calculated 
by t h i s  program is shown i n  figure 3. The importance of proper airframe- 
engine integration i s  evidenced by the r e l a t ive ly  small l i f t  and drag vectors 
of the airframe compared t o  the  la rge  r a m  drag and gross thrust vectors. The 
r a m  drag shown i s  the combined momentum and pressure force of the flow at  
the i n l e t  entrance. The gross thrus t  is the combined momentum and pressure 
force of the flow a t  the nozzle e x i t .  A small deflection of the gross thrust  
angle, 8T, as shown i n  the figure can cause large changes i n  vehicle 
performance. 



Aerodynamics 

Zstimates of t he  bas ic  vehicle  aerodynamics f o r  t he  all-body configura- 
:ion were based on nonlinear l i f t  and induced drag r e l a t ions  s imilar  t o  those 
3ryl iur 

C a t 2  ( ref .  2 )  f o r  e l l i p t i c  cones and found t o  agree w e l l .  The zero- l i f t  drag 
::",s celculated from a pressure and skin-friction-coefficient d i s t r ibu tL 103 on 

e p-?ssill"e d i s t r ibu t ion  on tne  forebody was obzaineii from tne 
secmd-order e l l i p t i c  cone expressions of Van Dyke (ref.  3) where applicable,  
and Newtonian theory f o r  t h e  lower sweep angles. The afterbody pressure dis- 
t r ibu t ions  were estimated by assuming a Prandtl-Meyer expansion of t h e -  flow 
f i e l d  a t  tns body break point .  
l ? n t  skin f r i c t i o n  w a s  calculated using the  reference enthalpy technique 
( r e f .  4) f o r  the  l o c a l  skin-fr ic t ion coef f ic ien ts .  
ing f r o m t h e  necessary rounding of t he  nose and t h e  f i n  leading edges w a s  
also included i n  t h e  zero- l i f t  drag. The r a d i i  used were calculated f o r  a 
specif ied rad ia t ion  equilibrium temperature at  a design Mach number and 
e l t l t x d e .  

s - d e l t a  i;ing ( ref .  1). These r e l a t ions  were checked with experimental 

- .  

From these pressure d is t r ibu t ions  the  turbu- 

The bluntness drag result- 

Body temperature p ro f i l e s  were obtained from the  same reference enthalpy , .  - -  _ _ _ _ _ _ _  -*.'-*- l r  -"= use i  is the skin-fr ic t ion calculat ions.  The var ia t ion  i n  tempera- 
t-,.re with gross th rus t  def lec t ion .angle  was estimated on the  forebody lower 
sixface from calculat ions based on a wedge with t h e  same included body angle 
and l i f t  loading. 

The f i n  s izes  were estimated fo r  hypersonic s t a b i l i t y  and a canard w a s  
f e l t  necessary f o r  t r i m  and landing. 
bxt t he  skin f r i c t i o n  and minimum wave drag of the  f i n  surfaces have been 
included i n  the  drag .estimation. 

No penalty was assessed f o r  t r i m  drag, 

Propulsion 

- 
--_c c p  L - _ L c _  c ~ , - c ~  ' C Y  perforrEnce ims based o?i a one-dlmensimel cycle anal;.rsis of 

---= -:LE; LAC :X~;JXTC~T: End E L-? ~k,"u-2Lmeztsioaz.l anaiysls  cf E nozzie integrated 

process e f f ic iency  of 0 . 9  and a geometric contraction r a t i o  of 8.3. 
i n l e t  d i f fus ion  and vehicle  flow f i e l d  e f f e c t s  were computed separately,  so 
t h a t  t he  indicated contraction r a t i o  spec i f i e s  compression of t h e  airstream 
i n  addi t ion t o  t h a t  due t o  the  vehicle  bow shock. 
corresponds t o  an vm value of 0.98 at Mach E. 

f l u i d  thermodynamic propert ies .  
f u e l  stream were included i n  t h e  analysis ,  and a constant pressure combustion 
process w a s  assumed. 
t o t a l  temperature of t h e  injected fuel w a s  zero. 
var iab le ,  and a combustor e f f ic iency  of 0.9.5 w a s  input t o  specify t h e  f r ac t ion  
of t h e  f u e l  which was effectively burned. 

- -.* - -,a ?;ne vehicle af-cerbody . The nominal in le t  charac te r i s t ics  included a 
The 

The process eff ic iency used 

me combustor calculat ion w a s  based on a real-gas analysis  of t he  working 
The e f f ec t s  of added momentum of the injected 

The engine flow was considered t o  be adiabat ic ,  so the  
The fuel-to-air  r a t i o  w a s  
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The nozzle performance w a s  computed fo r  the  configuration shown i n  
figure 4. This nozzle u t i l i z e s  two-dimensional Prandtl-Meyer expansions w i t h  
an in te rna l  expansion turning the flow up against the afterbody and an exter- 
na l  expansion over the afterbody. 
there  a re  no wave re f lec t ions .  The amount of internal  and external expansion 
i s  uniquely determined fo r  a given afterbody length and depth. The resul t ing 
gross th rus t  is  measured by combining the momentum and pressure 'orces across 
%e frlnsl e;:?,acriox ray extending from the  end of the cowl t o  the vehicle 
t r a i l i n g  edg-e. Using t h i s  nozzle configuration may r e su l t  i n  higher o r  lower 
performance than t h a t  of a one-dimensional complete expansion nozzle. This 
i s  demonstrated i n  f igure 5 which compares an underexpanded two-dimensional 
nozzle t o  a complete expansion nozzle. 
dimensional nozzle i s  reduced by the underexpansion. However, the deflection 
of the pressure force may yield a gross thrust  vector which is longer i n  
sca la r  magnitude than that of the complete expansion momentum force. "his i s  
denoted by AND which i s  the r a t i o  of the gross thrus t  (two-dimensionally) t o  
the gross th rus t  of the completely expanded one-dimensional nozzle. Figure 5 
demonstrates a par t icular  case when ANI) can be greater  than 1. A variable 
m z z l e  efficiency, defined as the r a t i o  of actual-to-ideal gross' th rus t ,  
introduces viscous and divergence losses  in to  the thrust  equations. 
--uLLi --le 

t n i s  study. 

The cowl and afterbody are  shaped so tha t  

The momentum force of the two- 

A nominal 
cc*;, ,_,,,ienc;i~ of 1 .0 ,  based on chemically frozen flow, w a s  used throughout 

Because of the uncertainty associated with scramjet efficiency, paramet- 
r i c  variations of component performance were made t o  obtain sens i t i v i ty  data.  
The e f f ec t s  of i n l e t  efficiency, combustor efficiency, nozzle efficiency, and 
i n l e t  contraction r a t i o  were determined for the  nominal Mach l2 cruise 
vehicle.  

Coefficient of Integration 

Tc measure the degree t o  which a configuration represents an e f f i c i en t  
ir?",egrztior_ of the airframe and engine, the term coefficient of integration 
1 s  ;czrduceC. 
Coefficient of integration i s  defined as the r a t i o  of the actual  cruise 
Breguet factor  of the completely integrated vehicle t o  an ideal  Breguet 
factor .  Phe idea l  Breguet factor  is defined by the conventional Breguet 
fac tor  equation derived when the engine and airframe performance were con- 
sidered separately and there  w a s  no th rus t  deflection. The component perfor- 
mances used i n  t h i s  equation are the  l i f t -drag r a t i o  of the clean airframe 
without the engine attached and the specif ic  impulse of the uninstalled 
scramjet propulsion system. This Isp is  calculated fo r  a nozzle which i s  
f u l l y  expanded t o  cruise  ambient pressure. 

Tne deflr,ition of t h i s  parameter i s  outlrned i n  f i g w e  6. 

The actual  Breguet factor  i s  calculated by a computer program which 
balances the vehicle forces i n  cruise  and determines the  fue l  flow required. 
The meaning of Breguet fac tor  as a measure of cruise efficiency can best  be 
understood as representing the  weight carried times the  distance carried 
divided by the f u e l  expended i n  the  process. Instantaneously, t h i s  Breguet 
fac tor  can be calculated as the vehicle weight t i m e s  the  veloci ty  divided by 
the f u e l  flow rate. 
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The coefficient of integration i s  of i n t e re s t  because it allows the 
actual  Breguet fac tor  t o  be estimated fromthe uninstalled component perfor- 
mances. The actual  Breguet fac tor  can be obtained by combining the separate 
engine and airframe performances i n  the ideal  Breguet factor  and multiplying 
by tne appropriate coefficient of integration. 
enibodies a l l  the interactions and geometric constraints t ha t  occur i n  the  
Ictegretion of the scramjet engine and all-body configuration. 
b io% value of CI 
of-the afterbody does not lend i t s e l f  t o  an e f f i c i en t  nozzle configuration. 
Similarly, a high value of 
i n  obtaining high cruise performance. 

The coefficient of integration 

For example, 
may r e f l ec t  unaerexpanded nozzle flow when the underside 

CI may represent the benefit  of thrust deflection 

RESULTS 

Performance 

Figure 7 shows the e f fec t  of the break-point length r a t i o  on the vehicle 
The t i c k s  denote the nominal configuration value and performance parameters. 

the sketcnes serve as reference t o  the vehicle prof i le .  Increasing.break- 
point length r a t io ,  which corresponds t o  increasing forebody length re la t ive  
t o  tne overal l  body length, causes the lift-to-drag r a t i o  t o  increase as a 
r e su l t  of decreasing forebody wave drag. A t  the higher Mach numbers, such as 
the M = 12 cruise condition, the forebody wave drag is  the dominant par t  of 
the vehicle zero- l i f t  drag with the afterbody base drag becoming more i q o r -  
t an t  a t  the lower Mach numbers. The Breguet factor  shows a trade-off at the  
higher values of break-point length r a t i o  between increasing l i f t -drag r a t i o  
and decreasing coefficient of integration. This change i n  coefficient of 
integration w i t h  break-point length r a t io s  is  the  result of changing nozzle 
performance. 

The relationship between nozzle performance and break-point length r a t i o  
if s k m ~  1.. f l g - z e  6 .  3ecause t h e  f l o v  i s  underexpanded,. the key parameter 
1zZluenclng the nozzle performnce i s  the expansion area r a t i o .  Tie expan- 
sion area r a t i o  of the nozzle is denoted by which is the r a t i o  of the 
stream area a t  the nozzle exit t o  the combustor exit area.  This ex i t  area i s  
determined by 6v, the  velocity deflection a t  the ex i t  of the nozzle with 
respect t o  the horizontal reference l i n e  of the fuselage. It can be seen from 
the sketch of the vehicle afterbody t h a t  fo r  upward velocity deflection, the 
e x i t  area i s  decreased since it i s  measvred perpendicular t o  the exit velocity 
vector. Hence, the expansion area r a t i o  i s  reduced fo r  the large upward 
veloci ty  deflections occurring at  the higher break-point length r a t io s  where 
the shorter afterbody length limits the amount of expansion. 

AE/& 

The ef fec t  of the vehicle sweep is  shown i n  figure 9. The lift-to-drag 
r a t i o  increases with increasing sweep because of t he  decreasing forebody wave 
drag, while the coefficient of integration increases because of higher nozzle 
expansion area r a t io s .  
-increased afterbody length which allows more turning of the flow and, hence, 
more expansion. The increased afterbody length with increasing.sweep i s  due 
t o  the constant vehicle volume constraint .  

This higher nozzle performance i s  primarily due t o  



Figure 10 shows the  e f fec t  of vehicle fatness r a t i o  (the r a t i o  of the 
’vehicle cross-sectional area at  the break point t o  the t o t a l  vehicle planform 
a rea ) .  
area f o r  the same planform area and, consequently, a lower L/D. 
the  f a t t e r  venicles have a greater  base area available f o r  expansion, the use 
of t h i s  area is l imited by the  reduced afterbody length. 
s l i gh t  reduc+,io:2 in  CI which, i n  combination with the reduced fr,’3, r e su l t s  
;;& >>-,.er Zreguet iac tors  a t  the  nigner values of fa-cness r a t i o .  

For the higher values of fatness r a t i o  the  vehicle has more f ronta l  
Although 

The result i s  a 

Although figure 10 indicates that Breguet factors  as high as 25,000 n. m i .  
m y  be possible with slender vehicles,  the actual  gains f o r  lower values of 
fatness r a t i o  a re  l imited by increased s t ruc tura l  weight. 
nominal value for  fatness r a t i o  of O.Og3’j  w a s  used i n  t h i s  study. 

For t h i s  reason a 

Figure 11 i l l u s t r a t e s  the e f fec t  of vehicle angle of a t tack,  presented as 
the r a t i o  t o  the angle fo r  maximum L/D. 
off  between the decreasing l if t- to-drag r a t i o  and the increasing coefficient 
OT integration w i t h  decreasing angle of a t tack.  A t  reduced angles of a t tack 
tne coefficient of integration is  based on a lift-to-drag r a t i o  reduced from 
(L/D),, i n  the computation of both ideal  and actual  Breguet factor.  
t h e  preseiectea nominal vehicle, t h i s  f igure snows tha t  tne maximum engine . 
performance and airframe performance a re  not properly matched a t  the angle fo r  
(L/D),,. Better engine-airframe matching would be expected t o  yield a higher 
Breguet fac tor  than shown here. 

The Breguet factor  shows the trade- 

For 

The sens i t i v i ty  of Breguet fac tor  t o  engine eff ic iencies  is  shown i n  
f igure 12 fo r  the  nominal vehicle. 
combustion efficiency (7,) change the Breguet factor  very s l igh t ly  as compared 
t o  the extreme sens i t i v i ty  t o  nozzle efficiency. The dashed l i n e  on figure 12 
indicates the improvement t o  be gained with equilibrium nozzle flow over 
chemically frozen flow (represented by the sol id  l i n e ) .  
f igure 12 reveals that  the assumption of frozen flow h-ith a nozzle efficiency 
of 1.0 i s  ro7@’nly equivalent t o  a ‘value of 0.963 fo r  equilibrium flow, a 
r e 3 s ~ ~ b 1 : ~  conservz t lve  noxinel velue . 

The inlet process efficiency (rim) and 

Examination of 

The sens i t i v i ty  of Breguet factor  t o  i n l e t  diffusion a t  M = 12 i s  i l l u s -  
t r a t ed  i n  figure 13. The geometric contraction ra t io ,  o r  r a t i o  of capture 
area t o  the minimum i n l e t  area, is  
not .include the compression due t o  the  vehicle flow-field e f f ec t ,  which adds 
a substant ia l  pressure r i s e  a t  the 
indicates  t ha t  cruise performance i s  not unduly sensi t ive t o  the  contraction 
r a t i o  selected,  except tha t  below an 
and integration coeff ic ient  f a l l  off because the  combustor exit Mach number 
i s  too high t o  achieve the required amount of expansion along the available 
surface. Other considerations a re  as important t o  the select ion of contrac- 
t i o n  r a t i o  as performance, however, and the nominal Ac/A1 of 8.25 a t  M = 12 
w a s  selected t o  minimize the in te rna l  wetted area and the  duct pressure. Both 
of these factors  lead t o  lower engine weight and reduced cooling flow. 

Ac/A1. 

M = 12 cruise  condition. 

The diffusion indicated here does 

T h i s  f igure 

A,/A1 of about 7:1, the  Breguet fac tor  
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Stab i l i t y  

The vehicle s t a b i l i t y  analysis w a s  concerned with longitudinal s t a t i c  
s t e b i l i t y  and w a s  performed t o  investigate the e f fec ts  of the large gross 
ziirust an6 r a m  drag vectors. 
study a re  shown i n  figure 14  fo r  the nominal configuration trimmed at  (L/D)max 

-::e s;li& i i n e  snows tne normal power-on s t a b i l i t y  of the nominal configura- 
Zion. The dashed l i n e  is  the same configuration with no fue l  flow t o  the 
scramjet engine and shows tha t  the configuration maintains s t a b i l i t y  and would 
balance a t  a s l i gh t ly  higher angle of a t tack.  The solid-dashed l i n e  shows the 
effect  of the canard remaining fixed a t  the t r i m  condition and shows a s l igh t  
becrease i n  s t a b i l i t y  with a fixed canard. A l l  curves show a pitch-up at  the 
higher angles of a t tack.  

The r e su l t s  of t h i s  longitudinal s t a b i l i t y  

T,-< .-L .Lj,  a f loat ing cana,; a t  yd angle of a t tack with respect t o  the free  strear-. - 

Figure 15 shows the components i n  the  pitching-moment curve. The so l id  
l i n e  is the component i n  pitching moment due t o  the ram drag vector, the  
ssl2d-deshed l i n e  i s  the pitching moment due t o  the basic body, and the dashed 
llne i s  the pizching moment due t o  the gross thrust  vector. The gross thrust  
vector is responsible f o r  the pitch-up a t  the higher angles of a t tack.  A t  an 
a g k  3: azzack of approximately l2 -1 /Zo  the  gross thrust  vector is  acting 
d l r ec t ly  through the center of gravity.  But, at  the higher angles of a t tack 
the gross thrust  i s  acting a t  an angle which produces a posit ive pitching 
moment about t h c  vehicle center of gravity.  

Temperatures 

Besides being very important i n  the s t a b i l i t y  analysis,  the thrust  
deflection angle can play an important ro le  i n  reducing the vehicle surface 
tex2erezwes due t o  aerodynamic heating. 

-. 2iga-e 16 shows the venicle temperature on the lower surface versus the 
-CY i?ile2:111: zr-gle.  It cai be seen t k t  t'lis temperiture c%1? be redxed  

:-..L::C---:-L--;,- 1: LE c r z ~ s e  s l ~ i % u & e  i s  increased for tne same thrust  defiec- 
t l s a  m g l e  and can be reduced s t i l l  fur ther  i f  thrust  deflection i s  increased. 
Increased thrus t  deflection allows the vehicle t o  balance a t  a lower l i f t  
loading because the thrus t  i s  contributing t o  the required vehicle l i f t .  
decrease i n  temperature with increased a l t i t ude  i s  due t o  the change i n  the 
environment even though the  required angle of attack fo r  the same l i f t  loading 
i s  increased. Tne change in  temperature with thrust  deflection i s  due t o  the 
zhenge i n  angle of  a t tack which i s  more pronounced a t  the higher a l t i tudes .  

. - -  

The 

CONCLUSIONS 

Ln conclusion, it i s  important t o  see where t h i s  study has l ed  in  regard 
t o  hypersonic configurations possessing high cruise performance. 
configuration i s  shown i n  f igure 17. 
toward high sweep vehicle shapes f o r  e f f i c i en t  cruise.  

One such 
This configuration shows the trend 

It has a high 



coefficient of integration and a high Breguet factor ,  and i s  longitudinally 
s table  i n  cruise.  
acceleration, transonic drag, o r  landing performance considerations. The 
optimization of a hypersonic vehicle design requires a complete mission study 
where vehicle performance including s t ruc tura l  weight can be evaluated over a 
given mission. 

However, t h i s  configuration w a s  unconstrained by take-off 
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Figure 1 

NOMINAL CONFIGURATION 

CONSTANT MACH NUMBER = 12 

CONSTANT BODY VOLUME = 71,400 cu ft 

SREkK-DOINT LENGTH RATIS (Z.,,/Z: = .75 
SWEEP { A )  = 75O 

FATNESS RATIO (Srr /S)  = .OS35 

Figure 2 
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CRUISE FORCE DIAGRAM 

DRAG 

LIFT 1 WEIGHT (REDUCED BY CENTRIFUGAL FORCE) 

Figure 3 

NOMINAL NOZZLE CONFIGURATION 

THRUST 

Figure 4 



NOZZLE SCHEMATIC 
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Figure 5 
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Figure 6 



EFFECT OF BREAK-POINT LENGTH RATIO 
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Figure 7 

NOZZLE PERFORMANCE PARAMETERS 

‘ I  
2o 1 I 

NOMENCLATURE 

2L 0 
.5 .6 .7 -0 -9 
BREAK-POINT LENGTH RATIO 

Figure 8 



EFFECT OF SWEEP 
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Figure 10 



EFFECT OF ANGLE OF ATTACK 

Figure 11 
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EFFECT OF INLET CONTRACTION RATIO 
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Figure 13 

LONGITUDINAL STAB I LlTY 
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Figure 14 



PITCHING MOMENT COMPONENTS 
M.12 
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Figure 15 

EFFECT OF THRUST DEFLECTION ON TEMPERATURE 
M = 12 

Figure 16 



HIGH PERFORMANCE VEHICLE 
’ M.12 

CI = .95 
BF = 21,000 n. mi. 





11. RANDLING QUALITIES OF HYPERSONIC CRUISE AIRCFXF'T 

By Harold J. Walker and Milton 0. Thompson 
Flight Research Center 

The apparent trends in the handling characteristics of transport aircraft 

The piloting factors and aircraft response character- 
as cruise speeds are extended to the hypersonic range are considered in more or 
less broad perspective. 
- I rA- .w sch lzh  zppear to be most sensitive to a substantial advance in cruise 
velocity - such as projected for the hypersonic transport - are discussed in 
light of recent flight experience with the XB-70. 
piloting problems concerned with control of altitude, speed, and heading are 
assessed in relation to the aircraft response Characteristics at high cruise 
speeds. 
mgentetion systems to achieve an optimum handling aircraft and to allow 
greater stability-and-control design uncertainties in developing the highly 
complex hy-personic transport. 

-. o.= 

Ih particular, possible 

A brief review is made of the possibility of employing full-authority 

INTRODUCTION 

This paper considers in somewhat broad perspective the forseeable trends 
in the handling characteristics of large transport aircraft as cruise speeds 
are extended to the hypersonic range. 
the cruise regime. . 

Considerations are limited in general to 

SYMBOLS 
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lift -curve slope 

rolling moment due to sideslip 

rolling moment due to aileron deflection 

pit ching-moment -curve slope 

yawing moment due to sideslip 

yawing moment due to aileron deflection 

frequency of short-period longitudinal olscillation 
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P 
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acceleration due to gravity 

altitude 

incremental change in altitude 

incremental rate of change of altitude 

moment of inertia about vertical axis 

Mach number 

mass 

normal acceleration 

period of phugoid oscillation 

dynamic pressure 

wing planform area 

incremental time 

velocity 

incremental velocity 

sideslip angle 

incremental flight-path angle 

aileron deflection angle 

rudder deflection angle 

damping ratio 

pitch-attitude angle 

air density 

error in bank angle 

error in heading angle 

Dutch roll frequency 

term in the roll-rate-to-aileron transfer function which detemines 
the amount and direction of sideslip produced in aileron rolls 



BACKGROUND 

The first-generation hypersonic transport, as noted i n  the previous papers, 
Ls envisioned as a long slender vehicle of roughly the same s ize  and weight as 
the SST, and capable of cruise speeds extending to, and possibly beyond, a Mach 
number of 6. Three of the propxed concepts are i l l u s t r a t ed  i n  figure 1, where 
L - ~ ~ I ~  r ~ l s t i v e  size an6 shape 8z-e compare& with the recent SST aesigns and the  
XB-70. In general, there i s  a high degree of s imilar i ty  between the supersonic 
and hypersonic configurations. 
transport, however, w i l l  extend through a broader range of a l t i tudes  and dynamic 
pressures ( f ig .  2) .  The average leve l  of dynamic pressure f o r  these config- 
xeazions at  cruising speeds w i l l  be considerably higher than tha t  fo r  the 
present subsonic jets i n  order t o  achieve the best  possible propulsive effi- 
ciency. A noteworthy ef fec t  of t h i s  upward trend i n  dynamic pressure i s  i t s  
tendency t o  compensate f o r  the natural  l o s s  i n  l i f t  effectiveness as both vehi- 
c l e  s ize  and speed are  increased. This e f fec t  i s  shown in  figure 3 i n  terms of 
the r a t i o  of l i f t  effectiveness t o  m a s s  f o r  the three generations of transports. 
The curve on the l e f t ,  f o r  uni t  dynamic pressure, shows the usual rapid decline 
of t h i s  parameter beyond the  transonic range. 

higher Mach numbers and r e su l t s  i n  a near-level trend. This e f f e c t - i n  conjunc- 
t ion  w i t h  apparently similar trends i n  s t a t i c  margins, r a d i i  of gyration, re la-  
t i v e  control-surface areas, and so forth,  suggests t ha t  the various transports 
m y  not d i f f e r  s ignif icant ly  i n  many basic response and handling characteris- 
C,ics. The recent f l i g h t  experience w i t h  the XB-70 should a l so  provide a 
meaningful insight i n to  possible future  trends i n  the progression from sub- 
sonic t o  hypersonic cruise. 

The operational envelope of the hypersonic 

Inclusion of the average opera- 
t' -r?g d y n m t c  pressure; as shown on the r ight ,  ra i ses  the effectiveness at  the 

LONGITUDINAL CRARACTERISTICS 

With regard t o  the longitudinal modes, the p i l o t ' s  a t tent ion i n  cruise i s  
..?z- .- s i -  -,c,-*.cy _-_ L-L, _v__-L_  nec ~ i t h  conzroiilng slzi^uude and speed wi th in  a~ ailowed corridor. 
'Iccasional t h r o t t l e  and elevator adjustments would normally be required t o  
establish.and maintain the desired flight path. 
extending cruise speeds t o  the hy-personic range, however, i s  the lasge increase 
i n  time required t o  alter the f l i g h t  path, as shown i n  figure 4. 
required t o  change the  f l i g h t  path lo by using a steady normal acceleration of 
1/1Og i s  seen t o  be about 30 seconds at a Mach number of 6, nearly an order of 
magnitude greater than the t i m e  required a t  subsonic speeds. 
a l te ra t ion  times such as t h i s  w i l l  require greater anticipation by the p i l o t  t o  
prevent excessive a l t i t ude  overshoot, as f o r  e x h p l e  i n  terminating the climb 
a t  cruise a l t i tude.  This d i f f i cu l ty  can, of course, be al leviated with the 
a id  of a f l ight-director  type of display t o  provide the p i l o t  with the proper 
lead time f o r  the leveling-off maneuver. 
speeds also w i l l  require much greater lead times than are available from visual 
sightings of other a i r c ra f t .  

A significant e f fec t  of 

The t i m e  

Long path- 

Avoidance of col l is ions at these 

Another important e f fec t  a t  high cruise speeds i s  the  extreme sens i t iv i ty  
of rate of climb t o  small changes i n  fl ight-path angle. Climb or descent rates 
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during cruise are not expected t o  d i f f e r  s ignif icant ly  from those normally used 
i n  subsonic operations. The changes i n  a i r c r a f t  a t t i tude ,  therefore, will 
necessarily be very small, and the p i l o t  w i l l  require greater precision i n  h i s  
a t t i t ude  display. This requirement i s  i l l u s t r a t ed  i n  figure 5 ,  which shows the 
required accuracy i n  fl ight-path angle with increasing Mach number f o r  control 
of a l t i t ude  r a t e  within ( for  example) 300 feet per minute. The requirement for 
hypersonic cruise i s  seen t o  be an order of magnitude smaller f.han Lat  fo r  
c - A s m i z  spee5.s arid 2bout half t'nat for supersonic cruise.. This ina t ten t ior  t c  
a t t i t ude  coiild result i n  large a l t i t ude  errors  and correspondingly long recovery 
t i m e s  t o  regain the cruise a l t i tude.  

A n  in te res t ing  contrast  i n  a l t i t ude  hold performance experienced during the 
D-70 program i s  seen i n  f igure 6, which shows t i m e  h i s tor ies  of a l t i tude,  a t t i -  
tude, and elevon deflection f o r  two flights of the XB-70. In  one case the p i l o t  
used primarily the  air b t a  display (i.e., a l t i t ude  and a l t i t ude  ra te ) ,  and i n  
the  other, the attitude display. The time his tory on the l e f t  represents condi- 
t ions  after the a i r c r a f t  encountered a sudden change i n  atmospheric conditions. 
This caused apparent changes on the p i l o t ' s  altimeter and rate-of-climb indi- 
cztors, both of which are  pressure-sensing instruments. 
these instruments i n  an attempt t o  hold the indicated a l t i tude  constant. The 
large lag i n  the pressure instruments at  high a l t i tudes  and the slow response 
of the a i r c ra f t  resulted i n  "instrument chasing" by the  p i lo t ,  which caused . 

large a l t i t ude  excursions (as shown) and a l t i t ude  rates which at times exceeded 
6000 ft/min. 

The p i l o t  then used 

For the time his tory on the  right, the p i l o t  w a s  asked t o  hold a l t i tude  

Also, the  p i l o t  was  aided on th i s  run by the absence of 
constant f o r  a sonic-boom run, and the pitch-att i tude indicator was used as the 
primary reference. 
l a rge  atmospheric disturbances. This and other similar runs have demonstrated 
that  a l t i tude  can be controlled f a i r l y  precisely at  high speeas through use of 
the a t t i t ude  indicator. The p i l o t s  have complained, however, t ha t  t h e i r  task 
is made d i f f i c u l t  by a lower-than-desired resolution of the a t t i t ude  indicator. 
Recent flights of the  XB-70 with the sens i t iv i ty  of the a t t i tude  display 
increased by a factor  of 2 indicate a def ini te  improvement i n  the a l t i tude  hold 
- c  u a ~ i T .  
tutie w a s  use& t o  hoici constant a i t i tude .  

- - -  
-1: ge:ierhA, Large el-,L-r;uCe excu-rsions navc, not occurrefi visen pi tch a t t i -  

I n  acquiring and holding a desired a l t i t ude  or  speed, the p i l o t  i s  involved 
mainly with the short-period response of the  aircraf't. 
t r i m  are l e f t  unattended, however, the  long-period phugoid osc i l la t ion  w i n  
develop. 
different  from that normally observed i n  subsonic flight (ref .  1). 
as shown on the l e f t  i n  f igure 7, increases with speed and, when density effects  
are taken in to  account, tends t o  l eve l  off i n  the neighborhood of 160 seconds at 
hypersonic speeds. 
ber of approximately 1.0. 
r a t i o  of a l t i t ude  excursions t o  velocity excursions as speed i s  increased. 
Thus a t  high Mach numbers the  phugoid will appear primarily as an osc i l la t ion  
i n  altitude. 
develop and the p i l o t ' s  main concern w i l l  be maintaining a l t i t ude  rather than 

not sense the a l t i t ude  and speed excursions as par t  of a phugoid osci l la t ion.  

If any deviations from 

A t  high cruise speeds the character of the phugoid mode i s  t o t a l l y  
The period, 

The effect  of density becomes significant above a Mach num- 
The figure on the right shows a l inear ly  increasing 

When cruising velocity i s  high, large a l t i t ude  excursions may 

- speed. The period is  r e l a t ive ly  long, however, and the  p i l o t  would probably 



Rather, they would appear t o  him as re la t ive ly  slow divergences which, if  
recognized i n  time, would be re la t ive ly  easy t o  correct. 
thus far, the p i lo t s  have not been aware of the phugoid oscil lation, mainly 
because the excursions from t r i m  have always been corrected at  an ear ly  stage. 
Since occasional excitations do occur, however, the p i lo t  must monitor rather 
closely the at t i tude,  a l t i tude,  and rate-of-climb displays during cruise. 

In the XB-70 program, 

%e nap-21-xceleration response and short-perio6 character is t ics  of the 

An estimate of the  trends i n  the 
kflersonic transport are  essent ia l ly  independent of speed and therefore should 
be similar t o  those of the SST's and XB-70. 
short-period mode i s  given i n  figure 8. Ranges of frequency and danrping'ratio 
are  shown f o r  the various transports i n  unaugmented flight and a comparison is  
=de w i t h  approximate boundaries for acceptance i n  transport operations 
( re f .  2 ) .  
c r i t e r i a  for this  c lass  of a i r c ra f t .  The subsonic j e t s  are seen t o  exhibit a 
generally higher l eve l  of s t a b i l i t y  than e i ther  the supersonic or  hypersonic 
transports, and are  adequately damped without augmentation. The unaugmented 
damping levels  f o r  the SST and HST are, naturally, quite low but can, of courke, 
Se shlf ted t o  the sat isfactory region w i t h  proper augmentation. The damping 
levels  f o r  the  XB-70 barely f a l l  within the unsatisfactory region; however, the 
C C I ~ S ~ Z S U E  of the 2 i l o t s  thus far indicates that a lower l eve l  of damping than 
suggested by this c r i t e r ion  w i l l  probably be acceptable fo r  emergency opera- 
t ions.  A similar result i s  found i n  re la t ion  t o  the sat isfactory region with 
augmented damping. 

These boundaries are based on a general assessment of available 

Rough estimates of the frequency range fo r  the hypersonic transport show 
a generally lower trend as compared with the B-70 and SST. 
approaching the 0.1-cps leve l  shown f o r  the hypersonic transport  have often 
beer, experienced i n  XB-70 flight tests at  low speeds and w e r e  found t o  be 
satisfactory.  It i s  believed that  the lower s t a b i l i t y  l eve l  f o r  the hyper- 
sonic transport may also be sat isfactory at  cruise speeds i f  adequate damping 
is provided. 

Frequencies 

L~A%-DIfiECTIOI?& CHARACTERISTICS 

The principal p i lo t ing  task i n  the lateral-directional modes is one of 
establishing and maintaining prescribed headings primarily through control of 
bank angle. Turning rates f o r  a given bank angle, however, w i l l  diminish with 
increasing speed i n  the  same manner as flight-path angle i n  the vertical plane. 
On the  other hand, heading holds w i l l  become less sensit ive t o  errors  i n  bank 
angle. 
e r rors  i n  bank angle and heading. 
dizninishes t o  an insignificant l eve l  at  hnersonic  speeds, and control of 
heading becomes the more c r i t i c a l  factor.  
although constant on a mileage basis, w i l l  develop very rapidly w i t h  time at  
hypersonic speeds, and more precise control of heading w i l l  be needed t o  m i n -  
t a i n  adequate lateral  separations i n  future cruise corridors. 

Figure 9 shows the f l ight- t rack of fse t  per 100 naut ical  miles f o r  lo 
The offset  due t o  an e r ror  i n  bank angle 

The of fse t  due t o  heading error,  

- The r o l l  response t o  the ailerons generally tends t o  couple with the Dutch 
r o l l  mode, par t icular ly  i f  damping i s  low. A s  shown i n  figure 10, the  terms 



which best describe this  tendency (refs. 3 and 4) are wd, the  Dutch r o l l  f r e -  
quency, and CD which determines the amount and direction of s ides l ip  produced 
i n  r o l l  maneuvers. The extent of roll-yaw coupling i s  determined primarily by 
the r e l a t ive  magnitudes and signs of the  dihedral e f fec t  and aileron-yaw term 
i n  the  expression f o r  u)? (at the top of the figure). For best  a i leron-rol l  
response the  r a t i o  of (urn t o  should be nem unity, t ha t  is, near the  
cliagomil l i n e  for which wcp = q. 
XB-70 fl ight t e s t s  with augmentation off at various Mach numbers ranging from 
0.4 t o  2.9. A t  subsonic Mach numbers with the wing t i p s  up, the r a t i o  of u9 
t o  wd falls considerably below the  diagonal, and the airplane under these 
conditions exhibits an objectionable adverse yaw tendency. Although adequate 
roll power i s  available, the p i l o t  cannot command even modest r o l l  rates f o r  
f e a r  of exceeding s t ruc tura l  l imitat ions i n  sideslip.  Transition i s  made t o  
supersonic cruise speeds by deflecting the  wing t i p s  downward 650. In  this 
configuration the dihedral effect  changes sign and the r a t i o  of f% t o  cod 
Doves t o  the upper side of the diagonal. Under these conditions there  is  a 
strong tendency f o r  the p i l o t  t o  induce an objectionable Dutch r o l l  type of 
osci l la t ion.  

9' 

- .  The data poirits shown were obtained from 

w e  
are 

A typical  time his tory of a pilot-induced osci l la t ion i s  given i n  f i g -  
ll f o r  steady cruising f l i g h t  at a Mach number of 2.5. 
shown here i n  conjunction w i t h  the p i l o t ' s  ai leron and rudder control 

Sideslip excursions 

inputs. 
divergent la teral-direct ional  osci l la t ion.  
by reengaging the damper system, although releasing the controls would have 
produced a similar e f fec t .  With the  dampers engaged the  pa t te rn  of the &ta 
points shown i n  figure 10 does not change significantly;  rather,  there i s  a 
greater tolerance f o r  deviations from the diagonal. These results emphasize 
the  importance of maintaining a l eve l  of u) 9/md near unity. Since turning 
rates are quite small at hypersonic speeds, a low leve l  of control power may' 
be preferred during cruise. if control power i s  low, then a l eve l  of LU 

The r o l l  and yaw dampers were disengaged, and the p i l o t  i n i t i a t ed  a 
The motion w a s  f i n a l l y  suppressed 

T/ d 
?-gyL;;z- C"\"7jF -LE:Z>- is in25czteS t o  be more nearly optimm i f  the IMtch r o l l  
moue i s  aQequazely damped. A rudder-aileron interconnect is, of course, one of 
the devices available t o  the designer f o r  establishing an optimum ra t io .  

As a f i n a l  consideration of t he  la teral-direct ional  handling character- 
i s t i c s ,  the unaugmented Dqtch r o l l  frequency and damping r a t i o  are presented 
i n  f igure 12, together with approximate boundaries (ref. 2) defining satis- 
factory, unsatisfactory, and unacceptable regions f o r  transport  aircraft. The 
frequency levels  f o r  the XB-70 and SST are generally lower than tha t  f o r  the 
subsonic jets, and the  l e v e l  f o r  t he  hypersonic transport  i s  l i ke ly  t o  be s t i l l  
lower. Low frequencies, although appeasing t o  be unsatisfactory even at  modest 
leve ls  of damping ra t io ,  have not been found unacceptable i n  f l i g h t  tests of 
the XB-70 a t  high cruise speeds. 
believed t o  be overly conservative i n  applications t o  large transport  a i rc raf t .  
Damping r a t i o s  f o r  t he  hypersonic transport  can, of course, be raised t o  a 
sat isfactory l e v e l  with sui table  augmentation. 

The presently available c r i t e r i a  thus are 
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SYE- APPROACH 

In consideration of the many complex aerostructural and thermostructural 
problem that face the designer of the hypersonic transport, the achievement of 
fully satisfactory handling qualities in all flight regimes will truly be an 
impressive task. Indeed, after all possible precautions are taken in model 
Z ~ C Z E  ZS mzl>,5czL stuzies, z nmber of unexpected and sometimes criticil 
ha-rdLirlg problems are Likely to turn up in,flight. The XB-70 adverse aileron 
yaw problem is a case in point. 
least a limited fail-operational systems approach in the development of a new 
concept, wherein the more critical design uncertainties may be accommodated 
xit'no-m undue penalties in handling or performance characteristics. 
extension of this principle would of course provide for full optimization of 
the handling characteristics, and even allow tradeoffs of basic aircrdt sta- 
bility in favor of improved performance. 

These circumstances suggest the adoption of at 

A further 

Figure 13  illustrates the apparent trend in systems developent and 
acceptance through the three stages (subsonic, supersonic, and hypersonic) of 
transport development. The growing demand for greater systems authority in 
vzhicle control as spee& is increased is quite apparent, starting with the 
simple dampers in today's jet transports and evolving to the full-authority 
command augmentation systems that will most certainly be available in the 
hy-personic transport era. For supersonic cruise, limited-authority augmenta- 
tion as well as some of the more advanced systems are already operationally 
qualified in recent fighter-type aircraft, and these systems will be strong 
contenders for adoption in the SST program. 
adaptive) gain systems also have emerged from the experimental stage after 
rather extensive testing in research aircraft, and may offer attractive advan- 
tages in the design of future hypersonic cruise aircraft. The fly-by-wire 
system is still limited to space vehicle and booster applications. 
approach, however, is also certain to become more widely accepted as reli- 
ability levels continue to rise. 

Model-following and variable (or 

This 

5 x f  emre=iz:loz - -  ci :he poten5blmzirgins thaz =re availatle to the 
aesigner in adopting a full-authority augmentation system may be gained from 
the study presented in figure 14. This figure shows the effect on pilot rating 
of varying the magnitudes af two basic derivatives, C& and C2 through 
sufficiently wide ranges to render the aircraft unflyable without augmentation. 
The study covered a number of the principal derivatiyes and was performed on 
the X-15 simulator at a Mach number of 6 using a rate-command augmentation 
system. 
values (shown on the figure). The lower line in each case represents the 
unaugmented aircraft, which for negative values of static margin and dihedral 
effect is impossible to handle. The augmentat'ion system, it is seen, will 
absorb substantial deviations of these parameters from the design levels and 
still provide acceptable handling characteristics. The bplication is, of 
course, that a system of this kind can be designed around a statically neutral 
or even unstablg aircraft, and therefore offer a more versatile approach in 

B' 

The derivative values are expressed in multiples of the basic X-15 

-the design of such a complex vehicle as the hypersonic transport. 
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CONCLUS IONS 

To sumnarize t h i s  ra ther  broad projection of trends i n  the  handling char- 
a c t e r i s t i c s  of future  transport a i r c ra f t ,  one might say tha t  the steps now 
being taken t o  develop a safe easy-to-fly supersonic transport w i l l  bridge 
many of tk- gaps between the present-day subsonic jet and the  hy-personic trans- 
p c r ~  of’ zmr~rro’r:. In general, it would a?pear that the p l l o t ’ s  control of 
a l t i tude ,  speed, and heading at hypersonic speeds w i l l  not d i f f e r  substantially 
from tha t  at  lower speeds if sui table  guidance and nevigational a ids  are pro- 
vided. An increase i n  fl ight-path a l te ra t ion  time will be largely of fse t  by a 
lower requirement f o r  changes i n  fl ight-path angle. 
k52-l be chzrzcterized by excursions i n  a l t i t u&e  rather  than velocity, and w i l l  
become a dominant fac tor  i n  maintaining f l i g h t  paths within prescribed corri-  
dors. Flight-path deviations will be more sensit ive t o  small er rors  i n  at t i-  
tude and heading, and are  l i k e l y  t o  place greater demands on the p i l o t  and 
guidance system. New avenues need t o  be explored f o r  optimizing the p i l o t ’ s  
ro l e  i n  act ively handling the a i r c r a f t  and monitoring an increasing complexity 
of automatic control and guidance functions. Finally, greater emphasis, it i s  
believed, w i l l  be given t o  the systems approach as a means f o r  establishing 
favorable trades between s t a b i l i t y  and performance and fo r  providing greater 
tiesign margins i n  ult imately achieving an optimum handling airplane. 

The phugoid osc i l la t ion  
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12. SOME EFFECTS OF MACH m E R  AND GEOMETRY 

ON SONIC BOOM 

By Raymond M. Hicks, Joe l  P. Mendoza, 
and Lynn W .  Hunton 

Ames Research Center 

SUMMARY 

A study has been conducted t o  determine the e f f ec t s  of Mach number and 
geometry on the l e v e l  of sonic boom overpressure and on the  app l i cab i l i t y  of 
%he Wnixham theory t o  t he  calculat ion of sonic boom. This study consisted of 
h5nd-tunnel t e s t s  and a theo re t i ca l  analysis  of t he  sonic boom charac te r i s t ics  
?O _ _  E 7.5" half-angle cone-cylinder and a model of the  X - 1 5  a i rplane over a 
;;zc;l --.1,-, - L 2 h 2 r  range frm 2 t o  5 .5  t o  compare experiment with theory. The 
g e m e t r i e  e f f ec t  was examined i n  tests of th ree  hypersonic t ransport  config- 
_ _ _  _. - -d--- .  3vf: t h ~  sarni Mach nxmber range. This study shows the  Whitham theory 
gives good gredict ions of sonic boom overpressure up t o  a Mach number of about 
3 ,  but  deviates rapidly from experiment above a Mach number of 3. It a l s o  
shorn t h a t  configuration geometry can have a considerable influence on the  
l eve l  of sonic boom overpressure a t  low hypersonic Mach numbers. 

- -^?-1 m-?. 

INTRODUCTION 

3mJeri.=nce gained i n  the  development of the supersonic t ransport  has 
sixm t h a t  an importark a rea  of hypersonic t ransport  research is  the  sonic 
-LL,u-.-. c -c,,- Tne grcbiem et hypersonic Mach nwbers  may be somewhat d i f f e ren t  from 

. I - - -  <a-p--3,-a,,- 

__. - I _  - - _. - - h ~ - = - - ' n  - _  - \ -_ - -  r?-iric.- - -  c -_..I- I?-.- P.-$ >ecezse of f& ?.<ffeyen$ configuration geometry 
_ _ _ _  - - . .__ _- -1.. ..I i_ . , -  .-&--&c :~;.E-sc,. n:.nerscchc aircraf:. Ti-is re2ort  vi;; 

LA-L-LAlu some answers to t w o  questions ra i sed  by the  sonic boom problem a t  
iiyyersonic Mach numbers : (1) W i l l  t h e  good cor re la t ion  between experiment 
az?d t h e  Whitham theory a t  moderate supersonic Mach numbers p e r s i s t  a t  
hmersonic  Mach numbers? (2)  How w i l l  changing the  geometry of hypersonic 
configurations change t h e  l e v e l  of sonic boom? 
theory a t  hypersonic speeds w i l l  be considered by comparing experiment and 
zheory f o r  a body of revolution and a complete a i rplane configuration. 
ci , L 1 e ~ t  L.3 

h p e r s o n i c  t ransport  a i r c r a f t .  

I -a= = - 

The v a l i d i t y  of t he  Whitham 

The 
of geometry w i l l  be examined by presenting data  f o r  three d i f f e ren t  

NOMENCLATURE 

CL l i f t  coef f ic ien t  

h a l t i t u d e  



2 

.. K 

P 

a 

2 

7 

body length 

Mach number 

reference pressure 

angle of a t t ack  

sor,ic boom overpressure 

shock angle minus Mach angle 

MODELS AND APPARA!I'US 

The models i n  t h i s  study were a 7.5' half-angle cone-cylinder, a model of 
t he  X-15 airplane,  and three  hypersonic t ranspor t  models - a blended-wing-body, 
E 5elIta-wing-body, and an all-body configuration. The three  hypersonic t rans  - 
por t  configurations and the  cone-cylinder were manufactured from mild s t e e l  
E E S  the  X-2.5 model WES c a s t  from beryllium copper. The three  t rznsport  models 
and the  cone-cylinder were 4 inches long, and the  X-15 model was  4.8 inches 
long. 

The tests were conducted a t  Mach numbers of 2 and 3 i n  t h e  Ames 9- by 
7-foot and 8- by 7-foot wind tunnels,  respectively,  and a t  Mach numbers of 4 
and 5.5 i n  the  21-inch hypersonic wind tunnel  of t he  Jet  Propulsion Laboratory. 

A l l  models were mounted .on a two-component i n t e rna l  strain-gage balance 
which w a s  manufactured i n t e g r a l  with t h e  s t i n g  support. The s t a t i c  probe 
used t o  measure t h e  pressures  i n  the  model shock system w a s  manufactured from 
sYainless s t e e l  i n  two sect ions.  
half-angle cone; the  a f t  sect ion,  also 10 inches long, was a 1-1/h0 half-angle 

The f r o n t  sec t ion  w a s  a 10-inch long, 1/2O 

r-3 ?.- i 
- L A _ - .  

The pressure transducers used i n  the  study were of the  capacitance type 
m d  had a maximum load capabi l i ty  of 10 mm of mercury. 

TEST TECHNIQE3 

The comparison between experiment and theory was made f o r  an a l t i t u d e  of 
100 body lengths (an a l t i t u d e  f o r  which t h e  Whitham theory i s  known t o  
p red ic t  sonic boom cha rac t e r i s t i c s  accurately a t  moderate supersonic Mach 
numbers). Since it w a s  not p r a c t i c a l  t o  obtain wind-tunnel data a t  an- 
a l t i t u d e  of 100 body lengths, an experimental technique developed a t  Ames 
f o r  deriving sonic boom cha rac t e r i s t i c s  from near f i e l d  data for  any grea te r  
altitude w a s  used. 



An expeditious way t o  descri%e the experimental technique is t o  compare 
it with the standard theore t ica l  procedure. This comparison is  presented i n  
f igure 1. 
calculation of the cross-sectional area distribution, l i f t  distribution, and 
inzerference l i f t  dis t r ibut ion before the 
signature can be calculated. One of the main d i f f i cu l t i e s  with the theoret- 
i c z l  procedure i s  the inzb i l i t y  of existing theories t o  define the l i f t  d i s -  
:riL~zia.-i accura-cely. 
re f .  1.) The only requirement f o r  applying the experimental procedure shown 
a t  the r ight  is tha t  a near f i e l d  pressure signature be measured i n  a wind 
tunnel (or other sui table  experimental f a c i l i t y ) .  
e~ experimental F-function and then the pressure signature a t  any higher 
e l t i t ude  can be calculated. 

?"ne theoretical.procedure shown a t  the l e f t  requires a detailed 

F-function and the desired pressure 

(For a complete description of t h i s  procedure, see 

Once t h i s  has been done, 

An evaluation of the va l id i ty  of the experimental procedure used for 
deriving sonic boom character is t ics  f r b m  measurements of near f i e l d  pressure 
signatures i s  presented i n  f igure 2. The XB-70 a t  M = 1.8 and the X-15 a t  
M = 5.5 were used as t e s t  cases. The two pressure signatures s h m  a t  the 
top of the figure were measured i n  a wind tunnel a t  a r a t i o  of a l t i t ude  t o  
body length ( h f l )  of 1. The experimental F-functions calculated fromthese 
near f i e l d  pressure signatures were used t o  calculated pressure signatures- 
(hereaf ter  called derived pressure signatures) fo r  alt i tude-length r a t io s  
of 4.5 and 290 f o r  the XB-70 and f o r  an altitude-length r a t i o  of 1770 f o r  
the X-15.  These derived pressure signatures are compared with experimental 
data obtained at  the  same altitude-length rat ios .  As can be seen, the derived 
pressure signatures and the experimental data agree well, except f o r  the loca- 
t ion  and strength of the rear  shock f o r  the X-15 at An analysis 
of schlieren photographs has indicated t h a t  t h i s  discrepancy i s  due t o  in te r -  
ference with the t r a i l i n g  shock on the  X-13 model caused by a shock emanating 
from the model support system. 
Xacn nuqbers and, t o  obtain re l iab le  data f o r  the t r a i l i n g  shock, would 
require a longer s t i ng  than that employed i n  t h i s  test .  This experimental 
procedure has been used t o  derive the experimental sonic boom character is t ics  
shc-m f o r  I-- coz f ig ra t iocs  i n  the remainder of t h i s  report .  

h/2 = 1770. 

This problem i s  par t icular ly  severe at high 

7 -  

REXNLTS AND DISCUSSION 

The f i r s t  question t o  be considered here concerns the va l id i ty  of the 
modified l i nea r  theory of Whitham a t  hypersonic speeds. 
eqer iment  with the Whitham theory f o r  a 7.5' half -angle cone-cylinder a t  
h/Z = 100 i s  shown i n  f igure 3. 
theory is good a t  Mach nmbers of 2 and 3 while the Whitham theory is seen 
t o  underpredict the strength of the bow shock at  Mach numbers of 4 and 5.5. 
Tkis trend is  not surprising since the assumptions used i n  the development of 
the Whitham theory place a def in i te  Mach number l imitation on the theory 
(see r e f ,  2 ) .  !his underprediction of the bow shock strength a t  low hyper- 
sonic Mach numbers has been noted before (ref. 3)  on a 7 . 5 O  half-angle cone 
a-t M = 5.14. 

A comparison of 

The correlation between experiment and 
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Figure 4 shows a comparison of experiment with theory for the X-15 a t  
the l i f t  coefficients indicated. Again, it is  evident t ha t  the correlation 
between experiment and theory i s  f a i r l y  good a t  the l o w  Mach numbers but not 
as good as f o r  the slender, nonlift ing configuration shown i n  figure 3. A t  
Mzch nwiiers 02 4 and 5.5 the theory again underpredicts the strength of the  
bow shock. 
signatures f o r  the X-15 were base3 on experimental presslire dl;tributions 
I C P F  re :~ .  L-c ,, . ~ e x ~ ,  the b c i ;  ~f cor~-liti:x-, bcrweer, eqerirneci and th~,c,,r3: 
carnot be blamed on inaccurate loading distributions.  

In  the calculation of sonic boom, the theore t ica l  overpressure 

, T \  -- 

Another measure of the accuracy of a sonic boom theory i s  the  degree of 
correlation between experimental and theore t ica l  shock angle. This comparison 
is maae i n  f igure 5 by p lo t t ing  shock- angle minus free-stream Mach angle f o r  
a 7.5' half-angle cone. Two theories (the Whitham theory and the cone tab les )  
a r e  presented along with an experimental value a t  
t h a t  the cone tables  quite accurately predict  the shock angle a t  M = 5.5. 
If the cone tables  a re  accepted as a good estimate of shock angle throughout 
the Mach number range shown i n  t h i s  f igure,  it can be seen tha t  the Whitham 
zneory predicts the shock angle well  t o  about M = 3 and then deviates 
rapidly from experiment above M = 3. It is  interest ing tha t  the bow shock 
r:;gle s r i2 i c t ed  by the FTnitham method is greater than the experimental shock 
angle a t  high Vich numbers while the opposite i s  t rue f o r  the pressure jump . 
a t  the bow shock (see f ig s .  3 and 4 ) .  This anomaly has not yet been explained. 

M = 5.5.  It can be seen 

The second question t o  be considered here i s  the e f fec t  of geometry on 
the leve l  of sonic boom. This question has been examined i n  t e s t s  of The 
three hypersonic transport  configurations shown i n  figure 6 a t  Mach numbers of 
2, 3, 4, and 5.5. The three configurations chosen were a blended wing body, 
a de l ta  wing body, and an a l l  body. All models, complete with empennage and 
simulated engine in l e t s ,  were 4 inches long. These models were not designed 
t o  minimize sonic boom, but were chosen as being typ ica l  of current thinking 
on hypersonic transports;  hence, the leve l  of sonic boom overpressure pre- 
s i n t t d  may be somewhat higher than coald be achieved i f  the configuration 
z ~ o r n e t r y  were reshzipeci. The resu l t s  of t h i s  study a re  presefited i n  f igure 7, 

ic:- 2 r clo;  of I I E X ~ ~ ~  oveqresszre  Ci;-laec cj- :he re fe-em? pressure 
versus Mach- number f o r  the three hypersonic configurations f lying a t  a con- 
s t an t  a l t i t ude  of.50,OOO f e e t  and a constant weight of 600,000 pounds. All 
a i r c r a f t  had the same volume. A s  shown by the s i lhouet tes  of the configu- 
ra t ions i n  figure 7, however, the lengths f o r  constant volume were d i f fe ren t  
for each a i r c r a f t .  The resu l t s  of t h i s  study indicate t h a t  f o r  the Mach' 
number range shown, the leve l  of sonic boom generated by the blended wing 
body is about the same as tha t  generated by the del ta  wing body, both being 
l e s s  than tha t  f o r  the all-body configuration. It should be pointed out t ha t  
the assumption of constant weight may have penalized the all-body configu- 
ra t ion  since preliminary mission analysis studies indicate tha t  the weight of 
the a l l  body may be less than the weight of the other two configurations for 
the  same mission. This would r e su l t  i n  a somewhat lower sonic boom 
overpressure. 

. - .  

Now tha t  the r e l a t ive  levels  of sonic boom overpressure have been 
established f o r  the three hypersonic transport  configurations, it i s  o f .  
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inzerest  t o  see what l eve l  of sonic boom ( i n  pounds per square foot )  would be 
generated by the blended wing body f lying a typ ica l  mission prof i le .  
p l o t  a t  the l e f t  i n  figure 8, the so l id  curve defines the basic mission 
? ro f i l e .  
nwribers below 2. 
the blended wing body f lying the basic mission a re  shown by the so l id  curve a t  
the r igh t  i n  the figure.  
L e t i x  c the K = 5.5 values.) A s  can be seen, overpressures woulc? be rathey. 
iege between M = 2 and 3 but would drop rapidly t o  about 1 psf a t  the end of 
cruise.  
transport  because of the higher cruise a l t i t ude  f o r  the hypersonic transport. 
If engines were available tha t  would permit a l te ra t ion  of the climb leg of the 
zission prof i le  t o  t h a t  shown by the dashed curve a t  the l e f t ,  the leve l  of 
sonic boom overpressure could be reduced during climb t o  the l eve l  shown by 
the dashed curve a t  the r igh t .  

I n  the 

The mission begins a t  M = 2 since t e s t s  were not conducted a t  Mach 
The overpressures tha t  would be generated on the ground by 

(The values f o r  M = 6 were obtained by extrapo- 

The 1 psf value i s  lower than tha t  anticipated f o r  the supersonic 

CONCLUSIONS 

The following conclusions can be drawn from t h i s  study: 

1. ??le modified l inear  theory of Whitham predicts sonic boom character- 
i s t i c s  f a i r l y  well f o r  slender configurations up t o  a Mach number of about 3 
but deviates rapidly from experiment above Mach 3. 

2 .  The sonic boom overpressure generated by the delta-wing configuration 
is  approximately the same as tha t  generated by the blended-wing-body config- 
uration, both being considerably below the overpressure l eve l  of the all-body 
configuration fo r  the conditions and Mach number range of t h i s  study. 

., ?. The use of ne i r  f i e l d  data  t o  derive sonic boom character is t ics  a t  any 
largzr  s l t i t u d e  appeirs t o  have application up t o  l o w  hypersonic Mach nurribers. 



1. Carlson, H. W . :  Influence of Airplane Configuration on Sonic-Boom 
Characterist ics.  J. Aircraft ,  vol. 1, no. 2, 1964, pp. 82-86. 

2. Whitham, G. B.: The CLOW Pat tern of a Supersonic Pro jec t i le .  Communi- 
cat ims on Pure and Applied Ihtherat ics ,  vol. 37, 1352> p p .  301-31;8. 

3. Callaghan, J. G. :  A Feas ib i l i ty  Investigation Concerning the Simulation 
of Sonic Boom by Ba l l i s t i c  Models. Rep.  52flOA, Douglas Aircraf t  CO., 
1966. 

4. Keener, Earl R.; and Pembo, Chris: Aerodynamic Forces on Components of 
the X-15 Airplane. NASA 'I!M X-712, 1962. 

5.  Pyle, Jon S.: Comparison of Flight Pressure Measurements With Wind- 
Tunnel Data and Theory for the Forward Fuselage of the X-15 Airplane 
a t  Each Numbers From 0.8 t o  6.0. NASA TN D-2241, 1964. 

6 ,  Fyle, Con S. : Flight-fdeasured Wing Surface Pressures and Loads f o r  the 
NASA TN 0-2602, 1965. X-15 Airplane a t  Mach'Numbers From 1.2 t o  6.0. 



DESCRI PTlON OF THEORETICAL AND EXPERIMENTAL PROCEDURE 
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13. DETERMINATION OF THE I N T ~ N A L  DRAG OF SMALL-SCALE 

SIMULATED AIRBREATHING ENGINES AT M, = 4.1 

By Lawrence A. Graham 
Ames Research Center 

The i n t e r n a l  drag of a s t r a i g h t  c i r c u l a r  duct a t  zero angle of a t t a c k  
5.5 :jeer: determined by fo rce  measurements, pressure surveys, and boundary- 
l aye r  ca lcu la t ions ;  t h e  results from these  methods are compared, and a s i m -  
p l i f i e d  experimental technique i s  described. Flow c h a r a c t e r i s t i c s  near t h e  
e x i t  of s eve ra l  ducts with d i f f e r e n t  geometries have been determined, and 
some of t h e  d i f f i c u l t i e s  encountered i n  assessing t h e  momentum i n  ducts such 
as t h e s e  a r e  discussed. Tes ts  were made a t  a free-stream Mach number of 4 .1  
m c i  a Reynolds number of 4.3 mi l l ion  per foo t .  
vere 0’ and 5O. 

Angles of a t t a c k  considered 

IIQRODUCT I O N  

A t  supersonic and hypersonic speeds, wind-tunnel models of a i r c r a f t  with 
a i rb rea th ing  engines must represent  both t h e  i n t e r n a l  and t h e  ex te rna l  d e t a i l s  
i f  the aerodynamics are t o  be properly assessed. This  includes i n t e r n a l  duct- 
ing of propulsion u n i t s  t o  permit simulation of t h e  ex te rna l  flow f i e l d .  I n  
such inves t iga t ions ,  a major problem i s  t h e  accurate determination of t h e  
in t e rn21  drag of t h e  d-ucting. 

This  pro-blem of t h e  accura te  determination of t h e  i n t e r n a l  drag of small 
d ~ ? c t s  i s  not new. The measuretzent of i n t e r n a l  &rag has always been d i f f i c u l t  

-+.d io;: speeas such e r r o r s  d id  not s e r ious ly  a f f e c t  t h e  f i n a l  drag results 
s ince  the .  i n t e r n a l  drag of t h e  duct w a s  small compared t o  t h e  t o t a l  ex te rna l  
drag of t h e  a i rp lane .  However, f o r  c e r t a i n  propulsion systems t h e  s i z e  of 
t h e  propulsion un i t  r e l a t i v e  t o  t h e  wing area increases  as t h e  a i r p l a n e  c r u i s -  
ing  speed increases .  Consequently, f o r  some configurations present ly  being 
s tud ied  t h e  i n t e r n a l  drag of t h e  duct used t o  simulate t h e  e x t e r n a l  aerody- 
carnies of a n  a i rb rea th ing  propulsion system on a small-scale model may be 
l a r g e  i n  comparison t o  t h e  t o t a l  ex te rna l  drag of t h e  model. 
t h i s  paper are: (1) t o  compare seve ra l  methods f o r  obtaining t h e  i n t e r n a l  
&zg of a small c i r c u l a r  duct; (2) t o  i l l u s t r a t e  some of t h e  d i f f i c u l t i e s -  
encountered i n  assess ing  t h e  momentum los ses  i n  small-scale ducts; and (3)  t o  
consider - the  f e a s i b i l i t y  of a s impl i f i ed  test  procedure f o r  determining 
i n t e r n a l  drag. 

- -  
7 -.__ - -  - . y z &  ET”31 r.2:- M a c - -  _ _ . _  Lu - frcz :ne irn3zcFer m e  of’ measureme.r,t techniques. - 
I _  - 

The purposes of 
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Comparison of Methods 

The flow i n  a s t ra ight  c i rcular  duct with infinitesimal wall thickness 
perfectly a l ined with the f r ee  stream i s  symmetrical about the duct longitu- 
dinal  center l ine .  This symmetry of flow simplifies the  determination of the 
flow character is t ics  a t  t he  duct ex i t .  Knowing the  i n l e t  and ex i t  flow char- 
a c t e r i s t i c s  permits the calculation of the in te rna l  drag from momentum re l a -  
tionships. I n  addition, the in te rna l  forces on such a s t ra ight  duct a re  
solely .skin f r i c t i o n  on the inner surface which can be determined analyt ical ly  
01- cer? be measured r i t h  2 strein-gage bslance. Un6er idea l  conditions, the 
'--arnpI _ _ _ b v _  __+_ 4 r s i z  _ _ _ A _  d.ete~z:z&. 5 z - o ~  rwt41cfs suck Z P  t410~5 ::ovLC7, be i n  perfect 
a@' P z YE :I, . 

Figure 1 shows an isometric sect ional  view of the model assembly used t o  
obtain the  in te rna l  drag of a c i rcular  duct by a force measuring technique. 
Inside the model i s  a sleeve which i s  supported, independently from the outer 
wall of the model, on flexures. The flexure cavity i s  open only t o  the duct 
i n l e t  and t o  a pressure measuring tube a t  the rear  of the flexure cavity. A 
t h in  f lex ib le  diaphragm at the base of the  model prevents flow between the 
inner sleeve and wall of the model. 
pressure were measured during each run and corrections were applied as 
necessary. 

Model base pressure and flexure cavity 

A movable rake shown i n  figure 1 w a s  used t o  measure the  flow character- 
i s t i c s  near the  duct ex i t .  The rake could be moved i n  the  v e r t i c a l  and hori-  
zontal planes and rotated +180° separately or i n  any combination. 
thus possible t o  measure the  ex i t  s t a t i c  and t o t a l  pressure a t  any point 
across the duct a t  the survey plane. Since the  conditions a t  the  i n l e t  for  

It was 
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t h i s  configuration are t h e  same as free stream, t h e  i n t e r n a l  drag may be 
determined as t h e  change i n  momentum between the  i n l e t  and t h e  e x i t .  

Method 

Force measurement 

DetaLled. pressure survey 

CelculaLed s k i n  T r i c t ion  

For t h e  computation of t h e  i n t e r n a l  sk in  f r i c t i o n  an a l l - t u rbu len t  bound- 
sry lzyer  from i n l e t  t o  e x i t  was assumed and the  method of re ference  1, appen- 
six -4, i,TaS used. The i n t e r n a l  sur face  of  t h e  duct w a s  considered t o  be a n  
e d i a b a t i m  f l a w  p l a t e  developed by unro l l ing  t h e  i n t e r n a l  sur face  of t h e  duct.  

t h r e e  methods j u s t  described for t h e  c i r c u l a r  duct at 
drag coe f f i c i en t  is  based upon t h e  e x i t  area of t h e  duct which has a diameter 
of 1 inch. 

- - --.-- 7 -< h ^  _ -  -.om ,A+L .I. r -0 e s  t h e  i n t e r n a l  &rag c o e i f i c i e n t  obtained from t h e  - _ _ _ _  - b - - U .  -.+ 
a = Oo. The i n t e r n a l  

Results from t h e  fo rce  measurement and from t h e  d e t a i l e d  survey 

I n t e r n a l  drag coe f f i c i en t  

0.098 
.098 
.087 

agree su rp r i s ing ly  well. The values shown f o r  t h e  force  and pressure survey 
methods are averages obtained from seve ra l  runs. For any given run  these  
L,..!o methods were found t o  agree within 21 percent.  The s k i n - f r i c t i o n  r e s u l t  
i s  epprox imte ly  11 percent lower than  t h e  r e s u l t  from e i t h e r  of t he  other 
methods. 

-... 

Flow Charac te r i s t i c s  a t  a = 0' 

11: o r j e r  t o  i nves t iga t e  nace l les  with i n l e t s  other than c i r c u l a r ,  
3.eteiLed p r e s s w e  surveys were made near t h e  e x i t  of t h e  ducts shown i n  f i g -  
1 L _ -  .,* = S to kcermine  t h e  floi,: c h a r a c t e r i s t i c s  and t o  define some of t h e  problems 
- - ~ - ~ . -  __..._ - ~ -j- . =r - .  - - ._ - - -  - - - -  - -_ : x ~ ? ~ z z -  x-2~ fcl- see,;, co?igwz:lons. I n  acldi- 
- - k - _  ,c x 5  cii:Ce: &act previously discussed ( f i g .  2, upper l e f t )  t h e r e  was 
E s q u a ~ e  duct ( f i g .  2, upper r i g h t ) ,  a two-dimensional i n l e t  with a c i r c u l a r  
e x i t  i n  a wing compression f i e l d  ( f i g .  2, lower l e f t ) ,  and a two-dimensional 
i n l e t  w i t h  precompression ramps and c i r c u l a r  e x i t  i n  a wing compression f i e l d  
( f i g .  2, lower r i g h t ) .  Thus, a l l  t h e  models had c i r c u l a r  e x i t s  except t h e  
s2uare duct and A1 e x i t  areas were equal. 

- -  . .  . ,  

- - r _  - 

Ikch number and s t a t i c -p res su re  r a t i o  along t h e  hor izonta l  and v e r t i c a l  
axes near t h e  duct e x i t  are shown i n  f i g u r e  3. for t h e  models j u s t  described 
E$ 0' msle of a t t a c k .  The da ta  f o r  t h e  circixlar and square ducts i nd ica t e  
e s s e n t i a l l y  symmetrical flow about t h e  duct longi tudina l  cen ter  l i n e  which 
-;07~.ld mzke t h e  determination of  t h e  momentum near t h e  duct e x i t  r e l a t i v e l y  
s t ra ight forward .  This w a s ,  i n  f a c t ,  the case f o r  t h e  c i r c u l a r  duct. However, 
it should be kept i n  mind t h a t  t h e  flow c h a r a c t e r i s t i c s  i n  t h e  corners of t h e  
square duct are not defined i n  t h i s  f i g u r e  and without t h i s  information t h e  
Anternal-drag results w i l l  be questionable. The c i rcumferent ia l  flow d i s t o r -  
t i o n  near t h e  e x i t  of t h e  ducts with two-dimensional i n l e t s  i s  qu i t e  



pronounced as seen i n  the  lower port ion of f igure  3. Such d i s to r t ion  grea t ly  
complicates the determination OT t h e  mornentwn at  t h e  survey s t a t i o n  and points 
ur, t he  d e t a i l  required i n  pressure measurements t o  define t h e  flow character-  
i s t i c s  properly near t h e  ex i t  of such ducts. The symbols i n  t h i s  f igure  
i l l u s t r a t e  the d e t a i l  of t h e  surveys made i n  t h i s  study. 

Flow Character is t ics  a t  a = f o  

The determination of t h e  momentum near t h e  exit of ducts may be fur ther  

a = Oo 
complicated by changes i n  angle of a t tack.  
t r a t e d  by the  difference i n  flow charac te r i s t ics  for these models at 
and 5'. 
ably grea te r  a t  
along the  v e r t i c a l  ax i s  (upper r i g h t  port ion of f i g .  4).  
longer symmetrical about t he  duct longi tudinal  center l i n e  and the  determina- 
tion of the  momentum at  t h e  survey s t a t ion  requires  de ta i led  surveys. Pro- 
z c x e e j .  cial?lges i n  pressure and Mach number are  a l so  found near the  exi t  of 
t h e  nodels 15th tvo-dimensional i n l e t s  when the  angle of a t tack  i s  changed 
from Oo t o  5' (see lower par t  of f i g .  4). 
s c t i x l o - p e s s ~ u r e  r a t i o  across the  auet i n  the  smvey plane i s  seen t o  be nearly 
constant for these models. a = 5' t h e  s ta t ic-pressure-rat io  d i s t r i -  
bution i s  considerably d is tor ted  along both the  horizontal  and v e r t i c a l  axes. 
Bence, i den t i f i ca t ion  of the  flow charac te r i s t ics  i n  t h e  survey plane of t he  
models with two-dimensional i n l e t s  requires detai led pressure surveys a t  both 
a = 0' and 5 O .  It can a l so  be noted from these results t h a t  t h e  presence of 
t h e  wing as a flow straightener  fo r  t h e  i n l e t  does not eliminate t h e  problem 
of ex i t  f low d i s to r t ion  a t  angle of a t tack .  It should be recognized t h a t  
these comments are r e s t r i c t e d  t o  t h e  spec i f ic  configurations of t h i s  study 
and addi t ional  research i s  r e q u i r e d t o  assess t h e  e f f ec t s  of t he  individual 
Parameters such as the  distance from the  leading edge of t h e  wing t o  the  duct 
i t d e t  . 

I n  f igure  4 t h i s  effect i s  i l l u s -  

The flow d i s to r t ion  fo r  t h e  c i rcu lar  and square ducts i s  consider- 
a = 5' than at a = 0' (upper portion of f i g .  4) par t i cu la r ly  

Now t h e  flow is  no 

For instance, a t  a = 0' t h e  

But a t  

The e f f ec t s  on flow Sis tor t ion  t h a t  can be generated by var ia t ions i n  
t h e  in t e rna l  geometry, such as t h e  t r a n s i t i o n  from rectangular t o  c i rcu lar  
section, are i l l u s t r a t e d  i n  f igu re  5 .  Shown i n  t h i s  f igure  i s  a two- 
dimensional i n l e t  with precompression ramps and a c i rcu lar  exit .  
of t h e  t r ans i t i on  sect ion (from t h e  two-dimensional i n l e t  t o  t h e  c i rcu lar  
e x i t )  i s  d i f fe ren t  for each model. It can be seen tha t  as t h e  t r a n s i t i o n  
sect ion length increases,  t he  flow d i s to r t ion  near the exit decreases. This 
r e s u l t  w a s  obtained despi te  t h e  f a c t  t h a t  t h e  length of t h e  constant-diameter 
sect ion decreased a s  the  length of t h e  t r a n s i t i o n  sect ion increased. 
would appear t h a t  g rea t  care must be exercised t o  properly proportion the  
lengths of t he  t r a n s i t i o n  sect ion and t h e  constant cross-section pa r t s  of the  
duct i f  flow d i s to r t ion  i s  t o  be reduced. 

The length 

It 



Simpl i f ied  Tes t  Procedure 

The T i n a 1  objec t ive  of t h i s  study w a s  t o  examine t h e  p o t e n t i a l  of short- 
out k e s t  procedures t h a t  would permit t h e  accurate determination of t h e  

ercel  drag of small-scale duc ts .  I n  vie:? of t h?  foregoing results it i s  
c l ea r  t h a t  t h e  assessment of i n t e r n a l  drag of most of t h e  ducts of  t h i s  study 

u i r e s  complicated tes t  techniques and instrumentation. Only t h e  c i r c u l a r  

:c e r ~ o ~ a g ~  ser ious  cons idera t ion  of t h e  ind ica ted  objec t ive .  The c i r c u l a r  
duct i s  a l s o  of p a r t i c u l a r  i n t e r e s t  here  s ince  it is  r ep resen ta t ive  of one of 
t h e  more commonly used configurations f o r  simulating t h e  propulsion system on 
a i r c r e f t  models. 
z - = . u ~ ~ : : z , x ~ -  reke iritli as few as t h r e e  to t a l -p re s su re  probes and two s t a t i c -  
pressure  measurements. Experimental s t a t i c -  and to t a l -p re s su re  d i s t r i b u t i o n s  
ootained by d e t a i l  pressure measurements across t h e  duct are shown as s o l i d  
l i n e s .  S t a t i c -p res su re  measurements are made a t  approximately r /3  and at  
t h e  duct i*:ail and to t a l -p re s su re  measurements a t  r = 0 and a t  approximately 
z-/3 a n 6  ( 2 / 3 j r .  
? e s r  z z ~ e f u L ; -  placed t o  be in s ide  and outs ide  the  w a l l  boundary l aye r .  With 

e c z - 3 ~ ~  th? 5 . ~ 9  c m  be approxiwteS- zc i cd ica ted  by t h e  s t r a i g h t  dashed l i n e s .  
From t hese  approximations t h e  i n t e r n a l  drag w a s  determined within +1 percent 
of the force  measurement. It should be noted, however , t h a t  t h e  proper loca- 
t i o n  for t h e  probes depends t o  some extent on t h e  thickness of t h e  boundary _. 

LZL-ZT 2% t h e  survey s t a t i o n .  Hence, some small adjustment i n  t h e  posit ioning 
cf L . - C  i _..u -?wo.5ee - (J- mj- be requi red  f o r  t e s t  conditions other than those  used 
here in .  

I --A& ,iC:-LL --..: -- c. - _ -_  c-vc - :--- rnj?cr.ne ____.._ ::'zT -i"oc2d t o  of:.Tp_r :;u~':'ftctetitly uniroyrr: ~LO;; r~o~-~~- - : -L2  

A s impl i f ied  method i l l u s t r a t e d  i n  f i g u r e  6 r equ i r e s  a -- r _  2 

The two la t te r  to t a l -p re s su re  probes can be seen t o  have 

- *  Azse pressure  measurements t h e  t o t a l -  and s t a t i c -p res su re  d i s t r i b u t i o n s  

CONCLUDING REMARKS 

Severa l  methods have been demonstrated fo r  determining t h e  i n t e r n a l  drag 
cf 2 ctrcula?. 5 . u ~ ~  a t  a Nata number of L.1 and a = 0'. Results from t h e  

- _  . .- - - 1  C i t  p T ' ? - c 4  .- ., - .I i___ -.=- _ _  _ _ _  '3 :ke :-e:;.L-i~c ??m E Souxkr:.--la:-erc 
,- a- c'--l c e ~ :  l o x :  :iier, :ne measwee resui-cs. Tne 

:-ai- ?ear C h e  e x i t  ~f seve ra l  ducts v i t h  i n l e t s  other t h a n  c i r c u l a r  was found 
to be q u i t e  d i s to r t ed .  Changing t h e  angle of a t t a c k  of any of t h e  ducts of 
t h i s  study from 0' t o  5' increased flow d i s t o r t i o n  considerably. 
t h e  t r a n s i t i o n  s e c t i o n  length  of a two-dimensional i n l e t  having a c i r c u l a r  
e x i t  decreased t h e  flow d i s t o r t i o n  near t h e  e x i t .  
proce5me t h a t  v i11  provide accura te  values of i n t e r n a l  drag appears f e a s i b l e  
for ",e c i r c u l a r  duct a t  a = Oo. 

_ -  

Increasing 

A s impl i f ied  experimental 
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14. BOUNDARY-LAYER TRANSITION ON KYPERSONIC-CRUISE AIRCRAFT 

By K . . R .  Czarnecki, Je r ry  M. Allen, 
and Mary W. Jackson 

Langley Research Center 

An assessment has been made of the influence of boundary-layer t rans i -  
t ion  on the component design of a hypersonic-cruise transport  a i r c ra f t .  The 
assessment indicates t ha t  more theore t ica l  boundary-layer s t a b i l i t y  calcula- 
t ions  are  needed, more sophisticated analyses of presently available t rans i t ion  
r e su l t s  are  required, and additional experimental data  obtained under highly 
controlled conditions are necessary. On the hypersonic-cruise transport ,  the 
d e t a i l  design of the fuselage nose and engine air  i n l e t  w i l l  be strongly 
affected by t rans i t ion  character is t ics ,  whereas the wing and t a i l  leading 
edges w i l l  have t o  be designed f o r  essent ia l ly  turbulent flow. Surface- 
temperature effects  on t rans i t ion  and ef fec ts  of t rans i t ion  on airplane per- 
io+rmance are  expected t o  be small. 

INTRODUCTION 

Boundary-layer t r ans i t i on  is  a highly complex phenomena which can 
influence the performance and d e t a i l  design of a i r c ra f t .  
extension of the f l i g h t  speeds of transport  a i r c r a f t  t o  hypersonic speeds 
where ambient densi t ies  a re  low and s ignif icant  boundary-layer cooling can be 
expected, it appears desirable t o  reassess the poss ib i l i ty  of a t ta ining long 
runs of laminar flow. 'The primary emphasis of the assessment w i l l  be on the 
influence of boundary-layer t rans i t ion  on component design. Although laminar 
f l o - ~  m ~ y  not 3e of greet izportance i n  terms of airplane performance, it i s  
~ ~ 1 1 1  signif icant  i n  terms of d e t a i l  design. 

With the possible 

SYMBOLS 

l oca l  Mach number 

Mach number normal t o  wing leading edge 

M2 

MN 

M, free-stream Mach number 

nose radius of cone, in .  'n 

R/ft un i t  Reynolds number 

Reynolds number based on nose diameter and sharp-cone loca l  flow 
conditions RD 
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%,tr t rans i t ion  Reynolds number based on axial distance from nose and on 

Taw 

T t  
m - w 
U 

Xtr 
Z 

U 

A 

sharp-cone loca l  flow conditions 

adiabatic w a l l  temperatuYe, OF abs 

stagnation temperature, OF abs 

r;&l temperature, r abs 

velocity within boundary layer, f t /sec 

loca l  veloci ty  ju s t  outside the boundary layer, 

t rans i t ion  distance from model nose, f t  

distance normal t o  loca l  surface, f t  

angle of attack, deg 

sweep angle, deg 

0- 

f t / sec  

TRANSITION PARAMETERS 

The airplane components whose d e t a i l  design may be affected by the char- 
a c t e r i s t i c s  of boundary-layer t r ans i t i on  are depicted i n  f igure 1. These com- 
ponents include the fuselage nose, t he  wing and t a i l  leading edges, portions 
of the control leading edges, and the  engine a i r  i n l e t .  There will probably 
be some items (not shown i n  the  sketch), such as impact tubes, angle-of-attack 
indicators,  snd radio antennas, t ha t  may protrude through the airplane boundary 
layer  and whose d e t a i l  design w i l l  be affected by the ty-pe of boundary-layer 
flow tha t  might be expected. 

Smie tyEical uncorrelated t rans i t ion  dete ere presented i n  figure 2. 
d&ta have been r e s t r i c t ed  t o  cones having nose r a d i i  on the order of 1/4 t o  
1/2 inch. The t r ans i t i on  Reynolds number based on the distance from the cone 
nose and on loca l  flow conditions is  plot ted against the  loca l  Mach number. In  
both parmeters ,  l oca l  flow refers  t o  sharp-nose body conditions. 
of data a re  different ia ted i n  the figure:  wind tunnel, b a l l i s t i c  range, and 
f ree  f l i g h t .  

The 

Three types 

These samplings of data show a large sca t t e r .  Obviously, uncorrelated 
t r ans i t i on  data of t h i s  ty-pe, which have been gathered f o r  decades, are of 
l i t t l e  d i rec t  use t o  the designer. Methods must be found f o r  different ia t ing 
the e f fec ts  of the  many parameters t ha t  influence t ransi t ion.  

The most common variables or  parameters which a f fec t  boundary-layer t rans i -  
t i o n  are tabulated as follows: 



Mach number 
Unit Reynolds number 
Heat t ransfer  
Nose blunting 
Wing sweep 
Angle of a t tack  

Stagnation temperature 
Two- or three-dimensional flow 
Pressure gradients 
Surface waviness 
Surface roughness 
Free-stream turbulence 
Noise and vibration 

The problem i s  tha t  the number of s ignif icant  parameters is  large and tha t  the 
e f fec ts  of changes i n  each parameter a re  affected by the l eve l  o r  by changes 
i n  a l l  the other parameters. 
i so l a t e  the effects  of a single parameter suf f ic ien t ly  w e l l  t o  enable the 
physical mechanism t o  be understood and t o  develop a procedure f o r  estimating 
these e f fec ts  fo r  a l l  conditions of the other variables. The basic objective 
of t h i s  paper is  t o  discuss a few of the  more recent developments or  indica- 
t ions  and t h e i r  application t o  component design without going too deeply in to  
the technical de ta i l s .  The discussion will be limited t o  the  items l i s t e d  i n  
;he left-hand column of the tabulation. 

For t h i s  reason, it i s  extremely d i f f i c u l t  t o  

DISCUSSION OF TRANSITION CHARACTERISTICS 

Effects of Mach Number and Unit Reynolds Number 

Two of the most important parameters affecting boundary-layer t rans i t ion  
a re  Mach number and uni t  Reynolds number. 
e t e r s  a r e  shown i n  figure 3, which i s  r ea l ly  a selective version of figure 2. 
The t r ans i t i on  Reynolds number i s  plot ted against the loca l  Mach number. The 
data  a re  res t r ic ted  t o  re la t ive ly  sharp cones i n  f l i gh t  and i n  wind tunnels. 
Date a re  presented f o r  a low uni t  Reynolds number range from 1 x 106 t o  
3 x 106 and fo r  a high uni t  Reynolds number range from LO x 106 t o  30 x 106. 
Silow a l o c e l  Mach number of 8, the data have been limited t o  a r a t i o  of w a l l  
-,erperatuze t o  eCiahetic w e l l  temperature between 0.3 and 0.6, 2 range which 

X ~ S  I b c n  number, t h i s  temperature r e s t r i c t ion  w a s  removed because the only 
evaiiabie f l i g h t  &ata have a wall-temperature r a t i o  of about 0.1 and because, 
as will be shown subsequently, the e f fec ts  of wall-temperature r a t i o  at these 
higher Mach numbers are  expected t o  be re la t ive ly  small. 

The f i rs t  point t o  be made (see f i g .  3 )  is  t h a t  wind-tunnel t rans i t ion  

Some typica l  e f fec ts  of these param- 

- -  - - - -  ,-LZZfE < D C  -r.- vL--- I . I ? D C  sf %meres t  f o r  a Mach 6 hypersonic t rampor t .  Above 
. .  

Eiey-nolds numbers appear t o  be lower than f l i g h t  values. A par t  of t h i s  d i f -  
ference i s  ascribed t o  the  higher stagnation temperatures encountered i n  f l i g h t .  
These higher stagnation temperatures should have a favorable e f fec t  on t rans i -  
t i on  according t o  the  theore t ica l  s t a b i l i t y  calculations of Mack ( re f .  1) and 
of Brown ( r e f .  2 ) .  
range from 5 t o  10.’ This region is  of d i rec t  in te res t  t o  the  designer of 
hypersonic transports.  
Reynolds numbers, approaching those where the  hypersonic transports w i l l  oper- 
a t e ,  there is  a rapid increase i n  t rans i t ion  Rej?lolds number with Mach number. 
A t  the  higher uni t  Reynolds numbers, the  e f fec t  of Mach number is  very small - 

There i s  a lack of f l i g h t  data i n  the loca l  Mach number 

The second point t o  be made is  tha t  at the  lower u n i t  



i f  it ex i s t s  at a l l  - although some evidence exists which indicates t ha t  there 
may be some favorable e f fec t  above Mz = 8. The last point t o  be made is tha t  
at  a Mach number of about 6, there  i s  a powerful e f fec t  of un i t  Reynolds num- 
ber i n  the wind-tunnel data. A t  higher Mach numbers, t h i s  uni t  Reynolds num- 
ber  e f fec t  appears t o  diminish; however, because t h i s  trend i s  based on meager 
data and because it m y  be a character is t ic  peculiar t o  the  temperature range 
chosen, fur?hei. investigation i s  needed. 

The existence of a uni t  Reynolds number or  apparent un i t  Reynolds number 
e f fec t  on t rans i t ion  i s  one of the key problems i n  the interpret&tion of 
t r ans i t i on  data. There are  several  reasons fo r  expecting the existence of a 
free-stream unit  Reynolds number e f fec t  both i n  the wind tunnel and i n  f l i g h t .  
F l r s t ,  the  cones were not suf f ic ien t ly  sharp t o  eliminate bluntness effects ;  
second, there may be a hy-personic viscous interaction e f fec t  between the  bound- 
ary layer  and nose shock even on a sharp cone; and, th i rd ,  tunnel-wall dis-  
turbances may be responsible f o r  the e f fec t .  
other reasons for expecting uni t  Reynolds number e f fec t  may ex is t .  

As discussed i n  reference 3, 

The f i rs t  three reasons f o r  expecting a free-stream uni t  Reynolds number 
e f fec t  can be explained with the a id  of figure 4, which shows a blunted cone 
mounted i n  a hypersonic wind tunnel. 
u n i t  Reynolds number occurs because the free-stream flow close t o  the axis of 
the blunted cone, as exemplified by the streamline, passes through the strong 
portion of the detached nose shock and undergoes large effect ive reductions i n  
density and velocity and increases i n  viscosity.  These changes i n  flow char- 
a c t e r i s t i c s  cause changes i n  loca l  uni t  Reynolds number, Mach number, and pres- 
sure gradient on the cone surface which vary with distance downstream from the  
nose. The effect  i s  f e l t  as far as 100 t o  1000 nose diameters downstream. 
For the blunted-nose cone then, the idea l  cone boundary layer  of constant sur- 
face flow conditions usually does not ex i s t .  Consequently, as the free-stream 
u n i t  Reynolds number is  changed and t rans i t ion  moves over the cone surface, 
$he t rans i t ion  location moves in to  areas of different  l oca l  Mach'number and . 
b z e l  Reynolds number. Therefore, the  loca l  u n i t  Reynolds number at  t rans i -  

%ne qpearance oi these local-surface e f fec ts  derived from nose blunting 
should not be interpreted as implying tha t  there i s  a uni t  Reynolds number 
effect  i n  the case of the idea l  cone boundary layer  of constant surface flow 
conditions. On geometrically sharp-nose cones, similar changes i n  l oca l  flow 
conditions occur as a resuLt of the shock generated by the  growth i n  displace- 
ment thickness a t  the model nose; hence, free-stream uni t  Reynolds number 
e f f ec t s  exist .  

The coupling of the blunting e f fec t  with 

- 32% 5 T;c; n'-,D--.m.=? -A+-ic - p r o p 2 r t i o s a t e l y  t o  the f r ee - s t r em w-it Reynolds number. 

In  most wind tunnels, the  boundary layer on the tunnel w a l l s  i s  turbulent. 
Disturbances from the  outer edge of the w a l l  boundary layer can impinge on the 
model and af fec t  t rans i t ion .  If the re la t ive  magnitude of these disturbances 
should change with tunnel stagnation pressure, there will be an apparent free- 
stream uni t  Reynolds number-effect on t rans i t ion .  Such an ef fec t  could a l so  
occur on an airplane i n  f l i g h t  because of radiation of disturbances from the 
turbulent boundary layer  on a fuselage or wing t o  the engine air i n l e t  o r  
v e r t i c a l  t a i l .  



Effeots of Nose Blunting 

I n  order t o  i l l u s t r a t e  the  nose-blunting e f fec t  i n  more de t a i l ,  some 
typica l  e f fec ts  of nose blunting on t rans i t ion  are presented i n  figure 5 .  
Tnese t rans i t ion  results are  f o r  cones and a re  plot ted against the nose- 
bluntness Reynolds number RD. 
s tzn t  u2t Reymlds number becmse of un i t  Reynolds number e f fec ts .  For the 
C a m  of Ste-cson and Rushton ( r e f .  5 ) ,  where the uni t  Reynolds number e f fec ts  
were s m a l l ,  t h i s  r e s t r i c t ion  w a s  not necessary, and a more extensive composite 
curve could be formed. 
ness e f f ec t s  t o  disappear at  low bluntness Reynolds numbers at  constant uni t  
Riynolds c-mber. A t  the higher bluntness Reynolds numbers, the t rans i t ion  
Reynolds numbers reach a peak and then decrease as t rans i t ion  moves close t o  
the  blunted nose where the  loca l  s t a t i c  pressures and, hence, l oca l  un i t  
Reynolds numbers are somewhat higher than they are  fa r ther  downstream. When 
there i s  a uni t  Reynolds number e f fec t  fo r  the  sharp-nose cones, the location 
of the peak t rans i t ion  Reynolds nmber is  dependent upon the  uni t  Reynolds 
nvmber and moves toward lower bluntness Reynolds numbers as the uni t  Reynolds 
number is decreased and toward higher values as the uni t  Reynolds number is  
increased. 

Stainback's data ( r e f .  4 )  a re  l imited t o  con- 

The data ( f ig .  5 )  show a strong tendency fo r  the blunt- 

Note tha t  it appears feasible  t o  design the fuselage nose f o r  maximum 
t r ans i t i on  Reynolds number. The nose diameter w i l l  be on the order of 1 foot .  
For the spike on a spike air  i n l e t ,  the  allowable diameters w i l l  be small and 
re la t ive ly  low t rans i t ion  Reynolds numbers (on the order of 3 x lo6 o r  l e s s )  
w i l l  have t o  be accepted. For two-dimensionalblunting, the optimum t rans i -  
t i o n  Reynolds numbers occur at very low bluntness Reynolds numbers (RD < 104) 
and it again appears feasible  t o  design fo r  optimum t rans i t ion  Reynolds num- 
bers f o r  i n l e t  l i p s  or leading edges. 

Effects of Angle of Attack 

lTLc c i r - z 3 = n s n n c  n-- 
I -.._-__- - __.__.. c- eng.lc sl" ~ t u i t k  or2 z r z ~ ~ s % $ i m  or z conic~l b3Q- i s  

i-.L-ax-L:ec LC ~lgure G ( f rom r e f .  3 ) .  ~n order t o  simplify inte,rprezation, 
the resu l t s  are  presented as the  r a t i o  of the  t rans i t ion  distance fo r  t he  
various values of rn and a t o  the t rans i t ion  distance fo r  the  sharp cone 
at a = 0'. Transition-distance r a t io s  are shown f o r  both the windward and 
leeward meridians. The r i s e  i n  t rans i t ion  distance with nose bluntness at  
a = Oo 
of the  previous f igure.  

_ -  - . - .  

i s  a favorable e f fec t  of nose blunting, as mentioned in  the discussion 

The t rans i t ion  r e su l t s  presented i n  figure 6 indicate a re la t ive ly  s m a l l  
overal l  e f fec t  f o r  a sharp cone; t ha t  is, the increases i n  t rans i t ion  on the 
windward meridian tend t o  counteract the decreases i n  t rans i t ion  on the lee- 
ward side.  
negate rapidly the favorable e f fec ts  of nose blunting on both s ides  of the  
model. 
transport  w i l l  fly, prac t ica l ly  no favorable e f fec t  of blunting remains. 
a re la t ive ly  close alinement of the fuselage nose or i n l e t  spike with the  

For the blunted cone, however, increasing angle of a t tack tends t o  

A t  an angle of a t tack  of about 80, the  angle at which the  hypersonic 
Thus, 



direct ion of the mbient  stream must be maintained i f  it is  desired t o  exploit  
the favorable e f fec ts  of nose blunting. 

Effects of Heat Transfer 

The hGersonic-cruise transport  w i l l  f l y  under conditions of heat t ransfer .  
~. 

I E;;&z,C ;; Lie&-; ;ransfer. or1 t r a m i t i o n  zre depicced it figurk 7. Ori the - 
_ - A -  

left-hanb side of the figure are plot ted the wall-temperature ra t ios  Tw/Tt 
fo r  i n f in i t e  boundary-layer s t a b i l i t y  as a function of l oca l  Mach number as 
calculated by Dunn and Lin ( re f .  6 ) ,  the  short-dashed curve, and by Reshotko 
( ~ e f .  7) .. the  so l id  e w e .  Within these loops the boundary layer  should be 
theore t ica l ly  s table  f o r  a l l  Reynolds numbers. 
t u re  fluctuations whereas Reshotko included these effects ;  hence, Reshotko's 
t'neory can be expected t o  be more re l iab le ,  as is  confirmed by experimental 
resu l t s .  In order t o  illustrate what these s t a b i l i t y  implications mean i n  
terms of t rans i t ion  Reynolds numbers as a function of wall-temperature ra t io ,  
Three Mach numbers have been chosen as shown by the long-dashed ve r t i ca l  l i nes  
a t  Some typica l  t rans i t ion  curves are i l l u s t r a t ed  
f o r  these Mach numbers in  the plot  on the right-hand side of f igure 7. These 
zrans1;ior: c u r v e s  ere based primarily on experiment. No ordinate scale has 
been provided fo r  
qua l i ta t ive  . 

Dunn and Lin neglected tempera- 

142 = 1.6, 3 . 5 ,  and 7.8.  

Rx, t r  because the following discussion i s  meant t o  be 

At 2 Mach number of 1.6, i n f in i t e  s t a b i l i t y  (shown by the so l id  ve r t i ca l  
l i n e s )  occurs at the  re la t ive ly  high wall-temperature r a t i o  of 0.67. 
quently, because of the  re la t ive ly  short  distance between t h i s  temperature 
r a t i o  and tha t  fo r  adiabatic w a l l  ( o r  even stagnation temperature), the  experi- 
mental t rans i t ion  Reynolds number tends t o  r i s e  f a i r l y  rapidly with boundary- 
layer  cooling toward tangency with the theore t ica l  in f in i te -s tab i l i ty  tempera- 
t u re  r s t i o  u n t i l  surface roughness or other adverse e f fec ts  such as the 
boundary-layer i n s t a b i l i t y  between loops become signif icant .  Such adverse 
e f fec ts  woula actual ly  cause a decrease i n  t rans i t ion  Reynolds number with 
= - - - - - * ~ = ~  -- I^*.._ nn?'tnp.. ---_ - - A -  -Let 2 Nh& n-AT-ser cf 3.', inf :z i~e s t$ , i ; l l i ty  occurs a t  E, lower 

!Tw/T't 
of 7.8, there  i s  no i n f i n i t e  s t a b i l i t y  at any w a l l  temperature, and the  change 
i n  R x , t r  with Tw/Tt i s  very small. This trend provides the ju s t i f i ca t ion  
f o r  removing the temperature res t r ic t ions  on the high Mach number data i n  
Pigilre 3 .  

Gonse- 

- _ _  - n G - , - - : e ~ ~ ~ : ~ z ~ r e  .r r s , x i G ,  s r i  experiment.& rise i n  Ex, t r  with decrease i n  

becames smdle r  over most of the temperature range. A t  a Mach number 

If the surface roughness i s  f a i r l y  high, the favorable e f fec ts  of boundary- 
layer cooling may be l o s t  as indicated by the  dashed l i n e  f o r  
on the experinental r e su l t s  of Van Driest and Boison ( r e f .  8) .  
e f fec ts  become more c r i t i c a l  with cooling because of the decreases i n  boundary- 
layer  thicknesses and increases i n  loca l  density. 
effectiveness occurs i f  t he  tunnel turbulence l eve l  is  too high ( re f .  8). 

M2 = 3.5, based 
Roughness 

A similar loss  i n  cooling 

3-94 



Effects of Wing Sweep 

Because of the re la t ive ly  large surface areas involved, probably the most 
Fxportant single parameter affect ing t rans i t ion  on a hypersonic transport is  

i r ?  f igure 8 f o r  a free-stream Mach number of 4.0 ( re fs .  9 and 10). 
i s  about the  highest Mach number f o r  k'hich suff ic ient  data were exailable f o r  

cjrlin&r results at (ref. ll), and more recent f la t -p la te  results at  
M, = 8 
al l ,  f o r  swept wings at higher free-stream Mach numbers. 
the discussion, the  data a re  presented as the r a t i o  of t rans i t ion  distance 
f o r  tne wing with sweep t o  t r ans i t i on  distance f o r  the sane wing section at  
zero sweep. 

-+vi  -ng sweep angle. Some ty-pical e f fec ts  of wing sweep on t rans i t ion  a re  shown 
This value 

L 2;s-uselen. Swept-King resu l t s  a ~ ,  lower Mach numbers, swepz- 

( r e f .  12) indicate that the  basic trends w i l l  change l i t t l e ,  i f  any at  
I n  order t o  simplify 

I&, = 7 

xt r  

The t rans i t ion  r e su l t s  indicate a large decrease i n  t rans i t ion  distance 
with increasing sweep angle. Analysis indicates tha t  three factors  a f fec t  
born-dary-layer t rans i t ion  under conditions of wing sweep. The first factor ,  
k"=:ich norm2lly dominates over most of the  low and moderate sweep-angle range, 
i s  associated with decreasing favorable e f fec ts  of nose blunting as sweep is  
increeseCi. T b l s  f a c t  i s  shown by the general agreement of the experimental 
trends with the theory ( r e f .  13). In  the  theory, the assumption i s  made tha t  
the favorable effects  of nose blunting a re  dependent upon the component of Mach 
number normal t o  the  wing leading edge and tha t  there is  a normal shock ahead 
of the  unswept reference wing which reduces the wing loca l  Reynolds number. 
Some of the differences i n  t rans i t ion  levels  in  the experimental data can be 
ascribed t o  the f ac t  t ha t ,  as was  shown i n  the discussion of blunting e f f ec t s  
on cones, the  assumed optimum blunting is usually not attained. 
cruise transports,  the w i n g  sweep will be on the order of 7 5 O  and the t rans i -  
t i o n  distances w i l l  obviously be small. 
two additional factors  appear and tend t o  f i x  t rans i t ion  pract ical ly  a t  the 
wing leading edge. The first of these additional e f fec ts  is purely geometrical 
2nd results from the f ac t  t ha t  the wing apex angle i s  approaching the angle fo r  

-----I- - , - -A-- I=db tkz iI" 6 fuselage i s  present t h i s  e f fec t  may be more 
severe than indicated on the basis  of the angles of the turbulent wedges if 
the  bluntness Reynolds number i s  greater  than 2 x 105. 
e f fec t  derives from the f ac t  t ha t ,  as the wing i s  swept, a cross-flow component 
i s  s e t  up i n  the boundary-layer flow (as shown i n  the inser t  sketch of f i g .  8 )  
i n  a plane normal t o  the  external streamline near the wing leading edge 
( r e f s .  13 and 15). This cross-flow prof i le  i s  unstable at  re la t ively low 
Eieynolds numbers and leads t o  the development of a vortex type of secondary 
flow.which causes ear ly  t ransi t ion.  Thus, for  the swept wings and tails of the 
hypersonic transports,  these three factors  appear t o  r e s t r i c t  these surfaces t o  
essent ia l ly  fu l ly  turbulent flow. 

For hypersonic- 

For sweep angles on the order of 750, 

- .  1- E - C r r 7  .,-- _ _  s?yezC af t m t x i e n c e .  Actmlly,  Busknell.' s r n s ~ l t ~ .  c - s c u s s e z  ir: ref- 
- -  . - .  =,-=m-.; - - , , - .n- -.-.-e 

The second additional 

CONCLUDING REMARKS 

An assessment has been made of the influence of boundary-layer t rans i t ion  
on the  component design of a hy-personic-cruise a i r c ra f t .  The following 
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concluding remarks may be made: F i r s t ,  more boundary-layer s t a b i l i t y  calcula- 
t ions based on the fu l l  s t a b i l i t y  equations without approximations are needed; 
second, more sophisticated analyses of the presently available t rans i t ion  
results are  required; and, th i rd ,  additional experimental resu l t s  will have t o  
be obtained wherein a l l  variables a r e  closely controlled while changes a re  
being made i n  the variable under investigation. Some e f fo r t s  i n  the  last two 
fielc?s Ere already underway a t  NASA. On the hypei*sonic-cruise transpor+-, t h t  
&:taii ucsfgn si m e  f'uselage nase arid engine air  inlet w i l l  be strongiy 
affected by t rans i t ion  character is t ics ,  whereas the wing and t a i l  leading edges 
w i l l  probably have t o  be designed f o r  essent ia l ly  turbulent flow. 
-temperature e f fec ts  on t rans i t ion  and ef fec ts  of t rans i t ion  on airplane per- 
formance are expected t o  be re la t ive ly  small, and, hence, l i t t l e  favorable 
e f fec t  with boundary-layer cooling should be expected. So long as the adverse 
e f fec ts  of wing sweep on t r ans i t i on  a re  not eliminated, the  prospects f o r  sig- 
n i f ican t ly  improving hypersonic airplane performance by maintaining long runs 
of laminar flow appear t o  be poor. 

Surface- 
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AIRPLANE COMPONENTS AFFECTED BY TRANSITION 
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13. TRANSITION FIXING FOR HYPERSONIC FLOW 

By James R. S t e r r e t t ,  E. Leon Morrisette, Allen H. Whitehead, Jr. 
Langley Research Center 

and 

Raymond EI. Zicks 
Ames Research Center 

Present wind-tunnel f a c i l i t i e s  lack the  capabili ty t o  duplicate the 
Reynolds number associated with the hypersonic-cruise vehicle. 
overcoming t h i s  problem, at tent ion i s  being given t o  a r t i f i c i a l  promotion of 
t rans i t ion  by means of surface roughness. 
rmghness has been used successfully. 
required roughness height i s  so large t h a t  the  method ra i ses  many questions. 
This paper considers these questions and examines the overal l  problems associ- 
sted with boundary-layer " t r ips"  t o  produce turbulence a t  hypersonic 
conditions. 

As a means of 

A t  lower speeds, boundary-layer 
However, a t  hypersonic speeds, the 

The data indicate tha t  the required roughness heights a re  so large tha t  

For example, an engineer can success- 
whether t r i p s  should be used i n  hypersonic wind-tunnel t e s t s  depends upon the 
par t icu lar  purpose of any experiment. 
f u l l y  use trips t o  study the  heat t ransfer  associated with an a i r c r a f t  compo- 
nent or t o  produce turbulent flow i n  f ront  of an  i n l e t  o r  control t h a t  other- 
wise might be t r ans i t i ona l  or  laminar. 
cannot be used when an accurate value of the t o t a l  drag of a configuration is  
required because of the large pressure drag associated with the roughness ele- 
ments. With additional study, the drag associated with the roughness elements 
couid probably be determined accurately. The vortex shedding tha t  occurs i n  

Lawions on the  use of' t r i p s  fo r  wind-tunnel simulations of hypersonic cruise 
vehicles. For any t e s t ,  care must be taken t o  dimension the t r i p s  properly. 

However, a t  the present time, t r i p s  

- - -  I -  -e=. ~ L e e  ~ 5 '  del% xings a: modercl-ce angies cf a ~ t a c k  places f u n h e r  i i ~ -  --- - _ - -  

INTRODUCTION 

Turbulent flow i s  known t o  ex i s t  over most a i r c r a f t  configurations a t  
hypersctnic speeds, yet  laminar flow exis t s  over large par t s  of wind-tunnel 
models a t  these speeds. I n  order t o  provide proper simulation i n  the hyper- 
sonic range, methods of producing turbulent flow near the leading edge of wind- 
tunnel models are  being studied. A t  lower speeds, boundary-layer roughness 
elements have been used successfully ( fo r  example, i n  ref. 1); however, the  
required roughness height i s  small as compared with the boundary-layer thick- 
ness. 
imately as high as the  boundary layer  before even the posit ion of t rans i t ion  i s  

A t  hypersonic Mach numbers, the roughness elements ( t r i p s )  must be approx- 
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affected. Small trips can even delay transition. (See ref. 2.) Since the 
roughness heights required to promote transition at hypersonic speeds are so 
large, the method raises many questions, such as: "Does a tripped turbulent 
joundary layer behave in the same way as a natural trubulent boundary layer?" 
and "30w large is the drag associated with the tripping element?" 
sentation these questions and the overall problems associated with boundary- 
layer trips at hypersonic conditions are discursed. 

In this pre- 

SYMBOLS 

CF 
n 

d 

k 

E 

M 

Est 

P 

Rk 

RL 

Rx,k 

Drag coefficient of drag, - 
L S  

increase in coefficient of drag due to pressure drag of roughness 
elements 

skin-friction coefficient 

chord (see fig. 12) 

diameter of roughness elements 

vertical height of roughness above plate 

length of configuration 

Mach number 

Stanton number 

static pressure 

free-strea-, dynanic pressure 

Reynolds number based on fluid conditions at top of roughness 
elements and height of roughness, - pk'kk 

cLk 

Reynolds number based on fluid conditions at top of roughness 
necessary to move turbulent f l o w  close to trip position 

Reynolds number based on model length 

Reynolds number based on conditions at outer edge of boundary layer 

and distance from leading edge to roughness position, PoUoXk 

P O  
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Reynolds number based on conditions a t  outer edge of boundary layer %,tr 
po'oxt 

PO 

and posit ion where boundary layer becomes turbulent, 

(see f i g .  2) 

Reynolds number based on distance from virtual origin,  
POUO(X - x-4 RV 

PO 

Rm free-stream Reynolds number 

S planform area of configuration 

S l a t e r a l  spacing of center of roughness elements 

U 

t 

velocity component of flow pa ra l l e l  t o  surface 

average diameter (thickness) of leading edge 

X distance from leading edge o r  distance from junction of del ta  wing 
and f l ap  

distance from leading edge t o  roughness posit ion 

distance from leading edge t o  position where flow becomes turbulent 

v e r t i c a l  distance measured from pla te  surface 

Xk 

xt 
Y 

U angle of a t tack  

6 

6f 

Sk 
6* boundary-layer displacement thickness 

boundary-layer thickness based on velocity 

f lap  angle (see f i g .  IO) 

boundary-l&yer thickness on smooth model a t  roughness posit ion 

P density 

CL viscosi ty  

Subscripts: 

2 l oca l  

k conditions a t  top of roughness 

0 l oca l  conditions a t  outer edge of boundary layer 



Bo 

v 

f ree  stream 

v i r t u a l  or igin 

DISCUSSION 

Previous work on boundary-layer t rans i t ion  has indicated that the process 

An example of t h i s  
The lower pa r t  of the figure shows paint 

The sphere 

by which t r i p s  (roughness) produce turbulent flow i s  f o r  the  t r i p s  t o  produce 
some type of vortex flow downstream of a t r ipping element. 
phenomenon i s  shown i n  figure 1. 
patterns taken downstream of a sphere and reported i n  reference 3.  
was  one of many which were placed on a blunted cone as i s  i l l u s t r a t ed  i n  the  
top pa r t  of figure 1. This figure shows t h a t  a t  least two vortices a re  pro- 
duced by each roughness sphere. 
and 5 .  
scrubs the surface and produces a high temperature. Vortices diss ipate  and 
form turbulent flow very similar t o  wake flows. (See, f o r  example, r e f s .  6 
and 7 . )  How soon they form turbulent flow depends very strongly upon the loca l  
Repclds  number. In f ac t ,  i f  the Reynolds number associated with the t r i p  i s  
too  bow, these vortices will not be produced. (See re f .  7.) - On the other 
hand, i f  the roughness sphere i s  too large,  spanwise disturbances resul t ing 
from these vortices w i l l  pers i s t  very far downstream, as is  shown i n  refer-  
ence 3.  

Similar r e su l t s  were reported i n  references 4 
The effects  of these vortices are shown as dark patterns,  where the f low 

. 

Two methods often used t o  determine when turbulent flow exists a re  i l lus- 
One method i s  t o  examine velocity prof i les  obtained with a t r a t e d  i n  figure 2. 

pressure probe. 
causes dis tor t ions i n  the boundary layer  near the surface. 
l a t t e r  e f fec t  a re  seen by comparing the data shown f o r  both natural  and tripped 
conditions. To compare several  p rof i les  and t o  determine where t rans i t ion  
occurred i s  d i f f i c u l t  because of these probe dis tor t ions.  However, the  method 
cf us ing  the location of the maximum pressure fron 2. total-pressure tube t r a -  
-\TerseC longittldLnelly d o n g  t h e  model surface t o  locate the  beginning of turbu- 
l e n t  f low,  as i l l u s t r a t e d  i n  reference 8, has been used successfully. 
method generally used t o  detect  t rans i t ion  i n  the  present investigation is  by 
heat-transfer measurements. An example i s  shown on the  left-hand side of  f ig -  
ure 2 where the heat-transfer r a t e  i n  terms of Stanton number i s  presented. 
The c i rc les ,  which a re  fo r  natural  t rans i t ion ,  show tha t  turbulent flow occurs 

6 approximately a t  a Reynolds number of 3.5 X 10 . When roughness i s  placed on 
t h i s  model, the beginning of turbulent flow moves from a Reynolds number of 
approximately 3.5 x 10 6 t o  less than 0.7 X 10 6 . 

This method i s  very tedious t o  use and the  probe apparently 
Examples of t h i s  

The 

The model used t o  detect  spanwise dis tor t ions ( f ig .  3 )  had three chordwise 
rows of thermocouples placed a t  different  spanwise positions behind one rough- 
ness element, The roughness elements on the  p l a t e  are  actual ly  closer together 
than is  indicated i n  the  figure. 
sented i n  figure 3. The results show that when the roughness is of proper s ize ,  
i n  this case k/t& = 1.9, spanwise d is tor t ion  of t he  flow i s  very s l igh t .  
beginning of turbulent flow is  reasonably close t o  the roughness, and the' 

Typical data taken with t h i s  model are pre- 

The 
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experimental heat-transfer measurements are approximately those calculated by 
the Spalding-Chi method (ref. 9) '  when the virtual origin is assumed to be 
located at the trip. However, if k/$ is decreased to approximately 1.4, 
the spanwise variation behind the roughness element is considerably increased. 
The flow becomes uniform spanwise at approximately 8 inches from the leading 
edge. This position would be chosen as the beginning of turbulent flow and is 
+'-e pGaition identified as the virtual origin fo r  the calculation shown. How- 
ever, If the roughness is made t o o  high, spanwise distortions appear for the 
entire length of the instrumentation as can be seen when 
trends of the data for this condition are no longer similar to those calculated 
for turbulent flow. These data are taken at conditions where the spanwise dis- 
tortions can be minimized by properly sizing the trips. 
where the maximum Reynolds number of wind-tunnel facilities is limited, span- 
wise distortions may always exist. 

k/& = 5.4. The 

At higher Mach numbers, 

Roughness-Transition Parameters 

The more important roughness-transition parameters are as follows: 

(1) Pressure gradient 
(2) Wall temperature 
( 3 )  Spacing 
(4) Local Mach number 
( 5 )  Roughness-position Reynolds number R,,k 
(6) Unit Reynolds number 
(7) Type of roughness 
(8) Roughness-height Reynolds number Rk 
( 9 )  Model configuration 

Tne pressure gradient and wall temperature are not included in the Eresent 
discussion. 
fomd to be critical at supersonic Mach numbers. (However, these elements 
ski-.'C "e; 3s ~ a c  c l a s z l y  spaced.) 
I- ,iL>C ln-vestigation tne lateral spacing between the elements has generally 
been made 4 times the width of the element ( o r  larger). 

In reference 5 the spacing of the roughness elements was not 

Similar trends have been noted at Mach 6. 
. I  

In figure 4, the effect of varying the last three parameters in the fore- 
Bear in going list while the other parameters are kept unchanged is examined. 

mind that the objkct is to fina the most effective trip that has the smallest 
drag. 
layer on a flat plate is shown on the left side of figure 4, where the transi- 
tion Reynolds number is plotted against the height of the roughness. The var- 
ious types of roughness elements are indicated in the figure. 
roughness element is not too important in producing transition; however, appar- 
ently an appreciable part of the area of the element must be located near the 
top. For example the data show that the pyramidal roughness does not trip the 
flow as well as the other types. On the other hand, a pinhead type of rough- 
ness which has its largest area near the top seems to be as good as (or better 
than) any trip tried. 
area of the trip and thus probably reduce the pressure drag associated with the 

The effect of using various types of roughness to trip the boundary 

The type of 

The pinhead is of interest as it would reduce the frontal 



t r i p .  
place on tha t  portion of the  element which experiences the lowest pressures; 
furthermore, there  i s  a strong poss ib i l i t y  t h a t  the flow below the head of the 
pin would become choked, whereby some of the  possible benefi ts  would be negated. 

However, the  drag reduction i s  l imited i n  tha t  the area decrease takes 

On the  right-hand side of figure 4 the e f f ec t s  of t r ipping the boundary 
layer  on B AeltL Xing and a f la t  p l a t e  are compared. 
t h e  f l m  03 E de l t a  wing i s  easier t o  t r i p  than t h a t  on 8 f l a t  plate .  

The results indicate that 

The ef fec t  of the roughness-position Reynolds number 
This Reynolds number i s  based on conditions a t  the edge of the boundary layer  
and the distance from the  leading edge t o  the roughness position. 
Reynolds number must be defined f o r  t h i s  discussion. 
i s  the Reynolds number based on conditions a t  the top of the  roughness element 
necessary t o  move turbulent flow close t o  the t r i p  position. (Turbulent flow 
i s  probably never moved completely t o  the roughness position.) Most previous 
data  were taken a t  posit ions where k/6k < 1 
nmiber necessary t o  move turbulent flow close t o  the t r i p ,  Rk,c, i s  not a func- 
t i o n  of the roughness-position Reynolds number, Rx,k, i f  Rx,k > 105 (ref. 1). 
However, the present data show t h a t  a t  8 Mach number of 6, Rk,c i s  a function 
of the roughness-position Reynolds number Rx,k. It i s  t rue  tha t  k/% must 
be greater  than 1 f o r  the  Mach 6 data, whereas previously most of the available 
data were taken under conditions where k/6k < 1. This difference i n  k/6k 

However, the  important point i s  may explain why R i s  a function of % 
t h a t  when k/6k > I, a p lo t  of the Reynolds number necessary t o  move t r ans i t i on  
close t o  the  roughness posit ion must consider 

R,,k 
conciitions are  shown i n  f igure 5 .  This f igure  includes other data obtained on 
E f l a t  p l a t e  or a cone. The data  shown f o r  M2 < 4 and k/6k < 1 a re  from' 
reference 10 which includes other sources. A l s o  included are  some data a t  

k /&k > i. 
Rx,k 

R, k i s  now examined. , 
Another 

This Reynolds number &,c 

and have shown tha t  the Reynolds 

,k' k, c 

pX ke 
has been varied by a f ac to r  of 10, and the values of 

A t  a Mach number of 6, 
9 

Rk,c f o r  these 

- .  . c >'-,~-.~q?-: n - u=u&"' _ _ _ _  c o n  i ~ c c c  w k i ' l ~ h  have Seen Taken a t  the PJnes Research Center for 
However, not enough data are  available t o  determine the e f fec t  of 

f o r  t h e  h e s  Center data. 

Although data  a t  Mach numbers greater  than 6 are very limited, indications 
required t o  move turbulent flow close t o  the rough- a r e  tha t  the values of 

ness posit ion become very la rge  and increase rapidly above approximately Mach 6. 
This result i s  indicated by the correlat ion of Pot ter  and Whitfield* from ref-  
erence 11 which i s  plot ted i n  figure 5 and a l so  by some unpublished data taken 
on a f l a t  p la te  at  a loca l  Mach number of 8 .by P. Calvin Stainback a t  the  
Langley Research Center. Stainback's roughness had a value of Rk approxi- 
mately equal t o  1.7 x lo4 (Rx,k = 0.19 x lo6) but the posi t ion of t rans i t ion  
w a s  not decreased a t  al l .  

d i f fe ren t  form than t h a t  presented i n  figure 5. 

R1; 

On the other  hand, McCauley (ref. 12) presents data 
%e correlat ion of Pot te r  and Whitfield given i n  reference 11 i s  i n  a 



a t  a loca l  Mach number of approximately 8.5 where Rk 2: 1.5 x 104 (%,k = 106) 
and the t rans i t ion  Reynolds num6er w a s  decreased by a fac tor  of approximately 2. 
[Note t h a t  the 
Stainback's data.) The main point t o  be noted i s  t h a t  a t  high Mach numbers, i f  

ness elements must be used. However, the boundary-layer t rans i t ion  posit ion 
can be moved forward by using smaller t r i p s .  

Rx,k value of McCauley's data w a s  larger  than tha t  f o r  

-..+ u u L ~ ~ e n t  flow can be moved t o  the roughness posit ion a t  a l l ,  very high rough- 

It should be emphasized that if Rx,k i s  below some l imit ing value, it i s  
extremely d i f f i c u l t  t o  t r i p  the  boundary layer.  
Therefore, it i s  not suf f ic ien t  t o  speak of a t rans i t ion  parameter i n  terms of 
0d.y boundary-layer thickness. Another.way of saying the same thing i s  t o  note 
tha t  i f  the t r i p s  are too close t o  the leading edge, the boundary layer  may not 
become turbulent, even f o r  r e l a t ive ly  large values of 
about the relationship between Rx,k and Rk,c when k/6k > 1 would be help- 
f u l .  This information might a l so  be useful i n  predicting when spanwise dis tor-  
t ions  might be expected. 

(See, f o r  example, ref. 1.) 

k/%. More information 

Pressure Drag of  Roughness Trips 

The model chosen t o  study the pressure drag of the t r i p s  w a s  the  wing-body 
configuration shown i n  figure 6. Sixty-nine cylindrical  rods were placed on 
one side of the  model as indicated by the figure.  
f o r  the  model w i t h  and without roughness elements as obtained from force t e s t s  
i s  shown i n  figure 6. The difference between the drag coefficient f o r  the models 
shown i n  figure 6 i s  due t o  the  roughness elements. 
divided in to  two par ts :  the addi t ional  skin f r i c t i o n  due t o  the  forward move- 
ment of t r ans i t i on  caused by the roughness elements and the pressure drag asso- 
ciated w i t h  the  t r ipping elements. The additional skin f r i c t i o n  CF i s  shown 
i n  f igure 6 and was calculated by the Spalding-Chi method (ref .  9) .  The posi- 
tiGn of  t rans i t ion  was determined from heat-transfer measurements on th i s  model. 
nbc _ _ _ _  _ _ _ _  - .: % difference f o r  -,he model w i t h  and wtthout roughness i s  

assume6 t o  be the pressure drag of the elements. 
have a detached shock and the element drag might be different  f o r  a model with 
an attached shock.) 

The drag coefficient CD 

This difference can be 

d 

(This model i s  believed t o  

On an actual  wind-tunnel model, roughness t r i p s  would probably be placed 
on both sides of the model instead of on o n l y  one side as w a s  done i n  t h i s  case. 
Therefore, the pressure drag associated with the roughness elements alone, f o r  
t h i s  body with t r i p s  on both s ides  would be approximately twice that shown i n  
f igure 6 and would be approximately 15 percent of the t o t a l  drag of the body. 
The t r i p  drag f o r  a typ ica l  supersonic trznsport  wind-tunnel model w a s  generally 
l e s s  than 5 percent of the t o t a l  (ref. 1). 

The methods applied a t  supersonic speeds t o  determine roughness element 
drag (ref. 1) seem t o  be no longer applicable at  hypersonic conditions. 
i s  presently being conducted i n  an attempt t o  determine experimentally the  t r i p  
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drag d i rec t ly  a t  hypersonic speeds. A t  t h i s  time, however, t r i p s  cannot be 
used when an accurate value of the  t o t a l  drag of a configuration is  required. 

The s ize  of the  roughness necessary t o  move t rans i t ion  close t o  the t r i p s  
f o r  the  higher Mach numbers becomes very large, as i s  indicated by the  over- 
simplified r e su l t s  shown i n  figure 7. The large s izes  can create very large 
spanwise e f fec ts  i n  the boundary layer  i n  addition t o  the large pressure drag 

t r ipping of the flow w i l l  probably be limited t o  those conditions where the 
t rans i t ion  distance from the  leading edge is  decreased t o  approximately 1/2 o r  
1/4 of that  occurring with natural t ransi t ion.  

-a /”- a ~ s o z l r t e c ;  v l t h  the  t r i p  elements. For t h i s  rezson, a t  high Mach numbers, 

It a l so  desirable t o  decrease the pressure drag of the  t r i p s .  

The l imitat ions of t h i s  method have been previously 

One method 
suggested i s  t o  decrease the  f ron ta l  area of the roughness element by using a 
pinhead type of roughness. 
discussed. 
use a i r  jets a s  t r ipping elements, since it i s  d i f f i c u l t  t o  transmit the force 
associated w i t h  the  column of a i r  t o  the model, but some inherent disadvantages 
a re  associated w i t h  using an a i r  j e t  i n  model tes t ing.  
does offer  some promise, it appears t o  be worth fur ther  investigation. 
IncLdes some examples of tr ipping by a i r  j e t s . )  

One promising method of minimizing the drag of the element i s  t o  

Because t h i s  method 
(Ref. 13 

Comparison of the Heat Transfer With and Without Trips 

For the  purpose of investigating whether a natural  turbulent boundary layer  
and a tr ipped turbulent boundary layer  have the same heat t ransfer  (and skin 
f r i c t i o n ) ,  measurements were made on a f l a t  p l a t e  and a 20’ wedge both w i t h  and 
without t r i p s .  The model i s  shown a t  the top of figure 8. The Reynolds number 
on the wedge can be varied both by moving the position of the wedge and by 
placing t r i p s  on the model. 
number i s  plot ted against  Reynolds number (based on the distance from the 
v i m u a l  or igin) .  Thus, the data can be compared on an equivalent Reynolds num- 
5 e r  Sasis. The v i r t u a l  or ig in  5s tzkec 88 the elcperimentally determined begfn- 
+;-g ,>;” - 3 3 - p  ,L,,tiLent -3 fiow. The aaza f o r  both the smooth ana the rough p la te  are  
approximately the same both on the p la te  and on the wedge. 
seems to’ indica te  that i f  roughness of the proper s ize  is  used, a tripped tur- 
bulent boundary layer  gives the  same heat t ransfer  as a natural  turbulent bound- 
ary layer. One difference is  indicated, however, by the o i l  patterns shown i n  
f igure 9 which were obtained on the same p la t e  but w i t h  a 400 wedge. 
t i o n  of the  roughness elements and the wedge are indicated i n  the figure. 
t i a l l y  dots of o i l  were placed on this  plate .  
ments on the plate,  no influence of the roughness elements i s  indicated except 
close t o  the elements; whereas, on the wedge there i s  a t race  o r  a wake d i rec t ly  
behind each of the roughness spheres. In  order t o  determine the e f fec t  of these 
wakes, thermocouples were placed on the wedge as i s  indicated by the arrows. 
Only small spanwise differences i n  the heating rates along these various rows 
w e r e  found, and the wakes are consequently considered t o  be only a secondary 
influence that can be ignored as a design fac to r  f o r  most engineering studies. 
(These spanwise differences, however, might be important i n  fluid-mechanics 

The results a re  given i n  f igure 8 where the Stanton 
R, 

This comparison 

The posi- 
Ini-  

Downstream of the roughness ele- 
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studies.)  
have the same heat t ransfer  as a 'na tura l  turbulent boundary layer  i f  the rough- 
ness elements are  of proper size. 

From these data, a tripped turbulent boundary layer is  concluded t o  

Roughness on Delta Wings 

ri-'> -0- ~~~ 

L-- - A L J J %  studies on a de l ta  wing with a mtural turbuient b o u n b r y  layer 
a 5  separation are  now examined. The de l ta  wing with a trailing-edge f l a p  is 
shown i n  figure 10. 
the  beginning of f u l l y  turbulent f l o w  as determined by heat-transfer methods. 
Previous studies have shown that whether separation occurs depends strongly 
upon whether the flow i s  laminar, t ransi t ional ,  o r  turbulent (e.g., refs.  14, 
15, and 16).  This result i s  a l s o  found i n  the present studies. For example, 
it i s  observed in  figure 10 tha t  when the f l a p  i s  a t  30°, separation occurs 
along the  edges of the  model where t rans i t iona l  o r  laminar flow exists, whereas 
on the  center of t he  wing where the  flow i s  turbulent, t he  f l o w  does not sepa- 
ra te .  When the f l a p  angle i s  increased t o  40°, separation occurs i n  f ront  of  
the ent i re  f l ap  on the  wing. This flow i s  very complex, and the o i l  patterns 
show that there are  several vortices exis t ing on the surface of the plate. 
ske-lch ir, f l a r e  10 indicates a simplified flow model constructed from a study 
of the o i l  patterns.  
i n  the separation region and.reattaching onto the flap.  
vortex pat tern results from the f ac t  that a t  the chordwise location of the vor- 
tex,  the flow i s  turbulent on the center of the wing and is  t rans i t iona l  o r  
laminar near the edge of the wing. The difference i n  the  surface shear forces 
produces the vortex flow pattern, which is  a different  type of t rans i t iona l  
separation than tha t  observed i n  two-dimensional flow. 

Also shown i n  the  figure is  the approximate position of 

The 

Apparently,.there i s  a vortex flow l i f t i n g  off the surface 
It is  believed that the 

Ekamples of the ef fec ts  of placing roughness elements near the leading 
edges of  the  wing a re  shown i n  f igure 11. With the roughness elements on the 
wing an en t i re ly  different  type of separated flow occurs than w a s  previously 
3Sserved without roughness. The explanation f o r  t h i s  difference appears t o  be 
z52t t.he roughness t r i p s  the bomdary layer  ahead of the wing-flap junction and 

:his conclusion i s  figure 11( c )  i n  which the same configuration i s  placed a t  a 
3G angle of attack. In  t h i s  case, the loca l  Reynolds nurdber i s  increased and 
a spanwise turbulent boundary layer  develops naturally p r io r  t o  separation, so 
t h a t  a f l o w  similar t o  that of figure ll(b) i s  produced. 

:--:re-:>- - p r ~ i - l L e ~  e tir-bulect spanwise Tiow prior  t o  separsxion. Supporting 

A cer tain amount of  outflow from the separated region occurs in  the v ic in i ty  
of the wing-flap juncture. 
using roughness elements i n  separated flow f o r  delta-wing configurations. For 
example, the roughness elements close t o  the edge of the wing i n  the separated 
region would probably change the  amount of outflow from the  value tha t  would 
be obtained with natural  turbulent-boundary-layer conditions. Figure 11 also 
suggests t ha t  d i f f i cu l ty  would be encountered i n  making t ip-control studies 
when turbulent flow i s  produced by t r ip s ,  inasmuch as a t  least a short ruzl of 
turbulent flow behind a t r i p  i s  desirable before the  flow encounters a control 
surface. 

This phenomenon indicates one of the  problems of 

It is  concluded t h a t  t r i p s  can be useful i n  wind-tunnel t e s t s  of 
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de l t a  wings i f  consideration is  given t o  the loca l  flow and the  purpose of any 
par t icu lar  investigation. 

The two oil-flow photographs of t he  model a t  a = 0' i n  figure 11 show a 
mzjor difference i n  the flow pat terns  t h a t  develop f o r  the turbulent separated 
condition ( w i t h  roughness) when compared with the  t rans i t iona l ly  separated con- 
d i t i on  (no roughness). Although the data a re  not shown, the  pressure a.q.2 heat 
:r:nz?=z- ZLL- tnesi- tm conditions show tha t  forwzrd of the f l a p  juncticr-, osly 
minor var ia t ions occur. Over the  f l ap  portion of the t rans i t iona l ly  separated 
model, a loss occurs i n  the  integrated pressure l e v e l  as compared with tha t  
of the model with roughness, with i t s  more nearly two-dimensional separation. 
A comparison of  the  experimental data  with the two-dimensional calculations pre- 
sented i n  reference 15 shows t h a t  present prediction methods a re  useful i n  pre- 
d ic t ing  pressure and heat-transfer magnitudes f o r  de l t a  wings with complete 
turbulent separated flow ahead of the flap-wing junction. 
i s  required on delta-wing configurations with t r ans i t i ona l  separation. 

However, more work 

In figures 12 and 13 some re su l t s  obtained on t h i s  wing a t  an angle of 
z t t s z k  a re  given. The o i l  pat terns  show t h a t  the  flow i s  again very complex. 
The flow i s  apparently attached t o  the surface near the leading edge of the 
T I -  V , L - - ~  ,-c but then separates and produces a vortex f l o w  as indicated i n  the sketch 
of figure 13. (See ref. 17 for a somewhat.similar ty-pe of vortex flow.) The 
vortex flow reattaches near the  center l i n e  and then apparently reseparates t o  
produce the feather  l i k e  appearance shown i n  f igure 12. 
shallow type of separated flow, as can be seen by inspecting the o i l  flows with 
the f l a p  a t  30°, where the  flow reattaches t o  the  surface very close t o  the 
flap-wing junction. The pressure dis t r ibut ions of figure 13 a lso  indicate t h i s  
shallox type of separation. 
conditions i s  apparently ve ry -d i f f i cu l t  t o  t r i p ,  and simulation of natural ly  
turbulent conditions may be impossible. Both pressure and heat-transfer mea- 
surements have been made with various s izes  of roughness elements near the  
leading edge. 
by the use of t r i p s .  However, it appears t o  be extremely d i f f i c u l t ,  i f  not 
k2oss id-e :  t o  obtain a simulation of f l i g h t  behavior i n  a wind tunnel by using 

GCCUTS. 
speeds.) 
ber  conditions with vortex shedding near the leading edge. 
should be mentioned t h a t  research a t  lower Mach numbers (ref. 18) indicates that 
the  Reynolds number does a f f ec t  the flow associated with vort ices . )  
nomenon needs addi t ional  study since hypersonic-cruise vehicles w i l l  probably 
encounter flow f i e l d s  similar t o  t h i s .  

This i s  a rather  

Another point t o  be noted i s  tha t  the flow f o r  these 

It has not been determined whether th i s  flow w a s  made turbulent 

.. 
- . -LkJL.  .-. * ^  . . - - -v  -,;t- r.nn , u - - i l v ~ o n s  ,-t: iftiere -,he behavior on the l ee  side sho-wn i n  flguze 12 

(Ref. 18 gives a more detai led discussion of t h i s  problem a t  supersonic 
On the other hand, it may not be necessary t o  duplicate Reynolds num- 

(Nevertheless, it 

This phe- 

CONCLUDING REMARKS 

Boundary layers have been made turbulent by'roughness elements up t o  l o c a l  
Mach numbers of approximately 9 OF higher. 
necessary t o  move t r ans i t i on  close t o  the  t r i p s  f o r  t he  higher Mach numbers 
becomes very large.  The la rge  s ize  of t h e  t r i p s  can create  very large spanwise 
e f f ec t s  i n  the boundary layer  and large pressure drags associated with the  t r i p  

However, the s i z e  of the  roughness 

212 



elements, 
i t e d  t o  those conditions where the t r ans i t i on  distance from the  leading edge 
w i l l  be decreased t o  approximately 1/2 o r  1/4 of that occurring w i t h  natural 
t ransi t ion.  

For t h i s  reason, a t  high Mach numbers tr ipping w i l l  probably be lim- 

Whether roughness should be used t o  promote turbulent flow i n  hypersonic 
wind-tunnel t e s t s  depends upon the >ar t icu lar  purpose of any experiment. For 
exanpie, t r i p s  can be used successfully t o  study the heat t ransfer  associated 
w i t h  an a i r c r a f t  component or  t o  produce turbulent flow i n  front  of an inlet o r  
control that  might otherwise be t rans i t iona l  or  laminar. However, at  the  pres- 
ent time, t r i p s  cannot be used when an accurate value of the t o t a l  drag of a 
configuration i s  required because of the large pressure drag associated with 
the roughness elements. Additional work is  necessary t o  determine the pressure 
drag of the elements w i t h  reasonable accuracy. Another problem f o r  study is  
the use of t r i p s  f o r  wind-tunnel simulations of hypersonic-cruise vehicles when 
vortex shedding occurs on the l e e  side of de l ta  w i n g s  a t  moderate angles of 
attack. 
proper size.  

For any t e s t ,  care must be taken t o  provide roughness elements of 
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16. SOME TOPICS I 3  RYPERSONIC TUIZBULENT BOUNDmY 

LAYER, HEAT TRANSFER, AND SKIN FRICTION 

By Mitchel H. Bertram and Aubrey M. C a r y ,  Jr. 
Langley Research Center 

SUMMARY 

Recent hypersonic turbulent-boundary-layer experiments and proposed pre- 
dict ion methods pertinent t o  the  problem of the  e f fec t  of w a l l  temperature, the 
transformation of t he  compressible boundary layer t o  the constant-density type, 
and the  de l ta  wing have been considered. 
l eve l  of t he  heat-transfer coefficient is  found t o  be l i t t l e  affected by sig- 
nif icant  changes in  w a l l  temperature as predicted by the  Spalding-Chi method. 
The T' o r  reference temperature method overpredicts skin f r i c t ion  and heat 
t ransfer  a t  low wall temperature ra t ios .  The Coles transformation as modified 
3y Baronti and Libby has been examined by u t i l i z ing  boundary-layer prof i les  
covering a wide range of Mach number and w a l l  temperature ra t io .  Some success 
i s  found f o r  the transformation up t o  the lower end of the hypersonic range 
and down t o  moderately low w a l l  temperature ratios.  However, a t  t he  lowest 
w a l l  temperature ra t ios ,  the  transformation gave high w a l l  shears as compared 
with Spalding-Chi predictions and shears t ha t  were actual ly  measured. Delta- 
wing heat t ransfer  has been examined f o r  several types of flow. A t  low angle 
of attack, i n  cases where the flow near the  surface i s  essent ia l ly  streamwise, 
s t r i p  application of successful f la t -p la te  methods gives good predictions of 
the  heat t ransfer  i f  the pressures are known. This method applies whether the 
shock i s  attacked t o  o r  detached from the  leading edge. On the lee side of 
de l t a  wings where vortices a re  indicated, the predictions a r e  poor. .Success . 
i n  predicting the heat t ransfer  t o  de l ta  w i n g s  appears t o  be limited by the 
~ 3 l l i t y  TO predict the  f l o w  f i e ld .  

Based on f l a t -p l a t e  experiments, the 

INTRODUCTION 

The study of $he turbulent boundary layer  s t i l l  largely consists of qual- 
i t a t i v e  theory combined with quantitative empiricism. In  the present paper, 
emphasis w i l l  be on experimental results. Configurations are considered not 
f o r  p rac t i ca l i t y  in  an engineering sense but t o  allow the assessment of t h e '  
basic va l id i ty  of various prediction methods f o r  skin f r i c t i o n  and heat 
t ransfer .  

Data have been obtained on f la t  plates, cones, nozzle walls, and more or  
l e s s  planar de l ta  wings so that such a problem as the effect  of w a l l  tempera- 
ture on skin f r i c t i o n  and heat t ransfer  can be evaluated. In 1961the  report 
of heat t ransfer  a t  low w a l l  temperature r a t io s  obtained i n  X-15 f l i g h t  exper- 
iments, which were a t  variance with the prediction methods i n  use a t  that time, 
provoked considerable controversy (ref. 1). Later results from wind tunnels 



have tended t o  confirm the t rend indicated by the  X-15 f l i g h t  data (ref. 2). 
Recent experiments bearing on t h i s  problem a r e  examined. 

Allied t o  t h i s  problem but with the poss ib i l i t y  of wider application i s  
the  prospect of a transformation f o r  compressible turbulent boundary layers. 
This approach, which has appealed t o  investigators fo r  a number of years, i s  t o  
detel-ine a transformation, which when applied t o  boundary-layer prof i les  o r  
other cnaracter is t ics  w i l l  precisely yield the incompressible resul t .  After 
such a transformation has been obtained, the boundary-layer de t a i l s  a re  given 
i n  terms of t he  b e t t e r  known incompressible results. Coles has proposed one 
such transformation which has been modified by Baronti and Libby and examined 
by them i n  some d e t a i l  (ref. 3 ) .  This transformation i s  intended t o  apply at  
a rb i t r a ry  w a l l  temperatures and pressure gradients and, i f  successful, would 
provide a t o o l  f o r  not only determining prof i les  but also skin f r i c t i o n  and heat 
t r ans fe r  over a wide range of high-speed flow conditions. Recently obtained 
boundary-layer p ro f i l e s  f o r  extensive values of Mach numbers and w a l l  tempera- 
tures, combined w i t h  those previously available, allow the determination of' the  
overal l  va l id i ty  of the  proposed transformation. 

Finally, the heat t ransfer  t o  the  more pract ical ly  shaped del ta  wing i s  
consiaered for t h e  case of low angles of attack. Although this wing shape has 
been dea l t  with extensively f o r  the laminar case, there i s  a paucity of data f o r  
t he  turbulent case. Notable exceptions are the  results reported in  references 4 
t o  6. 
leading-edge bluntness. 

In  references 4 and 5 the  configuration is  complicated by considerable 

Some general d e t a i l s  pertinent t o  the  results given i n  t h i s  paper are given 
i n  t h e  appendix. 

SYMBOLS 

cnnsent  ir- law of the  wall, taken here t o  be 2.43 

constant i n  law of the w a l l  (taken here t o  be 7.5) or  wing span 

loca l  skin-friction coeff ic ient  

enthalpy 

v e r t i c a l  height of roughness above p l a t e  

Mach number 

Prandtl number 

Stanton number 

s t a t i c  pressure 
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n 

R 

PX,k 

Rn 

?e 
T 

u 

X 

XC 

Y 

a 

6 

A 

V 

P 

6 

- 

body radius 

Reynolds number 

Reynolds number based on distance to roughness location 

Reynolds number based on boundary-layer edge conditions and momentum 
, . *  tk,icme ss 

Reynolds number based on distance to peak heating 

absolute tenperature 

velocity 

distance from leading edge in streamwise direction 

distance from apex of delta wing along root chord 

distance normal to root chord of delta wing or distance normal to 
sxrface for bo-mdary-layer profile measuements 

angle of attack of instrumented surface 

boundary-layer thickness 

leading-edge sweep angle 

kinematic viscosity 

density 

ray angle from apex of deltz wing and root chord 

5 :-e 2 r  1 E ’= r e  5 c 

Sub scripts : 

B-L from Baronti-Libby method 

i incompressible 

2 local conditions 

meas from direct measurement 

s-c from Spalding-Chi method 

t total 

’ i r  based on distance from virtual origin 



w conditions a t  w a l l  

a0 conditions i n  undisturbed free stream 

A bar over a symbol denotes that the variable is  i n  transformed (constant 
properties) flow. 

DISCUSS ION 

Effect of W a l l  Temperature Ratio on Heat Transfer 

and Skin Frict ion 

Since the  t i m e  of the X-15 f l i g h t  data, discussed i n  the "Introduction," a 
s ignif icant  body of wind-tunnel results has been obtained. A comprehensive 
review of available results up t o  1965 w a s  presented i n  reference 2. 
bining results from a nmber of different  f a c i l i t i e s ,  general agreement w a s  
found w i t h  the trend from the X - l 5  experiments which indicated l i t t l e  e f fec t  of 
wall temperature on the heat-transfer coefficient.  

On com- 

Recently, data have been obtained by Cary on a sharp f lat  plate ,  at  zero 
incidence t o  the stream, cooled by i n t e r i o r  c i rculat ion of l i qu id  nitrogen. The 
p la t e  was  precooled outside the  nozzle and, upon a t ta in ing  the  desired tempera- 
ture, was suddenly plunged in to  the Mach number 6 airstream of the Langley 
20-inch hypersonic/tunnel. 
t he  v i r t u a l  or ig i6  (location of peak heating) f o r  these tests was about 3 x 106. 
The results shown i n  f igure 1 are  typ ica l  of the latest  findings on w a l l  t em-  
perature e f fec t  i n  that there i s  found l i t t l e  e f fec t  on the  Stanton number due 
t o  changing the l eve l  of the r a t i o  of w a l l  temperature t o  t o t a l  temperature. 
The experimental trend agrees w i t h  that predicted by the Spalding-Chi method 
( ref. 7 a s  modified t o  heat t ransfer  i n  appendix A of ref .  2) and H a n k ' s  
rs+?-cd (amm2lx  - -  E of re f .  5 ) ;  ?iovever, t he  63th 2 r e  betweer, the t w o  predictions 
EEG a general cnoice based on these data alone cannot be made as t o  the best  
method. Clearly, the T' or reference temperature method (Monaghan, r e f .  8) 
s ign i f icant ly  overestimates the heat t r ans fe r  a t  the low w a l l  temperatures. 

The average Reynolds number based on distance from 

prpr 

Further knowledge of the e f fec t  of low temperature r a t io s  can be obtained 
from new work done i n  a shock tunnel a t  the Cornell Aeronautical Laboratory 
(refs. 9 and 10). In  t h i s  investigation shots were made a t  re la t ive ly  low tem- 
peratures and a t  the lower end of the hypersonic Maxh number range t o  obtain 
high Reynolds number. Pressure, skin f r i c t ion ,  and heat t ransfer  were obtained 
and the  sharp f l a t -p l a t e  model w a s  t e s t ed  i n  the range of surface incidence 
from Oo t o  20'. 
and these data were re-reduced from the or ig ina l  tabulation (ref e 11) as follows: 

Only data from the sharp f l a t -p l a t e  model are considered here 

(a) Coefficients and Reynolds numbers were based on loca l  conditions; 

(b) Local conditions w e r e  obtained by plo t t ing  t h e  pressures and making a 
@omparison* with theory (Prandtl-Meyer expansion o r  oblique shock). If the 
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average experimental pressure essent ia l ly  agreed with theory f o r  the  quoted 
angle of a t tack within 5 percent, the loca l  conditions f o r  t h i s  angle of a t tack 
were used. 
quoted angle of a t tack  by more than 5 percent, the loca l  conditions corresponding 
t o  the  indicated angle of a t tack  were used. 

If the  average experimental pressure deviated from theory f o r  the 

(c) The enthalpy difference i n  the heat t ransfer  was  corrected t o  a recov- 
ET, fsztcr of c.89. 

Local Reynolds numbers based on distance from t h e  assumed v i r t u a l  or igin (peak 
heating) varied from about 106 t o  2 x 108. 
of the first measuring s ta t ion,  a value f o r  t he  Reynolds number a t  peak heating 
w a s  assumed which was consistent with the  data where the location of peak heating 
was  known. 

Where peak heating occurred ahead 

Average values of skin-fr ic t ion and heat-transfer-coefficient ra t ios  
obtained from the  Cornell Aeronautical Laboratory data a re  shown i n  figure 2 
compared w i t h  theory as i n  f igure 1. 
t o  ll.7 and the r a t i o  of w a l l  enthalpy t o  t o t a l  enthalpy var ies  from 0.09 t o  
0.30. 
ment i s  given by the Spalding-Chi theory. 
Monaghan T 1  method i s  generally above the data and the prpr method generally 
below the  data. Whereas t h e  experimental values of the skin-friction and heat- 
transfer-coefficient r a t i o s  are about equal, the method predicts  the V a l -  

ues for  the skin-friction-coefficient r a t i o  t o  be s ignif icant ly  l e s s  than those 
f o r  the heat-transfer-coefficient r a t i o .  

The Mach numbers cover the  range from 4.5 

Ekcept f o r  the  highest Mach nuaber data, the  best  agreement with experi- 
A s  f o r  the Mach 4 resul ts ,  the  

The highest Mach number data are anomalous i n  t ha t  the best  agreement i s  
w i t h  the  T1 method which appreciably overpredicts a l l  the  other data. In  t h i s  
case, the measured w a l l  pressures were 70 t o  80 percent of the  stream value w i t h  
the  quoted zero p l a t e  incidence. 
pressure r a t i o  i s  taken as unity, as done by the authors themselves, there is  
good agreement of experiment and the Spalding-Chi prediction. These alterna- 
,:\-e~ 5: ~ c u r s e ,  leave %he problen: unresolved. 

If the measured pressures are ignored and the  

- -  

The Transformation of Compressible Boundary-Layer Prof i les  

One approach t o  the  compressible turbulent boundary-layer problem which has 
received considerable a t tent ion i n  recent years has been t o  seek a transformation, 
which when applied t o  the  compressible turbulent boundary-layer equations w i l l  
y ie ld  ident ical ly  the b e t t e r  known incompressible turbulent boundary-layer equa- 
t ions.  I n  t h i s  manner the  more extensive knowledge f o r  the incompressible tur- 
bulext boundary layer  can, i n  theory, be extended t o  the compressible flow case 
of in te res t .  Typical investigations (refs .  12 t o  17, 3) have achieved some 
measure of success i n  defining transformations f o r  the turbulent boundary layer. 
Coles ( r e f .  17) has proposed an approach t o  the transformation of the compress- 
i b l e  turbulent boundary-layer equations i n  which the  compressible and the  
constant-density flows are assumed t o  be re la ted  by three scaling parameters 
a(x), ~ ( x ) ,  and ((x).  The first parameter relates the  stream functions of 
the  two flows, the  second i s  a multiplicative fac tor  of the  Dorodnitsyn-Howarth 



scaling of the normal coordinate, and the third relates the streamwise coordi- 
nates of the two flows. An additional assumption pertaining to the invariance 
of a Reynolds number characterizing the law of the w a l l  region of the boundary 
layer is necessary to complete the transformation. 
" substructure hypothesis" by Coles, provides a substitute for a 
utilized with many theoretical approaches. Coles' transformatio 
extended by Crocco (ref. 16) in the mathematical sense and m--'ifieu as well as 
a2giieu ta practical cases by Baronti ana Libby (ref. 3 ) .  It is with the anal- 
ysis of Baronti and Libby that the remainder of this section is concerned. 

This assumpti 

Baronti and Libby modified Coles * substructure hypothesis (they introduced 
a sublayer hypothesis) and applied the transformation technique by point-by- 
point mapping of supersonic velocity profiles into the incompressible place. 
It should be noted that the transformation theory is applicable only for two- 
dimensional or axisymmetric (r >> 6) flow with and without heat transfer or 
streamwise pressure gradient. This analysis does not define completely the 
constant-density flow corresponding to the compressible case since the velocity 
profiles once transformed correspond to some unknown z-station in the constant- 
density flow. 
of the transformation theory. 

Determination of this f-station would require 'full exploitation 

Baronti and Libby employed the conventional incompressible universal veloc- 
ity profile equations in their analysis such that the boundary-layer profile is 
composed of two distinct regions, a law-of-the-wall region near the wall and a 
wake or velocity defect region consisting of the major portion of the boundary 
layer. The equations governing each of these regions, respectively, are: 

Law of the'wall, c/& = f(f) 

Velocity defect law, (ti - %)/tiT = F(?/S,Z) 

and 

- - 
(0 5 f $ ff (sublayer)) 

- < -  (if 2 5 = 51) 

- 
where cf and i1 are the values of r at the edge of the laminar sublayer 
and the outer limit of the region of application of the law of the wall, respec- 
tively. The coefficients A ang b are 2.43 and 7.5, respectively, as taken 
from Clauser (ref. 18) so that 
of the law of the w a l l  is taken as the end of the logarithmic portion of the 

cf = 10.6. The outer limit for the application 



boundary-layer profile on a scale of C/& plotted against 4 .  Simplified 
equations for the direct application of the Baronti and Libby analysis to veloc- 
ity profiles for compressible flow may be found in reference 19. 

The process of applying the transformation theory through the law of the 
wall is actually an iterative one, since knowledge of the skin friction at the 
wall in the incompressible plm6 is irecessary in order to transform the corre- 
s p z L i n g  cc:xpessible velocity profile to the incompressible plane. in actual 
practice, the procedure is to assume values of the wall skin friction in an 
incompressible plane until correlation of the velocity profile with the constant- 
density results is achieved. The success of the transformation may then be 
judged by observing how well the transformed velocity profile correlates with 
the incompressible results and comparing the resulting skin friction estimate 
with that measured or predicted by a reliable theory. 
skin friction has been determined from the law-of-the-wall analysis, a compari- 
son with the velocity-defect law is directly obtainable. 

Once the incompressible 

Baronti and Libby applied the transformation to velocity profiles for com- 
pressible flows up to Mach 9 for adiabatic wall and moderate heat-transfer con- 
ditions. In general, their results indicated good correlation of the compress- 
ible velocity profiles for the law of the wall in the incompressible plane,'and 
the values of skin friction resulting from the transformation compared well with 
those measured in most of the investigations cited. However, when a correlation 
was attempted with the velocity-defect law, the results indicated that a zero- 
pressure-gradient compressible velocity profile would transform into the com- 
pressible plane and show the characteristics of an incompressible velocity pro- 
file under the influence of a pressure gradient. In a recent article, Tennekes 
(ref. 20) has suggested that this discrepancy may be a result of distortion of 
the velocity-defect region of the boundary layer by the Dorodnitsyn-Howarth 
density scaling of the normal coordinate. 

Here the same procedures were used to reduce the compressible velocity pro- 
files to the incompressible form as were used by Baronti and Libby but the range 
of Mach number and heat transfer is extended. Illustrations of the correlation 
of the transformed compressible boundary-layer profiles according to the law of 
the wall with the classical incompressible results are shown in figure 3 .  Since 
Cf 
friction results obtained from the transformation for all the cases were normal- 
ized by the skin-friction coefficient predicted by the method of Spalding and Chi 
(ref. 7). 

was not directly measured for most of the profiles presented, the skin- 

In each case, the Spalding-Chi prediction was based on the measured 
and Tw/Tt. 

The transformation of profiles obtained on tunnel walls in nominal zero- 
pressure-gradient flow as shown in figure 3(a) provides good correlation for 
Mach numbers from 2.5 to 8. 
pare favorably with the Spalding-Chi predictions. For still higher Mach numbers, 
in the range from 15 to 20, the profiles shown in figure 3(b) appear to correlate 
well with the incompressible results, but the extent of the logarithmic part of 
the law-of-the-wall region of the profile is small in comparison with the lower 
b c h  number profiles. An inspection of the compressible velocity profiles 

The skin-friction results from these profiles com- 



indicates t ha t ,  i n  general, as Mach number fncreases, the laminar sublayer thick- 
ness as well as the extent of the wake o r  velocity-defect region becomes larger .  
As a resu l t ,  there appears t o  be a corresponding decrease i n  the extent of the 
logarithmic law-of-the-wall region. Since the w a l l  shear obtained from the 
transformation i s  dependent upon a curve f i t  i n  the logarithmic law-of-the-wall 
region, a physical l i m i t  of the application of the  transformation i n  the present 
form may thus exist.* However, f o r  prof i les  w;+.h thick laminar sublayers f o r  
which suSlayer veloci ty  measurements a re  accurate, the transformation could be 
applied d i r ec t ly  i n  conjunction with the sublayer par t  of the l a w  of the w a l l .  
The skin-friction results from the transformation of the high Mach number pro- 
f i l e s  show more deviation than those f o r  the  lower Mach number prof i les .  

An i l l u s t r a t i o n  of the effect  of previous his tory of the  boundary layer on 
the r e su l t s  of the  transformation i s  shown i n  f igure 3 ( c ) .  The transformed pro- 
f i l es  correlate  nicely, and the  skin-friction results compare favorably with the 
predictions of Spalding and Chi even though each of the boundary layers developed 
under different  conditions. 

A compilation of the skin-fr ic t ion r e su l t s  obtained from the transformation 
technique i s  presented i n  the upper par t  of f igure 4. The skin-friction resu l t s  
from the transformation are referenced t o  the skin f r i c t i o n  predicted by the 
Spalding-Chi method and presented as a function of the r a t i o  of w a l l  temperature 
t o  t o t a l  temperature f o r  each par t icu lar  case. The data include a l l  the experi- 
ments analyzed by Baronti and Libby as w e l l  as resu l t s  obtained from references 2, 
10, and 2 1 t o  24 and unpublished r e su l t s  obtained by Fe l l e r  at Mach 8 i n  the 
Langley Mach 8 variable-density hypersonic tunnel and Harvey and Clark at 
Mach 18.5 i n  the Langley hypersonic nitrogen tunnel. 
e r a l  investigations ( f o r  example, r e f .  2 and i n  the first section of t h i s  paper) 
t ha t  the  method of Spalding and Chi can be expected t o  give accurate skin- 
f r i c t i o n  predictions on f la t  p la tes  and cones up t o  Mach 9 and over the  en t i re  
range of Tw/Tt f o r  the data i n  figure 4. 

It has been shown i n  sev- 

In general, t he  skin-fr ic t ion r e su l t s  from the transformation appear t o  be 
consistently higher than those predicted by the  Spalding-Chi method. Although 
:::e o-?erpre&izuion I s  i n  the IG-percent range f o r  adiabazic and moderately cooled 
wells, the  e r ror  i s  large f o r  extreme cooling conditions. 
obtained d i rec t  skin-friction measurements on the  nozzle w a l l  a t  the  same loca- 
t ions  and f o r  the same flow conditions as the p ro f i l e  data. The measured skin- 
f r i c t i o n  r e su l t s  shown i n  the bottom part of figure 4 a re  i n  good agreement with 
the Spalding-Chi predictions, as are the r e su l t s  f r o m  other  investigations i n  
which d i r ec t  measurements of skin f r i c t i o n  were made. 
transformation is  not generally applicable even f o r  the logarithmic portion of 
the  law of the w a l l .  Since i n  the application of the transformation theory it 
i s  necessary t o  define a temperature d is t r ibu t ion  through the boundary layer  
(see re f .  lg), it may be suspected t h a t  the par t icu lar  temperature d is t r ibu t ion  
assumed would a f f ec t  the skin f r i c t i o n  obtained from the transformation. In  
those cases where temperatures through the boundary layer  had not been measured, 
the Crocco temperature d is t r ibu t ion  (Np, = 1) had been assumed. I n  l i g h t  of 
t h i s  assumption, the  transformation w a s  applied by using both the  Crocco temper- 
ature prof i le  and one, which w a s  a b e t t e r  f i t  t o  experiment, which had the 
quadratic form 

Wallace ( re f .  10) 

It thus appears that the 



T t  - Tw 2 
%,a3 - Tw = (2) 

In each case the veloci ty  prof i les  were calculated by using both the l i nea r  
(Crocco) and the  quadratic temperature law,  and the transformation w a s  applied 
t o  the  velocity p ro f i l e  by using the same temperature law.  
s m a l l  between the  skin-friction coeff ic ients  resul t ing from the consistent use 
of the par t icu lar  temperature p ro f i l e  i n  the data reduction t o  velocity and i n  
the transformation. Baronti and Libby obtained similar results when they used 
Crocco's temperature prof i le  and a measured temperature p ro f i l e  t o  complete the  
transformation of experimental p rof i les  i n  t h e i r  paper. 
shear a t  low wall-to-total-temperature r a t io s  does not appear t o  be a function 
of Mach number o r  Reynolds number and i s  assumed t o  r e su l t  from a deficiency i n  
the transformation theory i tself .  

The differences were 

The discrepancy i n  w a l l  

Heat Transfer to Delta Wings a t  Low Angles of Attack 

The de l ta  planform i s  of i n t e re s t  as a p rac t i ca l  shape wing f o r  hypersonic 
For e f f i c i en t  f l i gh t ,  the angle of a t tack w i l l  be low and f o r  f l i g h t  purposes. 

the  large air-breathing vehicles the leading-edge s i z e  necessary from aerody- 
namic heating requirements i s  s m a l l  compared with wing chord. Only wings with 
essent ia l ly  sharp leading edges are t rea ted  here. 

Consider the wing shown i n  figure 5 on which tests were made at  zero angle 
of a t tack by Whitehead i n  the Mach 6 airstream of the Langley 20-inch hypersonic 
tunnel." The cross section w a s  actual ly  half-diamond with the f la t  s ide instru-  
mented and alined with the flow. The shock w a s  attached t o  the leading edge and 
the pressure r a t i o  on the instrumented surface w a s  essent ia l ly  unity. 
number i s  shown as a function of Reynolds number and the boundary layer  flow i s  
indicated t o  be t r ans i t i ona l  a t  the nost forward measuring s ta t ions.  If the 
v i r t u a l  or ig in  of the turbulent boundary layer  is taken t o  be a t  the location 
of peak heating, the  assumption of s t r ip- l ike  flow which i s  successful i n  lam- 
inar  boundary layers i s  found t o  give a good prediction i n  t h i s  case also.  For * 

t h i s  wing, i n  the same airstream, t i l t e d  so that the instrumented surface faces 
5O t o  the  windward, the shock remains attached and the pressures a re  within 5 t o  
10 percent of the two-dimensional shock value. The Stanton number i s  predicted 
within about 10 percent by s t r i p  theory. 

Stanton 

The flow condition where the shock i s  detached from the leading edge of the  
de l t a  wing but attached a t  the apex is  also of in te res t .  
of flow are contained i n  the data  reported i n  reference 6. 
of a TO0 swept wing a t  zero angle of a t tack i n  a Mach 3 flow i s  shown i n  f ig-  
ure 6."" Leading-edge shock detachment i s  caused by a bevel on the underside 

T e s t  conditions of T t  = 960° R, Tw/Tt = 0.6, &/in.  = 0.53 and 

Examples of t h i s  type 
The par t icu lar  case 

4- 

0.60 x lo6; model span 9.827 in.  
Tt = 710' R, 

tripped boundary layer  with equivalent two-dimensional value of 
model span, 24 inches. 

**Test conditions of Tw/Tt = 0.83, %/in. = 0.70 X lo6; 
k/6k = 4.4; 
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of the wing. 
where the  stagnation point i s  on the beveled underside and there i s  a sharp 
drop i n  pressure as the  flow expands around the  sharp leading edge. 
coordinate used gives good correlation of the pressures neasured on the  wing 
surface. The surface on which the pressures are measured is f la t  and alined 
with the flow, but the pressures a r e  as low as 30 percent of free-stream pres- 
sure a t  the most forward s ta t ions.  

The pressures show a behavior typ ica l  of a subsonic cross flow 

The conical 

O i l  flow on a TO0 swept wing i n  the  same stream, but which had a somewhat 
smaller leading-edge bevel angle, indicated surface flow l ines  essent ia l ly  par- 
a l l e l  t o  the root chord. The leading-edge shock was  a l so  detached on t h i s  la t -  
ter  wing. 
l oca l  values of correlated experimental pressures, a good prediction of the 
heat-transfer results w a s  obtained. However, if the  pressures had not been 
available and the surface pressure had been taken as equal t o  free-stream pres- 
sure, a s ignif icant  e r ro r  would have been incurred i n  heat-transfer predictions 
over much of the wing, as shown i n  figure 6. 

By using the  modified Spalding-Chi method i n  stripwise fashion with 

Again, consider the wing ; ~s :ec i  5y XhLCleheaci. in  the Mac2 6 airstream- 'J'-'- - --- 
the f la t  instrumented side or' the Xing facing leeward a t  an angle of 5" to ;he 
f ree  stream, the shock i s  calculated t o  be attached. However, o n l y  a small 
deflection of the wing under load would suff ice  t o  cause leading-edge shock 
detachment. 
and appear t o  correlate  well i n  conical coordinates with no par t icular  d i f fe r -  
ence i n  the d is t r ibu t ion  between the case where the surface i s  smooth and the  
case where spherical boundary layer t r i p s  a re  placed on the  surface near the 
leading edge. 

The pressures, shown i n  figure 7(a), do not vary much over the span 

Without boundary-layer t r i p s ,  the  heat t ransfer  t o  th i s  surface w a s  o n l y  
t rans i t iona l  a t  the rearmost s ta t ions  of the near root chord region. With 
spherical  t r i p s ,  the l eve l  of aerodynamic heating w a s  increased t o  a l eve l  
expected with turbulent flow a s  shown i n  f igure 7(b) .  
number i s  shown as a function o f  3eynolds nmber based an free-streaa condi t i s r i s  
and distance from the leading edge pa ra l l e l  to the root chord. For reference 
purposes, the modified Spalding-Chi method applied i n  stripwise fashion fo r  a 
constant pressure on the wing equal t o  the two-dimensional value. 
or igin is  taken as based on the indicated peak i n  heating along 
the  root chord.) If the prediction method applied, then one would not expect 
more than about 20-percent difference between prediction and experiment based 
on the var ia t ion i n  the pressures. Clearly, there  i s  no correlation of the data 
and there are  large increases i n  heat t ransfer  i n  the midportion of the wing 
where surface-oil-flow studies indicate a conical vortex system to  be fo-efi- 
(See re f .  25.) A similar trend can be found i n  the heat t ransfer  reported i n  
reference 6 from t e s t s  at  1ower'Mach numbers. 

In  t h i s  case Stanton 

(The v i r t u a l  
%Otx = 2 x 106 

CONCLUDING REMAEKS 

Recent hypersonic turbulent-boundary-layer experiments and proposed pre- 
dict ion methods pertinent t o  the problem of the e f fec t  of wall  temperature, the 

3f? .-Go- . r A  J, * P, 



transformation of the compressible boundary layer to a constant-density type, 
and the delta wing have been considered. 

Up to a Mach number of at least 9, based on flat-plate experiments, the 
level of the heat-transfer coefficient is found to be little affected by sig- 
nificant changes in wall temperature as predicted by the Spalding-Chi method 
among several prediction methods. 'The T' or reference temperature method 
overpredicts skin friction and heat transfer at low wall-temperature ratios. 

The Coles transformation as modified by Baronti and Libby has been examined 
by utilizing boundary-layer profiles covering a wide range of Mach nuniber and 
wall-temperature ratio. 
lower end of the hypersonic range and down to moderately low wall-temperature 
ratios. However, at the lowest wall-temperature ratios, the transformation gave 
high wall shears as compared with Spalding-Chi predictions and shears that were 
actually measured. At high Mach numbers, very little of the logarithmic portion 
of the transformed profile remains because of an apparent thickening of the sub- 
layer adjacent to the wall and the velocity-defect wake region comprising the 
zuter  ;arL :f the pr9fi2.e. 1'. is t'ne 19garitkQic y r t i c n  3f t k e  ? r 2 ? 2 e  fz-3, 
which the indicated shear is obtained. 

Some success is found for the transformation up to the 

Delta-wing heat transfer has been examined for several types of flow. At 
low angles of attack, in cases where the flow near the surface is essentially 
streamwise, strip application of successful flat-plate methods gives good pre- 
dictions of the heat transfer if the pressures are known. This result applies 
whether the shock is attached to or detached from the leading edge. On the lee 
side of delta wings where vortices are indicated, the predictions are poor. 
Success in predicting the heat transfer to delta wings appears to be limited by 
the ability to predict the flow field. 
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ANALYSES MEXEOIX3 

I n  reducing the  data and applying the various prediction methods the 
approach was the same as that given i n  appendix A of reference 2. 
expl ic i t ly  mentioned i n  reference 2, the recovery factor  used i n  reducing the 
heat-transfer data  was  as follows. Where the recovery fac tor  i n  the or iginal  
data reduction was between 0.88 and 0.90, no correction f o r  recovery fac tor  w a s  
made. For data where the  recovery fac tor  assumed w a s  outside these l i m i t s ,  the  
data were re-reduced by using a recovery fac tor  of 0.89 and a l l  new heat-transfer 
data w e r e  reduced by assuming t h i s  recovery factor.  

Although not 

When the  Spalding-Chi method was applied, t he  values from t h i s  method and 

method (Monaghan), the Prandtl number w a s  assumed t o  
i t s  modified form were generally taken from the  charts given i n  reference 26. 
In  t h i s  case and the T' 
t e  '3.725 f x  use v%Lh the Ka-m.?tr,-Re;mcrr,oidS analogy factor. . This sane Pracdtl 
number w a s  used w i t h  the l m i n a r  T'  rnethod of Monaghan ( r e f .  27) XI obmL-? 
values of the  laminar boundary-layer thickness (6) f o r  defining values of k/&<. 
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BARONTI-LIBBY TRANSFORMATION FOR VELOCITY PROFILES 
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17. CORNER FLOW AT HYPERSONIC SPEEDS 

By P. Calvin Stainback and Leonard M. Weinstein 
Langley Research Center 

SUMMARY 

A study of hypersonic flow i n  a corner based on past  experimental and 
theore t ica l  studies and recent experimen2s has revealed a t  least three flow 
phenomena which influence the skin f r i c t i o n  and heat t ransfer  i n  the v i c in i ty  
of a corner. The mutual interact ion of the  boundary layers i n  the corner 
resu l t s  i n  a decrease i n  the local. skin f r i c t i o n  and heat t ransfer  very near 
the corner. A vortex system and reattachment of the boundary layer  downstream 
of separation result i n  an increase i n  heating outboard of the mutual boundary 
interact ion region. Attempts t o  correlate  the peak laminar h e a t k g  an2 the 
location of t h i s  peak i n  the v ic in i ty  of a corner f o r  a sixple mdel  vere 
par-,iy successfill.  It was fcw-d f rx i i m F t e d  h t a  zka t  ;he e l f t c ;  jf ;he 32:- 
ner on peak heating w a s  l e s s  for a turbulent boundary layer  than f o r  a laminar 
boundary layer . 

INTRODUCTION 

The flow of a f lu id  i n  the v i c in i ty  of a corner formed by two intersect ing 
plates  i s  of i n t e re s t  since these intersections are often encountered i n  the 
design of high-performance hypersonic a i r c ra f t s .  For example, they occur where 
the  wing and control surfaces intersect  the fuselage, where control surfaces 
intersect  a wing, and i n  in l e t s .  These corner flow fields can influence the 
loca l  skin f r i c t i o n  and heat t ransfer  t o  a i r c r a f t  components and possibPj a l t e r .  
the effectiveness of' control surfaces. Because of these possible influences, 
the character is t ics  of these corner flow regions should be investigated i n  
order t o  determine their  influence on overal l  vehicle performance. 

Since most of the boundary layer over a high-performance hypersonic-cruise 
vehicle w i l l  probably be turbulent, it would be desirable t o  have data wi th  
f u l l y  developed turbulent flow i n  the corner region. 
turbulent-flow data are available i n  corner regions a t  high Mach numbers since 
past in te res t s  were focused on high-alt i tude gl ide vehicles a t  conditions 
where laminar flow could be expected. Also, high Mach number f a c i l i t i e s  often 
have a l i m i t e d  maximum Reynolds number. Thus, present attempts must be made t o  
infer  turbulent trends from laminar data. &en though turbulent flow would be 
expected t o  have an e f fec t  on the level  of heating i n  a corner, the  basic 
corner-flow phenomena might not be changed t o  any great e s t e r t .  Yheref~re, 
because of the lack of turbulent-flow data, laminar flow data w i l l  be reviewed 
t o  see whether the major flow phenomena occurring i n  the corner flow region 
can be defined. 

Unfortunately, very few 

In  addition, some laminar-flow data w i l l  be presented and an 
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attempt made to correlate these data. Some preliminary turbulent-flow data 
taken on simple shapes will also be presented. Most of the results will be 
limited to heat-transfer data; however, some surface-flow visualization and 
flow-field visualization data will be presented. 

SYMBOLS 

aerodynamic heat-transfer coefficient 

aerodynamic heat-transfer coefficient based on laminar theory 

aerodynamic heat-transfer coefficient based on turbulent theory 

free-stream Mach number 

3' ;?~tcn Ilumber based on inclined surface fluid prooert ies  

maximum Stanton number based on inclined surface fluid propertFts 

Reynolds number based on inclined surface fluid properties ami '3n 
x ,  y, and z, respectively 

free-stream Reynolds number 

nose radius 

free- stream velocity 

coordinates 

initial length '(see fig. I) 

angle of attack 

leading-edge sweep angle 

cant or rollout angle 

yaw angle 

REVIEW OF COF@ER-FLOW PROBIB4 

Corner f l o w  has been somewhat of a problem in aerodynamics since the days 
of s~sonic aircrafts. However, at hypersonic speeds the corner-flow problea 
becomes much more complex as a result of the mutual intersection of shocks or 

- 1  
L-rb 



the  shock-boundary-layer interact ion o r  a combination of these interactions.  
The corner-flow problem i s  not only complicated as a result of speed, but the  
many d i f fe ren t  geometries possible make the  solution of the problem even more 
d i f f i cu l t .  
shown i n  figure 1. 

An example of some of t he  possible comer-flow configurations i s  

Several theore t ica l  and experimental studies have been made by using one 
o r  a combination of the geometries shown i n  figure 1. These studies have 
revealed that a t  least three flow phenomena exist i n  and near corner regions. 
These phenomena are i l l u s t r a t ed  i n  figure 2. 

From ear ly  theoret ical  studies by Loiziansky ( re f .  1) and Loitsianskii and 
Bolshakov (ref. 2), a low-shear region was found t o  ex is t  very close t o  the 
l i n e  of intersection between the  two surfaces forming a corner. Later theo- 
r e t i c a l  work by Bloom and Rubin (ref. 3 )  indicated that  t h i s  low-shear region 
resulted i n  a low-heating region near the  corner. Experimental pressure t e s t s  
made by Bogdonoff and V a s  (ref. 4) revealed a high-pressure region i n  the  cor- 
ner and a pressure dis t r ibut ion which they a t t r ibu ted  to  a vortex system gen- 
erated by the leading edge o f  t'ile corner. This high-pressure regiori vas fca-..? 
t o  resu l t  i n  a high-heating region tha t  was greater than could be a t t r ibu ted  t o  
the increase in  pressure. This increased heating tended t o  con- 
firm the existence of the vortex system proposed by Bogdonoff and V a s .  
surveys made by Cresci ( r e f .  6) using total-pressure and temperature probes 
probably give the best  confirmation of the existence of a vortex system i n  the  
v i c in i ty  of the corner. Cresci states, however, t ha t  t h i s  vortex system ex i s t s  
within the  boundary layer, a result which is  i n  agreement with the theoret ical  
resu l t s  of Carrier (ref. 7). Further t e s t s  have been conducted t o  study vortex 
formations i n  the v ic in i ty  of a corner and these results w i l l  be presented 
subsequently . 

(See ref. 5 . )  
Flow 

Several investigators (Gulbran, e t  al. (ref. 8) and Thomas (ref  g), f o r  
example) noted that a suff ic ient ly  strong shock produced by one side of the 
corner or a blunt leading edge can cause the boundary layer  t o  separate on +,he 
adjacent surface i n  the v ic in i ty  of the shock. This separation phenomena could 
resul t  i n  an increased heating a t  the point of reattachment. Therefore, it 
appears that there a re  two mechanisms which are responsible f o r  increasing the  
heating i n  the v i c in i ty  of a corner: a vortex system o r  reattachment - or, 
perhaps, both. 

The influence of several fac tors  on the peak heating found i n  the v i c in i ty  
of a corner has been investigated. (For example, see ref. 10.) The resu l t s  
have indicated t h a t  some of the factors  which increase peak heating i n  a corner 
region are  increased Mach number, angle of attack, and nose radius; those fac- 
t o r s  which decrease peak heating'are increased leading-edge sweep, cant o r  r o l l -  
out angle, and f i l l e t s .  

From t h i s  review, it appears t ha t  previous investigations have resulted i n  
a reasonable understanaing of the laminar-flow phenomena existing i n  a corner. 
Hopefully, f o r  the present, t h i s  experience w i l l  be useful i n  predicting the 
phenomena tha t  w i l l  be encountered i n  a corner when the flow i s  turbulent. 
However, the leve l  and possibly the extent of influences of corner phenomena on 



loca l  surface conditions fo r  the turbulent boundary layer would probably be d i f -  
ferent from those f o r  the laminar boundary layer  as a r e su l t  of the greater  
mixing leve l  encountered i n  the turbulent boundary layer. 

RESULTS AM) DISCUSSION 

Corner-Flow Data and Correlation 

Surface-flow visual izat ion and heat-transfer data have been obtained on a 
sinple corner model a t  a free-stream Mach number of 8 and a free-stream uni t  
Reynolds number t h a t  ranged from 0.42 x lo6 t o  10 x lo6 per foot. Flow-field 
visualization t e s t s  have a l so  been conducted a t  a Mach number of 20 i n  helium 
with the  use of the electron-beam technique. 

Examples of the surface-flow visual izat ion resu l t s  a re  shown i n  figure 3 .  
The nodel had an asymmetric angle of attack with one surface a t  an angle of 
attack of 50 and the other SIX-~~ZCO al ined 75th 2ke f ree-s t reaz ~ ~ ; 3 b C i ~ ; i .  

data presented a re  f o r  the alined surface. 
temperature-sensitive-paint resul ts ,  the dark areas represent regions w i t h  
higher heating ra tes  than the l i g h t  areas. The paint r e su l t s  indicate a s e r i e s  
of low- and high-heating regions as the distance from the corner is  increased. 
The low- and high-heating regions are seen t o  correspond t o  l ow-  and high- 
shear regions as revealed by the oil-smear-technique results, a lso shown i n  

indicate the possible existence of separation (where o i l  accumulates) and 
reattachment (very l i g h t  regions) i n  the  regions of shock impingement. 
large cross-flow component of  some of the oil-flow l ines  revealed by the o i l -  
dot technique a l so  suggests the  existence of a strong vortex system near the 
corner. Since it is d i f f i c u l t  t o  distinguish between the influences of separa- 
t ion  and reattachment and those of  a vortex system by the use of surface-flow 
visualization techniques, an electron-beam technique has been used t o  visual lze  
the flow f i e l d  f a r  from the  surface. An example of the r e su l t s  i s  shown i n  f i g -  
ure 4 where both surfaces a re  inclined loo with respect t o  the free-stream 
velocity. The sketch i n  the upper left-hand section of  the figure indicates 
the general location of the model i n  the tunnel, and the schematic drawing i n  
the upper right-hand section indicates a par t  of the resul tant  flow f i e ld .  

The 
In  the photograph showing the 

- t h e  figure. The low- and high-shear regions revealed by the oil-flow re su l t s  

The 

The photographs i n  the lower portion of f igure 4 i l l u s t r a t e  some of the 
2reliminary resu l t s  obtained up t o  the present time. The left-hand photograph 
i s  a view from the rear  of the model and below the  leve l  of the  model surface; 
t ha t  is, flow appears t o  be flowing over the  head of the observer. The elec- 
t ron beam reveals two types of s t ructure  i n  the flow. 
shaped dark region indicates the existence of one branch of a vortex system. 
Pie other szmcture,  incicated 5y a light area extending frcrn t he  :c,~?_er et 
about 45O from e i the r  surface, i s  believed t o  be the resultant shock formed by 
the intersection of the  two undisturbed wedge shocks. 
has been suggested by the low Mach number results of Chamat and Redekopp 
( re f .  11). 
and i s  directed para l le l  t o  the  l i n e  of intersect ion of the  two surfaces formin( 

F i r s t ,  a tear-drop- 

This type of intersectioi  

In t h e  second photograph, the view is  from the rear  of the  model 



the corner. 
core of one branch of a vortex system. 
that a vortex system ex i s t s  i n  the  v i c in i ty  of a corner f o r  t he  present geometry.- 

Note the  small dark region which i s  again interpreted as being the 
Therefore, t h i s  i s  additional evidence 

Some typica l  heat-transfer results obtained w i t h  a corner model a t  an asym- 

The Oata f o r  t he  inclined surface indicate  that  there is  a r e l a t ive ly  
metric angle of a t tack  of a = loo and an angle of yaw of = Oo is  shown i n  

low heating region near the corner caused by the mutual interact ion of the 
boundary layers from adjacent surfaces. 
tance from the  corner i s  increased, reaches a peak, and Lltiroately decreases 
t o  the theoret ical  f l a t -p l a t e  value. 
distances from the leading edge do not appear t o  be a function of x; therefore, 
the Stanton number for the  peak heating would be expected t o  correlate  a s  sug- 
gested by conventional f l a t -p l a t e  theory. Also, the peak values of N S t E  a r e  
located a t  a given value of 
peak heating i s  proportional t o  

*figure 5 .  

The heating rat.e increases as  the d is -  

The peak values of Nst\lRx f o r  various . 

y/x. This f a c t  indicates that the location of the  
x. 

%e <a$a f o r  the alined surface (plot ted on left-hand part  of flg. 5 :  L x  
indl-aze 3 LJV heating r a t e  i n  tke vicFnLty or' the 23rLer. 'The 'nea;i,ag m u e  
increases t o  a primary peak f a r the r  outboard and t h i s  location i s  nearer the 
corner than the projection of the shock from the inclined surface. Outboard of  
the primary peak, the heating decreases u n t i l  a secondary increase i n  heating 
i s  formed outboard of the projected shock. Farther outboard of the  secondary 
peak, t he  heating decreases t o  the theoret ical  f la t -p la te  value. The Stanton 
an6 Reynolds numbers a re  based on properties for the  inclined surface and r e su l t  
i n  the apparent low value of NstG f a r  from the corner on the alined surface. 

It i s  interest ing t o  note tha t  f o r  the alined surface the value of mst& 
increases with increasing x; therefore, the peak heating data w i l l  probably 
not correlate  i n  terms of as a function of Reynolds number as suggested 
by the resu l t s  for the inclined surface. ??le location of  the peaks, 3owever, 
appears t o  be a t  about a constant value of z/x and t h i s  f a c t  indicates t h a t  
z i s  proportional t o  x. 

N s t  

Along the y/x and z/x coordinates of figure 5 ,  the  dark areas indicate 
regions i n  which o i l  remained on the model after the  oil-flow tests, whereas 
the l i g h t  areas indicate regions i n  which the o i l  w a s  removed from the model by 
high shearing stresses. 
shearing s t resses  w e r e  a l so  high. The combined oil-flow and heat-transfer 
resu l t s  indicate the  existence of a vortex system as shown i n  figure 5 .  

The peak heating rates are seen t o  occur where the  

Correlation of Laminar Peak Heating Data 

Sample heat-transfer data have indicated the existence of p e e  i---.ting 
ra tes  on both of the surfaces tha t  form a corner model. It would be desirable 
t o  correlate  the magnitude of these peak heating rates and the location of t h e i r  
peaks. This information might be useful t o  design engineers if they encounter 
similar configurations i n  the design of prac t ica l  high-performance hypersonic 
a i r c r a f t  . 



Fi r s t ,  consider the data f o r  the asymnetric corner where one surface i s  
always al ined with the  free-stream velocity and the  other surface has some i n c l i -  
nation angle. The attempt t o  correlate  these results f o r  a = Oo, 5 O ,  and 10° 
is shown i n  figure 6. 
wide range of unit Reynolds numbers, u n t i l  t r ans i t i on  becomes apparent a t  high 
values of R,. 
t o  define peak heating adequately as a result of tlne l imited number of thermo- 
couples near the leading edge of the  model where peak heating is inboard of the 
thermocouples nearest the  l i n e  of intersection. 
heating ranges from about 50 t o  65 percent above the  laminar f l a t -p l a t e  theory 
of reference 12. 

Most of the data' correlate  f a i r l y  w e l l  w i t h  Rx, over a - 

Some of the  s c a t t e r  present i n  the figure i s  due t o  the  i n a b i l i t y  

I n  general, the increase i n  - 

Since the data could be correlated i n  terms of the  conventional viscous 
parameters, Stanton and Reynolds numbers, the peak heating rate on the inclined 
surface i s  apparently governed by viscous forces,  "his assumption appears 
reasonable since the  shock produced by the al ined surface is  w e a k  and probably 
would have negligible e f fec t  on the  magnitude of the heating. 

Although The ?resent results f o r  I Nzch nu7ber =r' 8 znd 2r2:-?iLc7is T?SLL.~= d 

from reference 5 f o r  a Mach number of 5 indicate only a 33- t o  dj-percenz 
increase i n  heating above theore t ica l  f l a t -p l a t e  values f o r  the a = Oo, = 5c 
attitude, data taken a t  higher Mach numbers (M = 12 t o  16, refs .  6 and 13) indi-  
ca te  a greater  increase i n  the value of the peak heating - about 300 percent 
above laminar f l a t -p l a t e  theory. Therefore, it appears that the present corre- 
l a t ions  w i l l  probably be l imited i n  usefulness up t o  a Mach number of about 8. 
However, when data become avai lable  a t  higher Mach numbers, the types of corre- 
l a t i o n  used herein might be applicable.to the higher Mach number data. 

The f irst  attempt t o  correlate  the data f o r  the alined surface i n  terms of 
maximum Stanton number and Reynolds number i s  shown i n  figure 7. I n  th i s  form, 
a sa t i s fac tory  correlat ion was not obtained. O f  course, th is  resu l t  was an t ic -  
ipated Secause of the r e su l t s  shown in figure 5 for the  al ined surface. It i s  
interest ing to  note tha t  the maximum Stanton number i s  almost x n s t s z 5  irit2 
Reynolds number f o r  the l imitat ions of t he  present model. This result has been 
noted before i n  reference 14 and i s  also i n  agreement w i t h  the data of refer-  
ence 8. 
ra ther  t o  decrease a f t e r  some value of Reynolds number i s  reached. The heating 
rate should ult imately become pa ra l l e l  t o  the laminar-flat-plate-theory l i ne .  
This var ia t ion of the Stanton number, however, might not be reached as a r e su l t  
of the occurrence of t rans i t ion ,  which ult imately must occur, a t  a suf f ic ien t ly  
large Reynolds number. 

This var ia t ion would not be expected t o  continue indefinitely,  but 

It i s  not c lear  a t  the present t i m e  why the Stanton number is constant w i t h  
increasing Reynolds number. However, the peak-heating r e su l t  i s  probably due 
t o  a combination of vortex system and separation and reattachment. 
ance of  the Starkon amber ~ 5 t h  IieTJnolds number indicates  tha t  a strong inyis-  
c i d  phenomenon is  probably controll ing the peak heating on the  alined r**rfzci. 

The invari-  

Since the data did not correlate  w e l l  w i t h  Stanton and ReTynolds numbers, 
other  parameters w e r e  t r i e d  i n  an attempt to  obtain a better correlation. 3ne 
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such attempt is presented i n  figure 8. 
appear t o  correlate  'the data f a i r l y  w e l l ,  but unfortunately 
dimensional quantity i n  order t o  obtain t h e i r  correlation. 

These parameters, NSt,-/E and Rx, 
data require a 

Correlation of the  Location of Peak Heating 

The locations of the peak heating were correlated i n  the form of % o r  
Rz as a function of Rx. These results a re  shown i n  f igures  9 and 10. The 
correlat ions.are  fa i r  f o r  both surfaces of the.mode1 untjrl t rans i t ion  occurs a t  
high Reynolds numbers. The f a c t  that the slope of these curves on log-log paper 
i s  about 1 indicates that y o r  z i s  almost proportional t o  x f o r  most of 
the range of the data. This prediction w a s  indicated from figure 5 .  

Effect of Cant Angle on Laminar Peak Heating 

A s  pointed out F n  reference 10, several factors  can reduce peak h e a t k g  k 
:he -rLc:fii:y of I, :3rzer. - & ~ I B  Y these factors  a re  increased lesding-s%gz s-.~-ee:, 
cant o r  rollout angle, and f i l l e t s .  A second heat-transfer model was tes ted a-c 
a Mach number of 8 t o  investigate the e f fec t  of cant angle on peak heating i n  a 
corner. The ins t rmenta t ion  on t h i s  model w a s  not a s  extensive a s  t ha t  on the 
model used t o  obtain t h e  data previously discussed. The r e su l t s  of these t e s t s  
f o r  var ia t ion of the  cant angle only are shown i n  figure 11. This f igure reveals 
a substant ia l  increase i n  peak heating resul t ing from reducing the angle between 
the p la tes  from goo t o  60°. For example, the increase i n  peak heating f o r  

theory whereas the increase f o r  $ = 60' i s  about 80 percent greater. O f  
course, increasing the cant angle above goo results i n  a decrease i n  peak heating 
u n t i l  the  angle reaches 270' (an exter ior  corner) where there  is  l i t t l e  o r  no 
increase i n  heating above laminar f la t -p la te  theory. The increase i n  peak 
heating with increasing x seen i n  figure 11 i s  apDarentljr due t o  the liAnLted 
number of thermocouples i n  t h i s  model. This f ac t  makes it a i l f i c u l t  t o  deTine 
peak heating near the leading edge of the model. 

If the data obtained w i t h  the  second model, f o r  a l l  cant angles except goo, 
are  compared w i t h  those obtained w i t h  the  more completely instrumented first 
model ($ = goo), it can be seen ( f ig .  12) t ha t  there  i s  l i t t l e  or no increase i n  
peak heating f o r  # = 6 0 O  when compared with the heating f o r  $ = goo. How- 
ever, the  two la rger  values of ($ = 120' and 270') indicate a decrease i n  
the l eve l  of peak heating when compared with the 90° case. 

= goo is  about 40 percent greater  than that obtained from laminar f l a t -p l a t e  

$ 

Turbulent Heating i n  the Corner Region 

There I s  - 7 ~ 3 z - y  1 L t t l e  f d l y  develope6 t u k l e n t - f l o w  21% it high :hck 
bers available i n  the l i tei=ture f o r  corner flow. 
f l o w  over a hypersonic-cruise vehicle w i l l  probably be turbulent, a program has 
been undertaken t o  obtain f u l P j  developed turbulent-corner-now data at  a Mach 
number of 8. The models were constructed of glass-fused mica, and preliminary 

However, since most of the 



temperature-sensitive-paint data  have been obtained with the model. 
of some of the results obtained with t h i s  model is  presented i n  f igures  13 
and 14. 

An example 

F i r s t  consider only the  data  f o r  the model with the  sharp leading edges 
The laminar-flow data  (upper p lo t )  reveal the character is t ic  low ( f ig .  13). 

heating rate i n  the  comer. The r a t e  increases as the distance from the corner 
i s  increased, reaches a peak, and then subsequently approaches flat-plate-theory 
values. The temperature-sensitive-paint results a t  a Mach number of 8 indicate 
that f o r  the same type .of model with turbulent flow i q  the comer, there i s  no 
increase i n  heating i n  the  corner above turbulent theory.. 
f ig .  13 . )  

(See fower plot" of 
This w a s  a lso t rue  f o r  the Mach number 5 data of reference 5. 

When one of the  surfaces has a blunt leading edge of 0.25 inch and data 

For the  laminar-flow data (upper p lo t )  J the shock produced by the 
are recorded on the adjacent surface, the r e su l t s  shown i n  f igure 14  are 
obtained. 
blunt leading edge results i n  a very large increase i n  heating on the adjacent 
surface. This increase can be about 12 to  13 times the laminar-flat-plate- 
Iheory 7rai.de.  is tncrease is a ~ - x c t i g n  O S  x / ~ , - . '  ,.A 1 Rouever, LT ?LCJ 
i s  turbulent outboard of the shock, the resu l t s  shown i n  the lower port icn or' 
f igure 1 4  a r e  obtained. An increase i n  heating i s  noted above the turbulent- 
f lat-plate-theory value i n  the turbulent-flow region as  a r e su l t  of shock 
impingement; however, t h i s  increase i s  only about 2.5 t o  3 t i m e s  the theore t ica l  
value. 

i 

From these preliminary results, it appears tha t  the factors  which resulted 
i n  an increased peak heating i n  the v i c in i ty  of a corner f o r  a laminar boundary 
layer  a re  absent o r  great ly  reduced i n  severity when the boundary layer  i s  
turbulent. This r e su l t  i s  probably due t o  the greater  heating associated w i t h  
a turbulent boundary layer  and t o  i t s  greater mixing l eve l  which might tend t o  
damp out extraneous influences generated by the corner and i ts  shock system. 

SUMMARY OF RESULTS 

The results of the present study of flow i n  a corner a t  hypersonic Mach 
numbers can be summarized as  follows: 

I. A review of the  l i t e r a t u r e  has revealed a t  least three flow phenomena 

The f irst  -of these phenomena.is the mutual LnceracL' -,<a 
exis t ing i n  a corner which influence laminar skin f r i c t i o n  and heat t ransfer  
t o  adjacent surfaces. 
between the  two boundary layers  on the surfaces forming the corner and the 
accompanying reduction of skin f r i c t i o n  and heat t r ans fe r  as a result of the 
interaction. The second i s  a vortex generated by the co-mer flow f i e l d  and 
-ne inc rease  F n  heating qaused by the vortex sys tem.  The t h i r d  i s  the advent 
of separation and reattachment on c e  surf'ace caused by strong chocks generazei 
by the adjacent surface with an increase in heating a t  reattachment. 

L, * 

2. Some success has been achieved i n  correlat ing laminar peak heating and 
the location of the peak f o r  a l imited range of corner geometries. 

- _  
'-/L 



3. The limited amount of turbulent-flow data available indicates that the 
influence of the corner t o  increase peak heating i n  the corner w i l l  be less  
when the boundary layer i s  turbulent than when-the boundary layer i s  laminar. 
This result i s  probably due t o  the higher heating rates accompanying a turbu- 
lent boundary layer and t o  its greater mixing level which might tend t o  reduce 
the influence of extraneous phenomena generated by the corner f l o w  f ield.  

- 
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18. EXW3CTS OF SHOCK IMPINGEBBNT AND O m  FACTORS 

ON LEADING-EbGE HEtAT TRANSFER 

By Dennis M. Bushnell 
Langley Research Center 

SUMMARY 

An investigation w a s  conducted a t  a Mach number of 8 t o  determine the 
e f fec ts  on stagnation-line heat t ransfer  of shock impingement, chordwise 
grooves i n  the leading edge, and end contamination of the leading-edge boundary 
layer  from an adjoining surface. 

The shock-impingement tests were conducted w i t h  an unswept cylinder. A 
flat p l a t e  inclined a t  an angle of 12O t o  the flow w a s  used as the shock gen- 
erator.  The c y l i d e r  xas separated from the shock generator t o  elirninaze %;le 
ef fec ts  of flow separation i n  the root region. A l oca l  peak i n  heating t h a t  
w a s  about twice the undisturbed heating l eve l  w a s  observed i n  the stagnation 
region of the cylinder where a vortex sheet impinged on the leading edge. 
vortex sheet originated a t  the intersect ion of the p l a t e  and cylinder shocks. 
Comparison of these data with previous measurements on similar configurations 
indicates t ha t  the magnitude of the  peak i n  heating depends on the proximity 
of the shock impingement t o  the t i p  o r  root region i n  which the attached 
leading-edge boundary layer  f irst  develops. On the bas i s  of t h i s  comparison 
and additional t e s t s  i n  which the shock impingement occurred closer t o  the t i p  
of the cylinder, it is  concluded that f o r  leading edges a t  small sweep angles, 
shock impingement occurring far from the  root of the leading edge causes only 
moderate increases i n  heating. If impingement occurs near the root of the 
leading edge, fac tors  of the order of 5 t o  10 times the undisturbed heating 
leve l  a re  possible. Previous investigations have already shown that shock 
impingement on a leading edge which i s  a t  a large sweep angle causes no loca l  
increase i n  heating. 

The 

Heat-transfer measurements were made along the leading edge of a 7 6 O  swept 
f i n  mounted on a f l a t  plate .  Tests were made with and without a ser ies  of 
small chordwise grooves cut in to  the leading edge t o  simulate construction 
de ta i l s .  
with the grooves indicates that some f rac t ion  of the stagnation-line boundary 
layer i s  bled off by the grooves, so tha t  a new viscous sublayer grows down- 
stream of each groove. The general l eve l  of heating w a s  about the same as or  
l e s s  than the leading-edge heating data obtained on the  same configurations 
without the grooves. 

Analysis of the  observed heating d is t r ibu t ion  on the leading edge 

The present heat-transfer data from the smooth 7 6 O  swept f i n  indicated 
tha t  t rans i t ion  of the leading-edge boundary layer  occurred a t  a Reynolds num- 
ber, based on free-stream conditions and leading-edge diameter, of approxi- 
m t e l y  2 x 105. A survey of heat-transfer data  f o r  swept leading edges 

? 



indicates that for leading edges having adjoining surfaces such as the flat 
plate in the present investigation, a transition Reynolds nmiber of 2 x 105 is 
generally applicable for Mach numbers from 2 to 8 and sweep angles greater 
than 40’. 
configurations without adjoining surfaces w a s  generally found to be greater 
than 8 x 105. 

On the other hand, the transition Reynolds number for leading-edge 

INTRODUCTION 

The flow in the vicinity of leading edges is often complicated by the 
presence of phenomena associated either with adjoining surfaces or with depar- 
tures from smooth-leading-edge geometry which are necessitated by structural 
considerations. 

The present investigation is a study of the effects on leading-edge heat 
transfer of three types of these “interfering” flow fields. These interfering 
f l o w s ,  ,depicted in fi,oure I, w e  Isaaing-edge shcck IraplngerneEt, t h e  iffecf cf 
chordwise (normal to leading edge) grooves, and end contamination of the 
leading-edge boundary layer from an adjoining surface. 

Several investigations of the leading-edge shock-impingement problem have 
been previously conducted (refs. 1 to lo), and for highly swept leading edges, 
it has been shown that no local increases in heating occur at shock impingement 
and that the leading-edge heat transfer can be predicted by using local condi- 
tions in simple theories. 

The available data for leading edges at s m a ~  sweep angles (refs. 4 to 10) 
indicate that a local peak in leading-edge heating occurs in the vicinity of 
shock impingement. Measurements of the magnitude of this peak have indicated 
factors from about 2 to 10 times the undisturbed level. These peaks have been 
generally measured in the region of the impingement of a vortex sheet wnich 
emanates from the vicinity of the intersection of the impinging shock and the 
leading-edge bow shock as shown in figure 2. This apparent discrepancy of a 
factor of 5 in the available data may in some cases be due to an insufficient 
density of instrumentation such that the exact local peak was not observed. 
Also, some of the available data are for situations in which shock impingement 
occurred in the vicinity of a separated-flow region near the root of the 
leading edge and the effects of the separated-flow reattachment and shock 
impingement could not be separated. The purpose of the present investigation 
was to obtain the effect of shock impingement on stagnation-line heat trafisfer 
for an unswept cylinder without these sources of uncertainty. A temperature- 
sensitive-paint technique was used to provide the magnitude and location of any 
local peaks in heating with greater accuracy than conventional thermocouple 
models. Also, the cylinder ‘ a s  separated frm the shock generator so that the 
effects of flow separation in the juncture region could be eliminated and daza 
could be obtained f o r  a situation analogous to that of shock impingement 
occurring far out on a leading edge as well as close to the tip. 
impingement occurring far out on the leading edge is generally of greater 
practical interest. 

Shock 



Typical delta-wing configurations may have small chordwise grooves in  the  
leading edge. (These grooves would be present because of the  lapped, s l iding 
jo in ts  used i n  the  fabrication of the leading edge t o  allow fo r  thermal expan- 
sion.) Previous investigations have been conducted t o  determine the e f fec t  of 
grooves on leading-edge heat t ransfer  (refs. 11 and 12), but e i ther  the  number 
of grooves was  not s s f i c i e n t  or  the  Reynolds nmber range was not la rge  enough 
t o  allow application of these results t o  current problems of in te res t .  There- 
fore, an investigation was conducted t o  determine the effect of a large number 
of small chordwise grooves on the  leading-edge heat t ransfer  of a 76O swept f i n  
over a Reynolds number range suff ic ient  t o  provide both laminar and turbulent 
stagnation-line boundary-layer flow f o r  a similar leading edge without the  
grooves. 

- 

As shown i n  reference 13 f o r  l o w  speeds, the e f fec t  of the flow over a 
surface adjoining a leading edge i s  t o  cause premature t rans i t ion  of the en t i r e  
leading-edge boundary layer.  
premature t rans i t ion  for hTnersonic flow and for large sweep angles, a smooth 
76’ svept leading-edge f i n  raounted on a f l a t  p la te  vas +ested, and tfie trarsi- 

configurations (f in-plate or cylinder-plate models) and “-mdisturbed” or “deLte 
wing” configurations without any adjoining surface. 

To ascertain i f  an adjoining surface can cause 

5:- - 2 - 4  - ,“ 
3 _ _ 1 1 _ - -  

L-i “-~n - Rey~cld; c - ~ ~ b e r  was ccmgared -.,~lth 2 : r e ~ l c u s  zrzzsl;l,2r, 

SYMBOLS 

D leading-edge diameter 

h heat-transfer coefficient 

k thermal conductivity 

M lYach number 

Nusselt number, ID/& NNu 

P pressure 

R Reynolds number 

X distance along leading edge (f ig .  8) 

U angle of a t tack 

A distance along leading edge from effect ive root t o  vortex-sheet 
iznpi=lgernent 

A sweep angle 



Subscripts: 

co free stream 

D leading-edge diameter 

regions of flow (fig. 2) 

IIBX maximum 

transition boundary-layer transition 

RESULTS AND DISCUSSION 

,%.xima Heat Transfer Due to Shock Ibpingement 

The present shock-impingement investigation was conducted in the Langley 
Mach 8 variable-density hypersonic tunnel at a free-stream Reynolds number 

based on the model diameter of 1.8 X 105. The models consisted of a 
sharp flat plate inclined at an angle of 12' to the test-section flow and a 
right circular cylinder 1 inch in diameter mounted normal to the test-section 
flow. The cylinder was constructed of a mica and glass composite material 
having a low thermal conductivity and, thus, data could be obtained by using 
the phase-change-coating technique outlined in reference 14. With this method 
it is possible to obtain the location and peak value of any local increases in 
heating with better accuracy than can be obtained on conventional thin-skin 
heat-transfer models. 

Rm,D 

The tunnel flow was started witn the wedge in place and tnen the cyiinaer 
was injected into the wedge flow field. 
enough from the surface of the wedge so that no flow separation occurred on the 
wedge surface ahead of the cylinder. To provide reference heat-transfer- 
coefficient values for an unswept leading edge without shock impingement, the 
cylinder was also tested without the wedge. 

The end of the cylinder was kept far 

A schlieren photograph and accompanying explanatory sketch of the flow in 
the vicinity of the leading-edge model is shown in figure 3. From this figure 
it is evident that no root separation occurred and comparison of this schlieren 
with the one shown in figure 4 for the cylinder alone indicates that shock 
impingement occurred far enough from the tip so that the leading-edge flow was 
almost fully developed before impingement occurred. The general features of 
zhe flow 2iela are simikr k a  those shown In f i p r e  2. m e  -,Tortex sheet 
originates at the intersection of the plate shock and cylinder bow brlock can 
be seen in figure 3. 

From previous investigations it was expected that a peak in heating would 
occur in the vicinity of vortex impingement. In the present investigation a 



peak of t h i s  type was measured; however, the magnitude of t h i s  peak was only 
1.8 times the undisturbed level,  corresponding t o  tha t  
edge without shock impingement, ra ther  than the  fac tors  
been previously measured (refs. 4 and 6). 
t ransfer  due t o  shock impingement f o r  the present and previous investigations 
at  A = Oo i s  given i n  f igure 5. The maximum value has been divided by the 
"undisturbed" value obtained far from the shock-impingement region where the  
leading edge i s  subjected t o  the free-stream flow. 
as a function of the  log of p2/p1, which is a s l igh t ly  modified form of the  
parameter used- i n  reference 7 t o  correlate their. data wi.th.'.those of reference 5.  
The pressure p 
f l o w  w a s  id luenced  by the impinging shock and a cylinder bow shock which was 
assumed pa ra l l e l  t o  the cylinder. This assumption w a s  made because schlieren 
data o r  pressure data  were not available f o r  a l l  cases, and therefore, addi- 
t i ona l  shocks due t o  separation could not be properly accounted for .  (Those 
investigations f o r  which pressure data were available indicated that when 
separation shocks were present, the ac taa l  value of 

Zent hLgher than the -rz>:e x e 2 . i  %e sheore t lca i  curve S ~ I C K  1.1 <<;s? : - 3  

therefore the approximate increase in  heating which w o u l d  be expected becauist 
p2 i s  greater than p1 {flow separation e f fec ts  were not considered). The 
circular  data poicts, which include the  present 
reference 4, a re  results f o r  the case of negligible root separation and shock 
impingement occurring after the leading-edge flow w a s  f a i r l y  well developed. 
For these data, only moderate increases i n  heating above expected levels  seem 
t o  occur. 
by taking in to  account the nominal increases i n  pressure. Also, unpublished 
data obtained a t  the Langley Research Center seem t o  agree with these resul ts .  
These data were obtained at  a Mach number of 8 by Davis H. Crawford for an 
unswept leading edge under s i n i l a r  conditions (that is, no root separation and 
shock impingement occurring after the attached flow w a s  f a i r l y  w e l l  developed). 

A p lo t  of t he  maximum measured heat 

All data  have been plot ted 

was calculated fo r  a l l  data by assuming that the free-stream 2 

p2 vas as much as 70 ?e?- 

M = 8 data and a l so  data from 

The ac tua l  increases a re  up t o  50 percent above the values predicted 

The hatched areas i n  f igure 5 indicate data obtained wnen some root sepa- 
ra t ion w a s  generally present and shock impingement may have occurred inboard of 
a region of f u l l y  developed leading-edge flow. A s  stated,  i f  proper acco-lint 
could be taken of additional separation shocks f o r  these data, they would be 
shifted t o  the r igh t  by varying amounts because the  value of would be 

increased, but this shift would generally not be suf f ic ien t ly  large t o  bring 
these data in to  the same re l a t ive  agreement with the theoret ical  curve as tha t  
exhibited by the circular  data points. 
t iona l  increase i n  heating f o r  khe data designated by the 'natched ZEZ zbc-~zl 
that which is  observed when impingement occurs f a i r l y  far out on a leading edge, 
as w a s  the  case f o r  the c i rcu lar  data points. 
data is  that where actual  values of p p are known, &/hl i s  equal t o  
a2/'pl, -.Jithin npyoxiaafuexr a TO-percent sp-ead i n  the dats. This TOEQS- 

pondence was f i r s t  pointed out i n  reference 9 but the reason for t h i s  apparent 
equivalence between the heat t ransfer  and pressure r a t i o s  i s  not known at  the 
present t i m e .  

p2 

Therefore, there seems t o  be an addi- 

An interest ing feature  of these 

2/  1 
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The cross-hatched areas indicate data (reported i n  ref. 6) obtained when 
shock impingement occurred i n  close proximity t o  a separated-flow region a t  the 
root and, therefore, when attached leading-edge flow was j u s t  s ta r t ing  t o  form. - 
For these data, the  magnitude of the  peak was 10 tines the  undisturbed level.  
It i s  concluded by comparison of the data f o r  the three conditions t h a t  t he  
magnitude of the increase i n  leading-edge heating due t o  shock impingement 
depends on the proximity of the impingement t o  the  region i n  which the  attached 
leading-edge flow begins. 
the larger  flow gradients t ha t  would be present there seem t o  increase the 
increment i n  heating caused by the vortex impingement.). FQr the  usua;l, p rac t ica l  
case i n  which impingement occurs f a i r l y  f a r  out on a leading edge, only moderate 
increases i n  heating would be indicated according t o  the present interpretat ion 
of the results shown i n  figure 5 .  

(That is, when this flow is  j u s t  beginning t o  form, 

To fur ther  validate the conclusion tha t  b / h l  increases as the  shock- 
impingement location approaches the t i p  or  root of the  leading edge, additional 
data were obtained by increasing the distance from the p la te  t o  the end of the 
cylinder. This increased dtszance caused the shock imTingement t o  occur c l o s e r  
3 :ne end of the cylinder. ?"e r e s d t s  ci' tkese :?sfus are shokn in Z L g z e  5 
i n  which A i s  defined t o  be the distance from the point a t  which the leading- 
edge shock begins t o  form ( f o r  the present t e s t s ,  the  end of the cylinder) t o  
the location of the vortex iwingement ( f ig .  2) .  Previous data f o r  which 
schlieren photogaphs are available ( for  determination of A) are  a lso snown. 

From figure 6 it i s  evident tha t  the increment i n  heating due t o  shock 
impingement does increase as the t i p  i s  approached. 
numbers of 10 and 19 agree with the present results. 
previous data, any increase i n  heating due t o  reattachment of the separated 
flow w a s  not as large as the increase due t o  vortex impingement, although 
identification and separation of the two effects,  even i n  these data, i s  not 
absolutely certain. Nevertheless, it can be speculated that shock impingement 
i n  the root region rather  than chenomenon associated w i t h  flow separation i s  the  
dominant mechanism causing the large increases i n  heating. This z ip  e f fec t  i s  
probably, at  l ea s t  i n  par t ,  due t o  the occurrence of shock impingement closer t o  
the t i p  where the  bow-shock-layer thickness decreases, and therefore the distance 
from the origin of the vortex sheet t o  the impingement region on the leading edge 
i s  reduced. 
in to  a mixing layer i s  smaller. A s  a consequence, the vortex causes larger 
increases i n  heating when it impinges on the leading edge because of the larger  
gradients i n  velocity and temperature. If such a mechanism i s  actually the  
dominant cause of the increases i n  heating associated with the t i p  e f fec t  
noted i n  the  present investigation, large increases might a lso occur i n  the 
region of developed leading-edge flow if a very small leading-edge radius, 
which resu l t s  i n  a very s m a l l  shock standoff distance, were used. 
shown in  figure 5 the leading-edge radius w a s  always of the same order of 
m g ~ i m d e .  

The previous data a t  Mach 
Evidently, f o r  these 

Hence the distance over which the  vortex sheet grows and diffuses 

For the data 

The r e su l t s  of a recent investigation of a different  but analogous con- 
figuration conducted a t  the Langley Research Center by Robert A .  Jones  PO 

apparently i n  agreement with the present conclusions concerning shock impinge- 
ment. The configuration tes ted  w a s  a forward-facing probe projecting from the 



windward region of an Apollo command module i n  the  reentry a t t i tude .  
probe has been proposed as a possible reentry communication antenna.) 
schlieren photograph of the  flow over the configuration i s  shown i n  f igure 7. - 

From this figure it is  seen that the  probe t i p  was ahead of the  main-body bow 
shock and, therefore, impingement of t h i s  shock ed along the  lower portion 
of the  probe. 
normal t o  the probe so that t h i s  portion of the  probe can be t reated as a cyl- 
inder a t  some small effect ive sweep angle t o  the loca l  flow. The measured 
peak i n  heating occurred j u s t  downstream of shock impingement on the lower siCe 
of the probe. 
value calculated f o r  an unswept cylinder exposed t o  the in te rna l  f l o w  near the 
probe and, hence, i s  i n  agreement with the present leading-edge data in  which 
root separation or t i p  e f fec ts  were not large. 

(The 
A 

The resul tant  flow within the  ma flow f i e l d  i s  almost 

This measured peak was approximately a fac tor  of 2 above the 

Effect of Chordwise Grooves on Leading-Edge Eeat Transfer 

The investigation of leading-edge heating i n  the ?resence 3f :kr?,i%:E 

grcoves 3-2s also mn&Lcted i n  :he Langley >,~ach 3 ~raria’si~--.~ecsi:-.- ,, 2-y .I - +:-Y;ZI 1 
tunnel over a nominal Reynolds number range 

leading-edge diameter, of from 3 X lo4 t o  3 X 105. 
Q,D, based on the O.73-inch 

The model tes ted  was a 7 6 O  swept slab f i n  with a semicylindrical leading 
The f i n  was mounted on a f l a t  p la te  10 inches from the p la te  leading 
The f i n  was constructed of high-temperature p l a s t i c  and the phase-change- 

edge. 
edge. 
coating technique of reference 14 w a s  a l so  used t o  obtain heating data on t h i s  
model. The f i n  was cast  with grooves alined normal t o  the leading edge and 
spaced 0.5 inch apart  along the en t i r e  length of the model. 
square i n  cross section, 0.03 inch on a side, and extended around t o  the sides 
of the f in .  

The grooves were 

The leading edge of the model was 14.4 inches i n  length. 

During the  tests a weak shock that  gave a 20 turnlng sngle zo :kc 
approaching f l o w  w a s  observed t o  originate near the p la te  leading edge, and 
t h i s  shock al tered s l igh t ly  the effect ive free-stream conditions f o r  the 
leading edge. The Reynolds number range quoted f o r  these. t e s t s  inclu3es tkis 
correction. 

The measured Nusselt number variation along the f i n  leading edge a t  
%,D = 1.74 x 105 The spanwise locations of the  grooves 
are  indicated i n  the figure. The variation of NnU with x/D downstream of 
a given groove i s  similar t o  tha t  near the leading edge of a f la t  p la te  or near 
the t i p  of a cylinder. This variation can be explained by noting t h a t  the 
grooves provide a channel f o r  removal or  bleedoff of a portion of the stagnation- 
region boundary layer  because of the large decrease i n  pressure from the stagna- 
t ion  region t o  the sides of the  f i n .  Thus, if each pm-x ‘?lee?s 9: z ;ortls-?_ 
af the leading-edge boundary layer, a new sublayer forms downstream of each 
groove. The subsequent growth of t h i s  sublayer would then resu l t  i n  a heating 
dis t r ibut ion analogous t o  tha t  near the sharp t i p  of a cyXEder. The general 
l eve l  of heating f o r  t h i s  value of i s  not very different  from tha t  pre- 
dicted by the  application of swept-cylinder theories ( r e f .  15) as indicated on 
the right-hand s ide of figure 8. 

i s  shown i n  figure 8. 

%, J D  
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The variations with %,D of the  maximum and m i n h m  values of NnU 
measured downstream of a typical groove a t  x/D = 12 
Also shown f o r  reference are the  predictions of the  theories of reference 15 
and leading-edge data obtained on the  same model without grooves. 
f o r  t he  f i n  with grooves i s  seen t o  be below o r  about the same as the data  f o r  
the smooth or  plain leading edge, depending on the  Reynolds number. The grad- 
ua l  increase with %,D of the grooved-fin data is  believed t o  be due t o  more 
of the  upstream boundary layer being bled off by the groove at  higher %,D 
values and the  consequent increase i n  external velocity f o r  the  sublayer down- 
stream of a given groove with increasing Reynolds number. 
mechanism i s  currently under fur ther  evaluation a t  Langley Research Center by 
the author. 

i s  shown i n  figure 9. 

The data 

This postulated 

The present results are f o r  a par t icular  groove s ize ,  leading-edge diam- 
eter, and Reynolds number range. On the basis  of the  postulated mechanism f o r  
the observed increases i n  heating with increasing Reynolds number (see f i g .  9) 
it can be expected tha t  a larger  groove would presumably cause more bleed 222,. 

t e s t s .  
hence, c g d d  czxse ';li-7heer %eating levels  l;han those neaa-;-..d :- .-&A -.-a > X I &  ----:-F- =- -4 ---.d =- 

Effect of End Contamination on Leading-Edge Heat Transfer 

The data fo r  the 760 swept f i n  with smooth leading edge shown i n  f igure 9 
indicate tha t  t rans i t ion  of the leading-edge boundary layer f o r  t h i s  conf igxa-  
t ion  occurred at a Reynolds number To 
compare t h i s  t rans i t ion  Reynolds number w i t h  results from other investigations 
a survey of t h e  available heat-transfer data f o r  swept leading edges w a s  made. 
A portion of the results of t h i s  survey are sunrmarized i n  f igure 10. For con- 
figurations having end p la tes  or adjoining surfaces ( tha t  is, configurations 
similar t o  the f in-ylate  combination of the present investigation),  the valce of 

( k , ~ )  t ransi t ion 
available data for A > 400 and 2.5 2 I& 5 8. This Mach number l imitat ion I s  
imposed because t rans i t iona l  or turbulent leading-edge data evidently have x x  
yet been obtained at  Mach numbers higher than 8. 

&,,D of from 1.5 X 105 t o  2 X 105. 

= 2 x lo5 adequately (within 30 percent) represe:lXs z k  

For the "delta wing" leading-edge models f o r  which possible end contamina- 
t ion  from an adjoining surface would not be present, most of the available data  
with the exception of two o r  three cases indicate tha t  for Reynolds nmbers 
up t o  8 x lo5 the leading-edge flow remains laminar. 
8 X 105 i s  evidently the  highest. Reynolds number for which leading-edge data 
on these configurations a re  currently available. 

A Reynolds nmber 3 

It can be concluded tha t  some type of end contamination of the leading-edge 
boundary layer, evidently emanating f m m  the  boundary layer of tne aaJoir,in;: 
surface, causes premature t rans i t ion  of the leading-edge boundary layer  a t  
K,D % 2 X 105 for A > 400. 



CONCWSIONS 

An investigation was conducted t o  determine the effect on leading-edge heat 

The tests w e r e  conducted 
transfer of' shock impingement, chordwise grooves, and end contamination of the 
leading-edge boundary layer  from an adjoining surface. 
a t  a Mach number of 8. The following can be concluded: 

1. The present r e su l t s  and comparisons with r e su l t s  of other investiga- 
t ions indicate tha t  the  magnitude of the increase i n  leading-edge heat t ransfer  
due t o  shock impingement f o r  small sweep angles i s  a function of the proximity 
of the shock impingement t o  the t i p  or  root region i n  which attached leading- 
edge flow begins. 
occur f a i r l y  far out on a leading edge and f o r  t h i s  case the  present results 
indicate tha t  only moderate increases i n  heating of the order of 50 percent over 
the l eve l  predicted by simple theory can be expected. 

In  the usual prac t ica l  s i tua t ion  impingement would generally 

2. A large number of small chordwise grooves i n  the leading edge of a 
76' swept f i n  resulted LE a heat-transfer dis t r ibut ion downstre= -I P - . C ~  g r  
tha t  w a s  similar t o  the type of dis t r ibut ion which occurs near the leading edge 
of a f l a t  p l a t e  o r  i n  a region of developing f l o w  near the t i p  of a swept 
cylinder. 
caused by removal or  bleedoff of a portion of the  stagnation-region boundary 
layer by the grooves. For the Reynolds number range and groove s ize  of the 
present tests, the general l eve l  of heating along the  leading edge with grooves 
w a s  similar t o  o r  below t h a t  obtained on the same configuration without the 
grooves. 

This dis t r ibut ion was repeated f o r  each groove and was probably 

3 .  The re su l t s  of the  present tests and a survey of the  available heat- 
t ransfer  data f o r  swept leading edges indicate tha t  f o r  leading edges having 
an adjoining surface such as an end plate,  t rans i t ion  of the leading-edge 
boundary layer  occurs at  a free-stream Reynolds number, based on leading-edge 
diameter, of approximately 2 X 103 for sweep angles greater than 400 and bkch 
numbers up t o  8. 
nation of the leading-edge flow associated w i t h  the  presence of the adjoining 
surface because leading-edge t rans i t ion  has not been generally observed up t o  
Reynolds numbers of 8 X 10'5 on "delta wing" configurations where t h i s  type of 
adjoining surface i s  absent. 

This premature t rans i t ion  i s  evidently caused by end contami- 
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19. INTRODUCTORY REHARKS ON PROPULSION 

By Edward W. Perkins 
Ames Research Center 

The NASA ef for t  i n  t he  hy-personic propulsion area has been rather  s m a l l  
f o r  the past  several  years. A s  a natural  consequence, the papers i n  t h i s  
session draw heavily on the  r e su l t s  of other investigators,  including those 
par t ic ipat ing i n  the  Air Force sponsored SCRAMJEZ technology development pro- 
gram. With the stimulus provided by the recent establishment of the NASA 
Hypersonic Research Engine Project,  both the in-house and NASA sponsored con- 
t r ac to r  a c t i v i t i e s  i n  the  area have increased. 

There i s  a substant ia l  background of component research i n  re la t ion  t o  
hy-personic airbreathing engines which indicates theoret ical ly  a t t r ac t ive  per- 
formance t o  Mach numbers near 6 with subsonic burning and t o  much higher speeds 
with supersonic burning systems. T5e research information developed during <he 
early phase of the liypersonic: 3eseerch %gim 'roject and under the A l r  FSXE 
technology program has done much t o  increase the  confidence i n  these perfor- 
mance estimates. 
opment of an ac tua l  engine t o  produce the desired performance and f l e x i b i l i t y  
of operation. The Hypersonic Research Ehgine Project provides a focal  point 
f o r  integration of much of these component research resu l t s .  
objectives of the project a r e  shown i n  figure 1. 

However, t h i s  work has not yet been crystal l ized i n  the  devel- 

The immediate 

Some enlargement on the  second objective may well be i n  order. We expect, 
under t h i s  project,  t o  develop re l iab le  numbers f o r  both the  component perfor- 
mance and the overal l  engine performance so as  t o  provide a basis  f o r  a rea l i s -  
t i c  assessment of the  poten t ia l  of t h i s  type of propulsion system. 
resu l t s  from t e s t s  conducted i n  ground based f a c i l i t i e s ,  where only l imited 
simulation of the f l i g h t  environment i s  possible, w i l l  be compared with f l i g h t  
t e s t  r e su l t s  t o  a i d  i n  the *valuation or' requirements f o r  future  ground and 
f l i gh t  research f a c i l i t i e s .  

Further, 

The project has been organized i n t o  three phases and as  a jo in t  e f fo r t  
between the  Langley, Ames, Lewis, and Flight Research Centers with Langley 
responsible f o r  overal l  project  management. Phase I, the  project def ini t ion 
phase, has been completed, and work on phase 11, t he  component development and 
engine test  phase, i s  being conducted by the AiResearch par t  of t he  Garrett 
Corporation, the  contractor selected following the  phase I competition. 

Figure 2 i s  a schematic drawing of the  engine under development. The 
engine i s  approximately 86 inches ih overall  length, has an i n l e t  capture diam- 
e t e r  of 18 inches, and an ex i t  diameter of about 26 inches. 
cmcept i n  f igure 3 shows the ?ngfne mounted on the stub ventral  f l n  of the 
X-15 airplane. 

The art ist 's  

Phase 111, which i s  the  f l i g h t  test  portion of the  program, i s  tentat ively 
scheduled t o  start i n  the  f a l l  of 1970. 



Much of the research which will be ascussed i n  this session bears on 
problems related t o  the engine being developed on the HRE project. 

2& 



HRE PROJECT OBJECTIVES 

I. Develop a hydrogen fueled research ramjet engine for 
operation between Mach 3 and 8 with subsonic and 
supersonic combustion capability 

2.Conduct ground based and flight research experiments 
to provide a basis for appraisal of analytic and 
experimental ramjet engine design techniques 

Figure 1 

SCHEMATIC OF HYPERSONIC RESEARCH ENGINE 

-I 

1 86 IN. 

Figure 2 
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ARTIST'S CONCEPT OF HYPERSONIC RESEARCH ENGINE 

Figure 3 
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20. A STUDY OF KYPERSONIC INLE2 TECHNOLOGY 

By Norman E. Sorensen, Shelby J. Morris, Jr., 
and Frank A. Pel 

Ames Research Center 

The present s t a t e  of hypersonic i n l e t  teohnology i s  summarized b r i e f l y  to 
indicate the need t o  use a computer program as a design tool.  
is described, evaluated, and extended t o  the design of an i n l e t  f o r  e f f i c i en t  
operation between Mach numbers 0 t o  5.2. The study shows tha t  the present 
s t a t e  of the a r t  does not provide adequate system performance f o r  propulsion 
systems designed f o r  Mach numbers greater than 3.0 t ha t  burn f u e l  i n  a su3- 
sonic sr,rc3am. r o r  gro?ulslan syist,ems %hat ’ourn fuel i_n_ a si-iperscniz s - k - c 3 ~ - .  
5‘;~d ;~.cgyess lias -3e-r- .-zdz -:- a;:,:& ’ 2s .2dst2;u.a-,e ;T ,L$~ -qe-r”c-r-q.- p _ -  __.& L--L_-. 7 = i ~ -- 
believed tha t  the performane? achieved f o r  most hypersonic i n l e t  systems ex- 
be improved by advanced computer programs. 

Program usage 

7 

- . -  - .  . . _ )  - 
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INTRODUCTION 

An important objective of hypersonic i n l e t  research has been to  under- 
stand and predict  hypersonic i n l e t  compression flow f i e l d  phenomena. 
able data suggest t ha t  accurate analyt ical  means are  required t o  predict  i n l e t  
performance. 
gram and shows the need fo r  accurately predicting the compression phenomena i n  
developing a feasible  i-nle+ fiesign. 

Avail- 

The present study uses a recently developed i n l e t  computer pro- 

The main ob.jectives of t h i s  paper are  shown i n  figure 1. The f i r s t  i s  to  
s m a r i z e  the present s t a t e  of the a r t  of  representatiTJe i n l e t  systems up t c  
a Mach number of 8.0 f o r  propulsion systems employing engines tha t  burn f u e l  
i n  a subsonic stream. A summary i s  also presented f o r  i n l e t s  from Mach num- 
bers of about 4.0 t o  15.5 f o r  propulsion systems employing engines tha t  burn 
f u e l  i n  a supersonic stream. The i n l e t s  f o r  the former propulsion systems 
will be termed subsonic burning i n l e t  systems, and the l a t t e r ,  supersonic 
burni,rq i n l e t  systems. Because the s t a t e  o f  the a r t  does not, -T)roTTide adequate 
system performance, a better approach t o  the prediction of i n l e t  flow f i e l d s  
i s  required. The second objective, therefore, is  to  describe ,ad evaluate a 
recently developed computer program f o r  viscous i n l e t  flow. Finally, the need 
f o r  accurately predicting the i n l e t  flow f i e l d  i s  demonstrated by using the 
3rogrmL ;G j .n-v-esz~gz~.~ .>ral;TticaliT a 3hoi-c ~ & z y n m e ~ y : :  ::~Lz; S;-S;~~:.!  :L2s:gA:z~ 
?or high performance f o r  Mach numbers from 0 t o  5.2. 

. . -  . .  



r a t i o  of free-stream tube area t o  capture  area 

add i t ive  drag c o e f f i c i e n t  

capture diameter 

r a t i o  of l o c a l  t o  t o t a l  t h r o a t  he ight  

free-stream Mach number 

boundary-layer-edge Mach number 

r a t i o  o f  do-r.snsSrezm ’;c q s s r a a m  static Dressure 

Prand t l  number 

t o t a l  temperature 

wall s t a t i c  temperature 

r a t i o  of l o c a l  t o  t h r o a t  cen te r - l i ne  ve loc i ty  

boundary-layer thickness 

boundary-layer displacement th ickness  

k i n e t i c  energy e f f i c i e n c y  

. .. . .. 

STATE OF THl3 ART 

A number of d i f f e r e n t  types  of i n l e t  systems have been proposed f o r  
hypersonic vehic les ,  and wind-tunnel t e s t i n g  of some of these  systems has been 
x q l e t e d .  T5e %ree rnain t-fles for subsonic burning 5ngFnes g.Lgns r r l f 5  $32 
advantages and disadvantages of each are shown i n  figure 2. 

The longes t  i n l e t ,  and consequently the  heavies t  and t h e  one r aqu i r ing  
t h e  most cooling, i s  t h e  i n t e r n a l  compression ty-pe. It i s  the most d i f f i c u l z  
CG starzc. I n  aud’-’ l v i ~ n ,  i?; r q i i r e s  very high ’uleea LO dt:L,: r k  ;::;LI d r  -TG ;<.:- 
t i a l  i n t e r n a l  performance t h e o r e t i c a l l y  poss ib le  a t  i t s  design Mach number ~ 

It does, however, have some advantages as l i s t e d  i n  t h e  f igu re ,  b u t  o v e r a l l  
cons idera t ions  would. not make i t  as a t t r a c t i v e  as che tvo inie-cs below. 



"----- 

The external compression i n l e t  has several  serious f au l t s .  Four d i s t inc t  
disadvantages a re  l i s t e d  i n  the f igure which may eliminate t h i s  type of i n l e t  
from consideration f o r  a hypersonic transport. 
the shortest  of a l l  i n l e t s  and has no s t a r t i ng  requirements; that is, no geom- 
e t ry  change i s  required t o  start the i n l e t  because the terminal shock wave i s  
external t o  the cowl l i p .  Inadequate off-design mass flow, however, creates 
the need f o r  a contracting centerbody a8 indicated by the dashed l ines .  

On the  posit ive side, it i s  

The mixed compression i n l e t  has high poten t ia l  in te rna l  performance but 
the all potent ia l  of t h i s  type of i n l e t  apparently has not yet been achieved. 
For a wraparound turboramjet engine the  off-design mass flow required can be 
achieved with t h i s  type of i n l e t  through a contracting centerbody system, but 
t ranslat ion of the centerbody provides only a marginal o r  unacceptable raass 
flow. A s  can be seen by comparison with the external  compression i n l e t  above, 
the mixed compression i n l e t  is  somewhat longer, therefore heavier, and 
requires more cooling a t  hypersonic speeds. Accurate analyt ical  tools  should 
allow design of a minimum length mixed compression system which - , r i l l  ha-r? 
adequate performance. 

m e r i n e n t a l  performance or' zhe three systems is indicazed i n  figure 3 .  
Zngine-face pressure recovery i s  plotted as a function of i n l e t  Mach nux:Der. 
The dashed l ine  shows for comparison a reasonable goal for the pressure 
recovery and was derived from recent hypersonic transport  studies (ref. 1). 
Up to  M = 4.0 adequate performance appears t o  be possible. Beyond M = 4.0 
( re f .  2) the performance i s  marginal when compared t o  the transport  goal. 
Recent work with axisymtnetric i n l e t  systems is  shown by the l igh t  l ine  up zo 
M = 3.0 (ref. 3) 
indicates what might be at ta ined with more research. 
system ( re f .  5 ) ,  indicated by the heavy l ine ,  appears competitive i n  the 
higher Mach number range. 
t rac t ion  i n l e t  system (ref. 6) indicates high recovery, but  at the expense of 
about 19-percent boundary-layer bleed. It should be emphasized tha t  the ?e-- 
formaqce data shovn are composites of only the best  perr'ormance aztdiiled I'sz 
each of the i n l e t  types, and no single i n l e t  has achieved the hypersonic 
transport goal over the complete Mach number range. From the foregoing dis- 
cussion it appears that  for subsonic burning most of the advantages i i e  with 
the mixed compression i n l e t  i f  the potent ia l  performance can be achieved 
experimentally over the complete Mach number range. 

Extrapolation of t h i s  work t o  higher Mach numbers ( r e f .  4) 
The external  corrpression 

The single point shown f o r  the a l l  in te rna l  con- 

For supersonic burning i n l e t  systems there appears t o  be more freedom i n  
design. 
The f i r s t  i n l e t  i s  one currently being readied for the NASA Hypersonic 
Research Engine f o r  Mach numbers up to  8.0. 
designed so tha t  forward t ranslat ion of the centerbody w i l l  close off the 
i n l e t  flow to  reduce the cooling load during nonoperating conditions on the 
X-15. The second l n l e t  i s  sn sxlsymmetric fiesign currently b e h q  Ccc?s+b+' -:--e L3 
h = 10.0 and i s  being cotsidered f o r  use i n  a self-accelerating vehicle. 
three remaining designs appear l e s s  conventional having fixed geometry with 
self-s tar t ing capabi l i t i es  down t o  lower Mach numbers. 
lyzing the flow f i e l d s  is  considerably greater than f o r  the axisymmetric 
in le t s .  The th i rd  i n l e t  i s  derived from an axisymmetric nozzle design. 

Figure 4 shows several i n l e t s  t ha t  have been or are  being tested.  

It i s  an axisymmetric i n l e t  

'?he 

The d i f f i cu l ty  of ana- 
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Conventional means can be used to  analyze t h i s  i n l e t  although they do not 
predict  the exact flow f i e ld .  
applications. 
dimensional f l o w  f i e l d s  requiring analyt ical  means which are riot f u l l y  devel- 
oped as  yet. 
i n i t i a t e d  i n  the throat  causing thermal compression of the flow. This allows 
se l f - s ta r t ing  t o  lower Mach numbers than the t h i r d  or fourth i n l e t s  and it may 
be shorter entai l ing savings i n  weight and cooling requirements. 

The i n l e t  i s  current ly  considered f o r  missile 
The fourth and f i f t h  i n l e t s  have more complicated three- 

The f i f t h  i n l e t  d i f f e r s  from the others i n  tha t  conibustion is  

I n l e t s  f o r  supersonic burning must be compared on a different  basis  from 
tha t  f o r  subsonic burning. 
mance are usually made i n  the throat  region of the i n l e t ,  and the k ine t ic  
energy efficiency i s  generally used t o  describe the performance. 
shows a band of experimental performance (refs. 7-16) fo r  i n l e t s  such as jus t  
described. Pressure recovery a t  the throat i s  plot ted as a function of Mach 
number. The dashed l i nes  are  for constant k ine t ic  energy eff ic iencies  of 98 
and 96 percent. Performance f a l l i n g  above or between these l ines  i s  consid- 
ered adequate. It i s  evident t ha t  good progress has been made in  z;-kaici;:g 
adel,vca%e L-erf.:rc:ancz. T‘k broader pc5lem l i - 3 ~  2- xzki::ii:z 7 : ~  I:-?-: -:=::- 
combustors and exit nozzles so as TO achieTre adeGuate sjrs~ern per?:r!nai;ze ~-.-e: 
the f l i g h t  prof i le .  

For supersonic burning, measurements of perfor - 
Figure 5 

. . -  . -  

COMPUTER PROGRAMS 

Turning now t o  the second objective, sophisticated tools  i n  the form of 
computer programs will be described and evaluated. Two computer programs have 
been used i n  the present study which employ the method of character is t ics .  
One program computes only the inviscid portion of the flow and will be termed 
the inviscid program ( re f .  17). 
of computer t i m e  on an IBM 7094. 
In’ti-scid r e a l  gas solution v i t h  a boundary-layer solut icn and :n-- L’D -xrz?,-! 
the viscous program. The program.requires one-half to  one hour per solution; 
hence, much computer t i m e  i s  saved when the inviscid program is used fcr ?re- 
liminary designs. The Viscous program was developed under PASA confr%c; :.nx 
Lockheed-California Company and i s  described and evaluated i n  reference 16. 
The capabili ty of the viscous computer program is as follows (see f i g .  6) : 
From a known blunt-body solution a t  the nose, the program w i l l  compute the 
boundary layer under the blunt nose shock layer  followed by computation of 
the r e a l  gas inviscid flow f i e l d  s imltaneously with the boundary layer.  
w i l l  calculate a blunt cowl l i p  soiution using the h e a l  upscream C G i i d L t ; G i T S ,  

The program then calculates the  in te rna l  flow f i e l d  including shock-wave- 
boundary-layer interactions.  If the bow shock wave f a l l s  inside the cowl l i p  
as shown i n  f igure 6, the program calculates the crossed shock $raves and the 
associated vortex sheets. The theoret ical  approaches used in the pro,cram ar~3 
belicved LO be valid,  but f’urther work, which w i l l  be descrYGed Ln “,he sue- 
ceeding papers, may yield improved theories f o r  flow de ta i l s  such as boimdary- 
layer-shock-wave interactions.  Such improvements are expected to  be 
incorporated i n  the viscous program eventually. 

T h i s  program requires only about 2 minutes 
The other program couples simultaneousbj the 

- 7 7  . 

. .  

It 
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The usefulness of the viscous program has been established by comparison 
Figure 7 is  a comparison of c with wind-tunnel resu l t s .  

mental velocity prof i les  across the throats  of two d i f f e  inlets. The Mach - 
number 4.0 and 3.0 mixed compression designs shown have noses and l ips .  
Since the experimental p rof i les  f o r  both of the measured while 
some of the boundary layer was removed, one m i  erimental pro - 
f i l e  with a thinner boundary layer than tha t  predicted. However, a thicker 
boundary layer was observed on the centerbody f o r  both in l e t s .  Even though 
the comparisons may not agree well, the theories used are believed to  be as 
good as is  currently available. Better agreement should be achieved i n  the 
future with the development of more accurate theories.  

ed and experi- 

PROGRAM USAGE 

Proceeding to  the f i n a l  objective, the program usage w i l l  be extended t o  
the design of an i n l e t .  In  the lypersonic Mach number range from 5.0 t o  8 .C:  

systems with subsonic as ;Sei; as supersonic diffusion. Figure 8 shows such 5 

system designed f o r  Mach number 5.2 mated t o  a wraparound turbofan-ramjet. 
The axisymmetric i n l e t  system has a mixed compression supersonic diffuser  and 
a ra ther  short subsonic diffuser.  The propulsion system i s  about 3.0 capture 
diameters long from the cowl l i p  to  the nozzle ex i t .  The i n l e t  system i s  1.25 
capture diameters from the cowl l i p  t o  the engine face. The dashed l ines  
represent sect ional  views of two off-design modes of varying the geometry. 
The upper sect ional  view shows the centerbody t ranslated to  the Mach number 
1.0 posit ion while the lower v i e w  shows the centerbody i n  a contracted posi- 
t ion  f o r  Mach number 1.0. 
area mass flow f o r  the t ranslat ing centerbody version, but i s  50 percent f o r  
the contracting centerbody. Since f o r  best  performance candidate wraparound 
turbofan or turboramjet engines require on the order of  50 percent 03 more 
capkure m s s  f l o ~  zt 26 = T.G, %e cc-tracsing center3067 i s  ax a%:raczi-,-e 
mode of off-design operation for a mixed compression axisymmetric i n l e t  system. 

. -  
: v ~ ~ ~ ~ ~ n ~ - ~ j  -e.usv <~-&of"..n '1" ;~rjc:-sm.:e? i . f i  ---a ~ : n e ~  sp-pesr ~ ~ ~ ~ ~ c ~ ~ ~ i ~  and. ~3 ?:-::-e ::A+ 1 

The mass flow i s  only 20 percent of the capture 

A t  M = 5.2 the subsonic diffuser can be rather  short, mainly because t k  
* supersonic diffuser  contraction r a t io  is  high. That is, because the Mach 

nuniber i n  the throat  region a f t e r  the terminal shock-wave system is about 
0.5 to  0.7 and the throat height i s  small, the area r a t io  to  diffuse the flow 
to M = 0.2 or less can be achieved i n  a relatively short axial distance with 
low diffusion efficiency losses. Beyond t h i s  point the sudden expansion 
losses a re  quite small since the Mach number i s  low.  Turning the flow into 
the wraparound ramjet should also cause only small flow diffusion losses since 
the Mach nuniber i s  only about 0.15 into the ramjet. The shapes of the sub- 
sonic diffusers f o r  both the t ranslat ing and contracting centerbody versions 
-zt Mach nurnber 1.0 do not sF?ear to  of fe r  a d l f f imion  loss nroblem si_r_ce t e s t s  
of similar shapes have indicated tha t  the losses are small. 

Figure 9 shows the de ta i l s  of  the internal  supersonic flow f i e l d  of one 
proposed design as predicted by the computer programs. Only the contours i n  
the region of the cowl l i p  and throat are shown f o r  c l a r i t y .  The in te rna l  
shock-wave system predicted by the viscous program is shown by the wavy l ines .  

-rcom-=*. 287 



For comparison, the system predicted by the inviscid program i s  shown by the 
sol id  l ines .  It i s  evident t ha t  the inviscid program predicted a shock-wave 
system which extended over a greater length than that predicted with the v i s -  
cous program. This i s  mainly because bound -layer displacement thickness - 
shown by the dashed l ines  was  not taken i n t  
across each impingement predicted with the inviscid and viscous programs are  
indicated i n  the table  a t  the bottom of  the figure.  
sure r a t io s  predicted with the inviscid program are  considerably lower than 
those predicted with the viscous program again mainly because boundary-layer 
displacement thickness was not taken into account. The accuracy or' the values 
shown f o r  the viscous program depends t o  a considerable extent on the accuracy 
of the boundary-layer and boundary-layer-shock-wave interaction theories used 
i n  the program. These problem areas are  discussed i n  t h i s  conference by 
M r .  Gnos and by M r .  Watson. 

count. The pres 

It i s  evident that pres- 

It i s  believed tha t  separation of the boundary layer must be avoided both 
for  on and off design i f  high performance i s  t o  be achieved. The hypersonic 
program has predicted the approachkg boundarj-layer thickness and ReTynolds 
m&er fcr each skr_cck-va-re i?-TFn%:ern?nC, slncvn i r r  f i g w e  9. K m v i i g  t h c e  
quantit ies the inc ip imt  gressure r L a e  3 7  se2arizlcn :m be ts?132:;3d. X g -  
ure 10 is  a plot  o f  pressure r a t io  as a function of Local boundary-layer edge 
Mach number ahead of the impingements. The dark band i s  an envelope or' exper- 
imental data for incipient Separation of a turbulent boundary layer caused by 
a shock wave impinging on a f l a t  plate  ( re f .  19) corresponding t o  the range of 
Reynolds numbers based on the boundary-layer heights ahead of each impingement 
Computed pressure r a t io s  tha t  f a l l  above the band should separate; those tha t  
f a l l  below should not separate. The in l e t ,  however, has curved surfaces with 
high local  pressure gradients i n  the region of the impingements. What par t  
t h i s  may play i n  the accuracy of predicting separation i s  not known. The 
pressure ra t ios  l i s t e d  in  the table  of f igure 9 are  plotted i n  t h i s  f igure.  
Those r a t io s  predicted by the inviscid program shown by the f i l l e d  symbols do 
not indicate separation, but these values, as previously indicated, are  overly 
optimistic,  It apFears that  %ore refinement i n  tke deslgn of $he i i l e t  322- 
tours i s  required since the pressure r i s e  predicted with the viscous program 
for the second impingement f a l l s  i n  the region of separation. 

The e f fec t  of cooling the boundary layer can also be predicted by the 
viscous program. Figure 11 shows the e f fec t  o f  varying the wall temperature 
ra t io .  The r a t i o  of  boundary-layer displacement thickness to  the thickness 
a t  the near average adiabatic temperature of  904' R i s  plotted as a function 
of the r a t i o  of wall temperature t o  9 0 4 O  R f o r  each impingement a t  M = 5.2. 
A s  expected, the boundary layer becomes thinner x i t h  increased cooling. In 
addition, cooling has more e f fec t  on thinning the boundary layer i n  the throat 
than forward on the  centerbody as evidenced by comparison of the curves for 
the f i r s t  and th i rd  impingements. The calculations shown here are f o r  a 
sui table  wind-tunnel t o t a l  temperature of 1200° R .  Actual f l i g h t  conditions 
w i l l  demand that the walls be cooled t o  about 0.4 or' the near adL3bazi.c x a i i  
temperature ra t io .  
case reduces the boundary-layer displacement thickness ahead of the f i r s t  
impingement about 20 percent while the thickness is reduced about 30 percent 
on the succeeding impingements. 

Reducing the wall temperature r a t io  to  0.4 fo r  the 1200° R 

Cooling i s  expected t o  be favorable t o  the 



performance by increasing the  inc ip ien t  pressure rise f o r  separation and 
increasing the relative area of inv isc id  core f l o w  i n  t h e  throa t .  T h i s  
assumes, however, t h a t  the heat removed by cooling i s  accomplished with the  
f'uel and can be recovered i n  the 2ropulsion system when the f u e l  i s  in jec ted  
i n  the combustor. 

CONCUTDING EESIARKS 

The foregoing study of hypersonic i n l e t  technology has shown t h a t  the 
present s t a t e  of the ar t  does not provide what i s  considered adequate system 
performance over the complete Mach number range f o r  subsonic burning i n l e t  
systems. 
the  ex terna l  or i n t e r n a l  compression types f o r  self -accelerating vehicles such 
as the hypersonic t ransport .  For supersonic burning systems good progress has 
been made i n  a t t a in ing  adequate i n l e t  performance. The broader problem l ies  
with a t t a in ing  adequate performance over the f l i g h t  F ro f i l e  -,&.en ai  :ne;, I, 

Zcrxance can 3s achieved for mosr; h3iersonlc i n l e t  sj.s;erns fmzugh xse  cl' 
adwnced comruter progrms which can accurately pred ic t  hypersocic i z k t  r " k - , i  
f i e l d s  . 

Mixed compression i n l e t  systems appear more promising than e i t h e r  

. -  
- .  
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ADVANTAGES 

STUDY O f  HYPERSONIC INLET TECHNOLOGY 
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21. TWO-DIMENSIOBAL BOUNDAHY LAYERS AND FLOW FIELDS OF 

KYI)ERSONIC INLETS 

By A. Vernon Gnos, W i l l i a m  F. Gallo, 
and Eldon A. Latham 
Ames Research Center 

SUMMARY . .. . . -  

An assessment i s  made of the adequacy of several  available theore t ica l  
methods t o  predict  t yp ica l  two -dimensional i n l e t  flow f i e l d s  including the 
boundary layers up t o  but  not including shock in te rac t ion  regions. Results 
a re  presented of experimental and ana ly t ica l  investigations a t  Mach number 
10.5 for a two-dimensional compression surface with sharp and blunt leadi-2 
edges. Comparisc;ns ~f Lfizta 2nd theoy are  shown f o r  (1) the boV-shOCk--ia-.TZ 
? ?pr---. -._ ;? 

along the compression surl'ace, ana ( 4 )  the flow-f i e ld  and boundary-layer 3ro  - 
f i l e s  normal t o  the suri'ace. Bow-shock-wave shape and surface-pressure d i s  - 
t r ibu t ions  a re  well  predicted by ex is t ing  theo re t i ca l  methods. 
boundary-layer growth i s  shown to be adequately described by theory; howeTer, 
theory underestimates turbulent boundary-layer growth. An excellent theoret-  
i c a l  representation of velocity prof i les  i n  the inviscid flow f i e l d  and 
laminar boundary layer f a r  downstream of a blunt leading edge i s  indicated. 

- d - c 4 - - - A ,  ,c! ;!?e .y:Lyf15?-o:" ;re : .<s:y<>vL~ic~, .(  3 )  The lacu-idzq.--~a;-:: ;:':-,::- 

Laminar 

INTRODUCTION 

For the design of an e f f i c i e n t  hypersonic i n l e t  it i s  e s s e n t i s l  to have 
ana ly t ica l  metnods %*hick are capable 02 prediczing the many compiicatea r 'b: t i  
phenomena involved. A t yp ica l  hypersonic two -dimensional i n l e t  shown i n  f i g -  
ure 1 indicates the  follo:.iing areas where representations must be accurate: 
(1) the blunt-body region including the bow shock, the subsonic flow f i e l d ,  
and the stagnation region boundary layer;  (2) the boundary-layer growth i n  an 
adverse pressure gradient including the laminar, turbulent,  and t r ans i t i on  
regions; ( 3 )  the hypersonic inviscid flow f i e l d  and shock-wave location; (4) 
the many shock intersect ions and shock-wave boundary-layer interact ions.  
These individual phenomena must then be correct ly  predicted so tha t  an i n l e t  
can be designed t o  give the desired performance. 

The purpose of t h i s  paper i s  t o  assess the adequacy of several  available 
theore t ica l  methods for predicting the inviscid flow f i e l d  and boundary layer 
fr,r 5---przo~?c 3 1 ~ 5  r,;.s%ms. The ~ E S ? Q ~  ?zper v52-T ';e :c.nc?r~lel?. -,-5t;: ':k 
flow regioL,, up t o  but not including the shock interact ions.  Interact ions of 
the cowl shock wave with a two-dimensional ramp boundary layer are  discussed 
i n  reference 1. Comparisons Setween t m  -dimensional e.xperiaental data and 
theory w i l l  be shown f o r  (1) the bow-shock-wave shape and location, 



(2) surface-pressure dis t r ibut ion along the compression surface, (3) boundary- 
layer growth along the compression surface, and (4) inviscid flow-field and 
boundary-layer prof i les  normal t o  the surface. These comparisons t e s t  the 
adequacy of theories which may be used for i n l e t  design. 
of the several  phenomena compared a re  important f o r  the following reasons. 
The shock-wave location must be accurate so tha t  a cowl l i p  may be located f o r  
a design condition. Pressure distributions,  i n  addition t o  providing edge 
conditions f o r  theore t ica l  boundary-layer calculations, indicate whether the 
desired isentropic compression has been achieved. 
of boundary-layer thickness- is  uniquely important i n  hy-personjc inLetq. since a 
large percentage of the e x i t  flow may consist  of boundary layer. A large part 
of the performance w i l l ,  therefore, be determined by boundary layer a t  the 
ex i t .  Therefore, i n  order t o  predict  actual  i n l e t  performance, both the 
viscid and inviscid flow phenomena must be accurately determined. 

Correct predictions 

A prediction of the growth 

model length i n  f ree  -stream direction 

Mach number ( f ree  stream) 
loca l  s t a t i c  pressure 

' free-stream s t a t i c  pressure s t a t i c  pressure r a t i o  

loca l  p i t o t  pressure 
free-stream t o t a l  pressure p i t o t  pressure ra t io ,  

Reynolds number per foot  ( f ree  stream) 

locsl velocity 
free-stream velocity veLocity rziti3, 

l o c s l  velocity 
velocity a t  boundary-layer edge velocity r a t i o ,  

length from leading edge i n  stream direction 

distance normal to  model surface 

ordinate of compression surface 

boundary-layer thickness 

' - _  
boundary-layer displacement thickness 6d-p --) d $ 

,-. 7 

%Us 



boundary-layer momentum thickness pu 

l oca l  density 
density a t  boundary-layer edge density ra t io ,  

TEST FACILITY AND MODELS 

,.n experimental investigation ( r e f .  2) was conducted i n  the -,nes 3.5-foo~ 
hypersonic wind tunnel ( r e f .  3) t o  obtain boundary-layer, f l o w - f  ield,  and 
shock-wave data f o r  comparison with r e su l t s  of ana ly t ica l  studies. Figure 2 
is  a sketch of the two-dimensional wind-tunnel model employed i n  the t e s t s .  
The model was tes ted with a sharp leading edge and with two different  blunt 
leading edges, The 0.062- and 0.188-inch r a d i i  of the blunt leading 2.7gis . -  ;,~carp ccnsA5eye1 i;o b e  yeprssegtzti-je cf tbzae ~ a n - r ~ * , - a i i  ' n 7 -  bu. -oomera-,-~----s -us. .,--.._ - I - .  _-  --  d : ---. -: - 
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- -- radLai ,,vel;; i -- coolsd  sixuctures. Surr'ace coordizates of  :?e ;esz ::lace-, 

had an isentroFic compression surface, are given i n  table  I. The flas c u ~ r ' ~ c s  
of the model was i n i t i a l l y  alined a t  a 3 O  angle to  the f ree  stream to  prevent 
flow separation and to  simulate an i n l e t  ramp. Small probes vere used. t o  ne%- 
sure temperature, p i t o t  pressure, and s t a t i c  pressure i n  the boundary layer 
and flow f i e ld .  Boundary-layer t rans i t ion  was induced with various t r i p  con- 
figurations.  Nominal test  Mach numbers were 7.3 and 10.5; free-stream t o t a l  
temperature varied from 1500 t o  2000O R; and free-stream Reynolds number per 
foot varied from 0.25 t o  2.0 million. The r a t i o  of wall temperature to  f ree-  
stream t o t a l  temperature was about 0.3, which i s  representative of a highly 
cooled surface condition. Mach number 10.5 data w i l l  be presented i n  this  
paper. 

RESULTS AND DISCUSSION 

Bow-shock-wave location and surface -pressure dis t r ibut ion are considered 

The 
f i r s t .  Theoretical and measured bow-shock-wave shape and surface-pressure 
dis t r ibut ions a re  compared in  figure 3 fo r  the sharp leading-edge model. 
curves which represent r e su l t s  of viscous theory were obtained with the pro- 
gram described i n  references 4, 5, and 6. 

The program u t i l i zed  a semiempirical technique to  determine shock shape 
f o r  the sharp leading-edge case which required pr ior  knowledge of the i n i t i a l  
shock location. Such techniques are  necessary since there i s  no exis t ing 
sxact theore t ica l  treatment of the viscous interact ion phenomenon near the 
leading edge. The Technique uses an effectiTze body 50 dezermir,e a starzing 
l ine  f o r  the method of  character is t ics .  This effect ive body i s  a combination 
of a wedge, t o  simulate the leading edge viscous effects ,  and the computed 
boundary-layer displacement thickness. The two are  joined a t  a point along 
the body, by i te ra t ion ,  t o  provide agreement with the calculated and measured 
shock shape. T h i s  method predicts a surface -pressure dis t r ibut ion near the 
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leading edge tha t  agrees with the method of reference 7. 
with the experimental surface-pressure dis t r ibut ion is  obtained over the 
en t i r e  model ( f ig .  3) .  
reference 8, f o r  pressure dis t r ibut ions and shock shape i s  also shown i n  f i g -  
ure 3. It i s  seen tha t  surface pressures are well represented over the down- 
stream half of the model by the method of character is t ics  solution even 
without a correction f o r  boundary-layer displacement thickness. 

Also, good agreement 

The inviscid theory, calculated from the method of 

The bow-shock-wave shape and surface-pressure dis t r ibut ions f o r  blunt 
leading edges are considered next. 
radius leading edge are shown i n  figure 4, and those f o r  the 0.188-inch-radius 
leading edge i n  f igure 5. The theore t ica l  method used ( r e f .  5) consists of a 
blunt-body solution (ref. 9 ) ,  and a method of character is t ics  combined with a 
boundary-layer solution. The inviscid theoret ical  method employs the same 
blunt-body solution and the method o f  character is t ics  of reference 10, but 
without boundary-layer displacement effects .  Generally, e i the r  theory gives 
a reasonably good prediction of surface pressures. Further, it i s  observed 
tha t  the theory u t i l i z ing  boundary-layer displacement e f fec ts  more accurazely 

noted tha t  i n  The downszream region where zn iniez  cowl may be piaced ;he 
theoret ical  resu l t s  diverge and the inviscid theory i s  not sufffcient ly  2ccu- 
ra te  f o r  locating a cowl l i p .  For example, a t  X = 48 inches with the 
0.188-inch-radius leading-edge model and the t e s t  conditions of  f igure 5, v i s -  
cous theory predicts a shock posit ion 11.4 inches above the reference axis as 
compared t o  11.0 inches indicated by inviscid theory. This would resu l t  i n  a 
difference of about 4 percent i n  i n l e t  capture mass flow. 

Data f o r  the model with the 0.062-inch- 

- -  - Tred?CTS 7k.e S h G C k - - E i - Z  k C 3 t z O n  %ha2 does +hE! iE-dSC!.Z ,!12G23:Y. I; , _  

A comparison of experimental and theoret ical  laminar boundary-layer 
growth 6, and in tegra l  properties 8* and 6 ,  f o r  the sharp leading-edge model 
is presented i n  figure 6. The experimental data w e r e  derived from boundary- 
layer velocity prof i le  measurements a t  the several survey s ta t ions indicated 
i n  f igure 2. Boundary-layer thicknesses a t  intermediate s ta t ions were 
obtained from schlieren photographs. Theoretical resu l t s  iier? ca~cl:,-~;e4 -.i<:-.: 

the laminar theory of reference 11. Good agreement i s  shown. The adverse 
pressure gradient i s  seen to  thin the boundary layer over the downstrean h l f  
of the model, as predicted by theory. 

-~ 

Figure 7 compares theoret ical  and experimental laminar boundary-layer 
growth and in tegra l  properties fo r  the model with a 0.188-inch leading-edge 
radius. 
f i l e s .  Only data derived from the velocity prof i les  are shown because the 

detected i n  schlieren photographs. The data generally agree with both the 
laminar boundary-layer solutions' of Cohen ( r e f .  12), and of Kemp, Rose, and 
Detra ( re f .  1 3 ) -  Again the thinning ef fec t  of the compression surface upon 
%he 3oundary lzyer i s  FLlrrstrzted. 

The experimental data were derived from boundary-layer velocity pro - 
. density gradients were so small that  the boundary-layer eage could mt 5~ 

Data f o r  the model with the 0.062-inch leading-edge radius are not 
presented since analysis of the data has not yet been completed. 
dimensional compression surface of t h i s  investigation, it appears t ha t  avai l -  
able theoret ical  methods a re  adequate f o r  predicting the laminar boundary 
growth f o r  both sharp and blunt leading edges. 

F G r  the t:.ro- 

3c2 -m--= 



c- c o r 4 F m m  
Boundary-layer growth and in tegra l  properties of turbulent boundary 

layers were obtained with t r i p s  f o r  the sharp leading-edged model ( f ig .  8). 
Experimental data and theore t ica l  r e su l t s  are compared. Experimental data 
were derived from boundary-layer velocity prof i les  a t  the probe locations. 
other s ta t ions boundary-layer thickness was  obtained from schlieren photo - 
graphs. 
oped f o r  the program of reference 5 .  The laminar boundary-layer growth was 
calculated t o  s t a t ion  X/L = 0.22, where schlieren data indicate the beginning 
of t rans i t ion .  The calculation of the turbulent boundary layer w a s  begin a t  
that s ta t ion.  The in tegra l  method describes the boundary layer i n  terms of a 
power-law velocity prof i le .  
from t h i s  theory, a correct boundary-layer thickness and power prof i le  are  
necessary. Both the ra te  of growth and the absolute thickness of the boundary 
layer shown i n  f igure 8 are  underestimated by the theory i n  the region of the 
adverse pressure gradient. Although the in tegra l  properties appear t o  be 
f a i r l y  w e l l  predicted by theory, t h i s  agreement i s  for tui tous i n  view of the 
lack of agreement of boundary-layer thickness. 
laminar boundary-layer theory used in  t h i s  program ( re f .  12) i s  not the sane 
as :hat used fa r  ~ n e  isT%ier 2 e p ~ i d s  xmice r  case >,resent& l _ r  :?@re. 6, -, _ -  
evident t na t  the theory 02 reference I 2  does not predict  the growth i n  the 
high Reynolds number case. It is believed tha t  the difference may be due T;D 
the e f fec t  of the boundary-layer t r i p s .  

A t  

The theore t ica l  resu l t s  w e r e  obtained from an in tegra l  method devel- 

I n  order t o  obtain correct in tegra l  properties 

It should be noted tha t  the 

- .  
% -  - -  . -  

For the blunt leading edge (0.188-inch radius),  the data of figure 9 show 
a similar lack of agreement between experimental r e su l t s  and the integral-  
method theory, The experimental boundary-layer thicknesses were derived from 
boundary-layer velocity prof i les  since schlieren photographs did not reveal 
the boundary-layer edge with suff ic ient  c l a r i t y .  A calculation of turbulent 
boundary layer was s ta r ted  a t  the f i r s t  probe s t a t ion  as indicated on the 
figure.  The theory severely underestimates boundary-layer thickness. Thus, 
as i n  the case with the sharp leading edge, any agreement between data and 
theory f o r  8* and e i s  for tui tous.  

The turbulent boundary-layer model considered i n  t h i s  comparison with 
data a t  M = 10.5 does not appear t o  be adequate f o r  predicting boundary-layer 
growth and in tegra l  properties f o r  the sharp and blunt leading-edge surfaces 
with a mild adverse pressure gradient. 

Figure 10 presents prof i les  of the inviscid flow f i e l d  normal to  the body 
from body to  shock, a t  the  f a r  downstream location (X/L = 0.81) f o r  the 
0.188-inch-radius compression surface. 
and pitot-pressure ( r igh t  f igure)  prof i les  a re  made between data and the 
method of character is t ics  (ref. 10) using a blunt-body solution ( re f .  9) f o r  
s t a r t i ng  condition. The agreement is  excellent even though'the comparison i s  
made a t  a location approximately 200 r ad i i  downstream of the blunt nose, where 
~ u z n ~ r 5 ~ Q  errors  might 5e expected to Secome signif icant .  The edge of  5% 
boundary layer is  indicated by departure of  the p i t o t  pressure an& re loci ty  
prof i le  data from inviscid theory. The departure, although f a i r l y  evident i n  
the left-hand figure,  i s  not a h a y s  so clear.  When the im-iscicl znc! the 
boundary-layer velocity prof i les  do not diverge sharply, additional indica- 
t ions of edge conditions are  inferred from the temperature and Mach number 

Comparisons of veloci ty  ( l e f t  f igure)  



profiles.  This d i f f i cu l ty  does not occur, of course, when there i s  no 
velocity gradient, f o r  example, f o r  a sharp leading-edged f l a t  plate.  

Figure U p o r t r a y s  the laminar boundary-layer velocity prof i les  for the  
sharp leading-edge surface. 
shows tha t  a t  the longitudinal s ta t ion  of 
indicate essent ia l ly  a f la t -p la te  velocity prof i le  tha t  agrees with theory. 
Further downstream (X/L = 0.73) 
distorted by the additional compression, and agreement with theory is poor. 
A reason fo r  t h i s  lack of agreement may be the f a i lu re  of the theory to  
account f o r  e f fec ts  of mild adverse pressure gradients. 
t h i s  s ta t ion  may account fo r  some of the disparity.  Other data from t h i s  
model a t  Mach 7.3 indicate a l e s s  distorted prof i le  a t  t h i s  station. 

Comparing the laminar theory (ref. 11) with data 
X/L = 0.54, the boundary-layer data 

however, the boundary-layer prof i le  becomes 

A l s o ,  t rans i t ion  near 

A comparison between data and laminar theory of reference 13 fo r  the 
velocity prof i le  downstream of a blunt leading edge i s  shown i n  figure 12. 
It i s  t o  be noted tha t  t h i s  comparison i s  made a t  some 200 r ad i i  downstream of 
3 0.188-inch-radius leading edge In  a region of a mild adverse pressure gradi- 

might not be judged a laminar prof i le .  #??he exceiienr; agreement between :he 
laminar theory and the data, however, indicates tha t  it i s  indeed laminar. 
The theoret ical  turbulent boundary-layer prof i le  on the r ight  side of f i g -  
ure 12 does not agree as closely with data as  the laminar prof i le ,  Near the 
w a l l  the experimental velocity prof i le  appears much f u l l e r  than the 4.1 power 
prof i le  predicted by the theory of reference 5. I n  fac t ,  no single power pro- 
f i l e  muld  f i t  the experimental data which has a power o f  about 4 a t  the outer 
edge and a power of nearly 12 i n  the lower one-third portion. 
w a l l  the d i f f icu l ty  i n  obtaining precise temperature measurements may account 
for  a small par t  of the spread between data and theory. 

Snt .  ?pof'ile is ~ u i i , ?  dk2fsr%rA; f'rcjm a y.'la;-cLstz 3 - p n f ' - '  - - -1s and cmi-zall;. 

Very near the 

CONC UTSIO?JS 

This study has shown tha t  for  a Mach number of 10.5, the inviscid flow 
f ie ld ,  shock-wave shapes, and surface-pressure distributions are  well pre- 
dicted f o r  the 0. E38 -inch-radius leading-eage model by available theoret ical  
methods. The noteworthy a b i l i t y  of theory t o  indicate accurate inviscid pro- 
f i l e s  i n  a mild adverse pressure gradient region has been demonstrated. 

Laminar boundary-layer growth and integral  properties are well described 
by several theoret ical  methods indicated. 

Laminar boundary-layer-properties, par t icular ly  velocity prof i les ,  have 
been sbwn t o  be closely predicted by theory f a r  downstream of a blunt lead- 
ing eage i n  The adverse pressure gradient regioL: cons:&rs3. The ?cresz?-+ 
between the boundary layer and flow-field r e su l t s  gives confidence both i n  
the theories used and i n  the experimental resu l t s ,  



L A -  --..- corn- 
The turbulent boundary-layer propert ies  are more d i f f i c u l t  t o  predict ,  

however, and lack of agreement between theory and experiment ind ica tes  a need 
f o r  f'urther work with turbulent  boundary layers. 

- 

REFERENCES 

1. Watson, Earl C.; Murphy, John D.; and Rose, W i l l i a m  C.: Shock-\?me- 
Boundary-Layer In te rac t ions  i n  Hypersonic Inlets. Conference on 
Hypersonic Aircraf t  Technology, NASA SP-148, 1967. 
herein. ) 

(Paper No. 22' 

2* Watson, Ea r l  C. ;  Gnos, A. Vernon; Gallo, W i l l i a m  F . ;  and Latham, Eldon A . :  
Boundary Layers and- Hypersonic I n l e t  Flow Fields .  AIAA paper' 66-606, 
1966 

3. Iioldaway, George H. ; Polek, T5omas E. ; and Kern?, Jos??h I<., .I-. : !:-.ST.=- . .  - -  
$-:23:(: :&~-~c--~::~;::E 3: 3. %..L;'-*;Jce 
Xach ;?umbers 5.2, 7.4, and 1 O . i .  iASA TM X-732, 1363. 

4. Sorensen, Norman E.; Morris, Shelby J., Jr.; and Pfyl,  Frank A.: A Study 
of Ey-personic Inlet Technology. Conference on Hypersonic Aircraf t  Tech- 
nology, NASA SP-148, 1967. (Paper No. 20 herein.)  

5. Maslowe, S. A. ; and Benson, J. L. : Computer Program f o r  the Design and 
Analysis of Hypersonic In l e t s ,  F ina l  Report. Rep. No. 18079, Lockheed- 
Cal i fornia  Company, Aug. 31, 1964. 

6. Benson, J. L. ; and Maslowe, S. A. : Bluntness and Boundary-Layer 
Displacement Effects on Hypersonic I n l e t  Flowfields. J. Spacecraft 
Rockets, vo1. 3, no. 9, Sept. 1966, p ~ .  1394-1401. 

7. Bertram, Mitchel H. ; and Blackstock, Thomas A. : Some Simple Solutions 
t o  the Problem of Predict ing Boundary-Layer Self  -Induced Pressures. 
NASA TN 13-798, 1961. 

8. Sorensen, Virginia L. : Compter Program f o r  Calculating Flow Fie lds  i n  
Supersonic I n l e t s .  NASA TN D-2897, 1965. 

9. Lomax, Harvard; and Inouye, Mamoru: Numerical Analysis of Flow Proper- 
t i es  About Blunt Bodies Moving a t  Supersonic Speeds i n  an Equilibrium 
Gas. NASA TR R-204, 1964. 

10. Inouye, Mamoru; Rakich, John V. ; and Lomax, Harvard: A Description of 
Phmerizal ?4etb?s ~ T - C ?  % ~ ~ p c t z r  I)rsc;ixx v f s r  T-io -9 imen~-k: - .a l  x-?: 
Axisymetr ic  Supersonic Flow Over Blu,;-Nosed and Flared Bodies. 
NASA TN D-2970, 1965. 



-Ym?KJDrnIAL~ 

11. Kendall, R. M.; and Bar t le t t ,  E. P.: Nonsimilar Solution of the 
Multicomponent Laminar Boundary Layer by an Integral  Matrix Method. 
AIM preprint 67-21.8, 1967. 

12. Cohen, Nathaniel B, : Boundary-Layer Similar Solutions and Correlation 
Equations f o r  Laminar Heat -Transfer Distributipn i n  Equilibrium A i r  a t  
Velocities up t o  41,100 Feet Per Second. JTASA TR R-118, 1961. 

13. Kemp, Nelson H.; Rose, Peter H.; and Detra, RalFh W.:  Laminar Heat 
. . -  .. Transfer Around Blunt Bodies i n  Dissociated A i r .  J. Aero/Space Sei. ,  

vel. 26, no. 7, July 1959, pp. 421-4330, 



X 

0 

10.000 

1 1  .000 

12.000 

13.000 

14.000 

15.000 

16.000 

17.000 

18.000 

0 
.524 

.578 

.634 

.692 

.752 

.813 

.E74 

.936 

1.000 

SURFACE COORDl NATES 
COMPRESSION SURFACE MODEL 

I9.000 

20.000 

21.000 

22.000 

23.000 

24.000 

25.000 

26.000 

27.000 

28.000 

z 
I .  066 

1.136 

1.210 

1.286 

I .366 

1.450 

1.536 

1.626 

1.720 

1.820 - 

x 
29.000 

30.000 

31 .OOO 
32.000 

33.000 

34.000 

35.000 

36 .000 

37.000 

38.000 

Z 
I .  926 

2.038 

2. 156 

2.280 

2.408 

2.540 

2.676 

2.816 

2.960 

3.108 

X 

39.000 

40.000 

41 .000 

42.000 

43.000 

44 .ooo 
45.000 

46.000 

47.000 

48.000 

Z 

3.260 

3.4 I 4  

3.572 

3.734 

3.900 

4.070 

4.244 

4.422 

4.604 

4.790 

in- 



TYPICAL HYPERSONIC INLET 

COWL 

BOUNDARY LAYER, 

FLOW FIELD, \ 

BOW SHOCK WAVE 

-- 
BLUNT-BODY 

REGION 

Figure 1 

SCHEMATIC OF TEST MODEL 

GVERHEQD 
BOUNDARY -LAYER 

LEADING-EDGE RADII  BOW PROBE 
.002" (SHARP) SHOCK WAVE 

BOUNDARY 

I 

S F E M  I) 

.55 .31 '.3 

x'L O L  L.48" - c 

-% PROBE STATIONS 

7n Q 
/ - -  

Figure 2 



SHOCK-WAVE LOCATION AND SURFACE-PRESSURE DISTRIBUTION 
SHARP LEADING EDGE 

M40.5 R W f t  = 2.0~ 10' 
THEORY ---- VlSCOUS 

I NVlSClD .3r --- 
.2 SHOCK-WAVE LOCATION 

. I  
Z/L 

0 
PRESSURE DISTRIBUTION 

I I I I 

0 .2 .4 .6 .8 I .o 
X/L 

Figure 3 

4 

SHOCK-WAVE LOCATION AND SURFACE-PRESSURE DISTRIBUTION 
.062" LEADING-EDGE RADIUS 

Mnl0.5 R e / f t  ~2.0~ IO6 
THEORY ---- viscous 

INVISCID --- 
SHOCK-WAVE LOCATION 

.2 

. I  
Z/L 

0 

Figure 4 



SHOCK-WAVE LOCATION AND SURFACE-PRESSURE DISTRIBUTION 
,188'' LEADING-EDGE RADIUS 

M OKM Re/ff e .0x  IO6 
THEORY 

VlSCOUS 
.3r --- I NVlSCfD 

---- 

I I I I 1 I I I 

0 .2 .4 .6 .8 1.0 
X / L  

Figure 5 

LAMINAR BOUNDARY-LAYER GROWTH 
SHARP LEADING EDGE 

M- 10.4 Re/ft=O.7 x IO6 

THEORY --- 

j ic! 

Figure 6 



LAMINAR BOUNDARY-LAYER GROWTH 
.188“ LEADING-EDGE RADIUS 

M= 10.5 Relftr2.0 x I06 

THEORY 

--- KEMP, ROSE AND DETRA 
N. COHEN --- 

- 0 
-/-- - 0 8  ____----- 

/ LAMINAR 0,’ 
r - 0,’ : ,/ a* ____--- 

/c------ a -c-- 

4 

.- .3 
s- 
mi - .2 m 

x 

.I 

0 
X / L  

Figure 7 

TURBULENT BOUN DARY-LAYER GROWTH 
SHARP LEADING EDGE 

M =  10.5 Re/ft=2.0X106 
o 

THEORY o --- 

.c .4 

- 6 
x .3 

a- 
m- .2 

8 * 

.I 

0 

Figure 8 



i-ol .8 

6 c  

5 -  

4 -  

i -- 3 >r 

2 -  

TU RBULE NT BOUM DAW- LAY ER GROWTH 
,188" LEADING-EDGE RADIUS 

Mti0.5 R e / f f = 2 Q X  IO6 

- SHOCKT 
/ I 

I 

I 
I 
I I 
I I 

- / 
/ 

I 1 - I 
I 

- d 4 
d 

- 
- I 

0 ,' 
I 

y" # I -  

I I I I ]  

Figure 9 

FLOW- FIELO PROF1 LES 
.188" LEADING-EDGE RADIUS 

M= 10.5 R e l f t  =2Bx IO6 X/L=.SI 



Y/ 8 

LAMINAR BOUNDARY-LAYER PROFILES 
SHARP LEADING EDGE 

M = 10.4 

-- - THEORY 

Figure 11 

BOUNDARY-LAYER PROFILES 
.188" LEADING - EDGE RADIUS 

M- 10.5 Re/ft =2.0x IO6 X/L=.81 

-- THEORY --- POWER PROFlLE n.4.1 

LAMINAR 

d .% 

.6 

.4 

.2 

I I .  I I 
0 .2 .4 .6 .8 1.0 

u /ug  

Figure 12 





d X m l ? l D m  . .  .. 

22 SHOCK-WAVE-BOUNDARY-LAYER INTERACTIONS 

m HYl?ERSOI?IC 

By Earl C. Watson, John D. Murphy, 
and W i l l i a m  C. Rose 
Ames Research Center 

'. . 

The interactions of shock waves with laminar and turbulent boundary 
layers have been investigated from the viewpoint of their occurrence and 
importance in hypersonic inlets. The investigation included experimental 
studies and a review of previous related works. 
made of interactions occurring on a flat plate and a representative isentropic 
compression su_rface ?or 3 Izmersonic inlet. 'The tests were conducted at Tree- 
= rLe=r,il wiz?  rczC5ezs 2: a 2 ~-x i  ~3.3. 2esa I r c m  ",e 3resez; 222 ~ i - e - 2 . ; ~  
studies were examined t~ i ewrz i ine  parameters vhicn correlate signi5Lcasz 
pressure and Length characterlstlzs. These included incipient separatisn an6 
plateau pressures, as well as free-interaction, plateau, and total-interaction 
lengths. The data considered were measured at free-stream Mach numbers frox 
2 to 15 and at free-stream Reynolds numbers per foot from 2x105 to &lo7. 

Experimental studies were 

-~ - - .  1 -  _. -.--,,-?.- 

The results of the study indicated that some features of an interaction 
can be predicted with semiempirical correlation parameters, while others can- 
not. A technique is presented for describing some characteristics of the 
shock structure in an interaction of a shock wave with a turbulent boundary 
layer. 

It is concluded that, from the viewpoint of inlet application, further 
study of the interaction phecomena is reqEired. Analytiesi o r  a e z L e q i r l i a L  
methods are needed for predicting total-interaction length, and, for separated 
flows, the lengths of the plateau and reattachment regions. In addition, f x -  
ther work is needed to define the shock structure within an interaction, as 
well as the changes in the boundary layer and flow field across an interaction, 
so that the downstream flow can be predicted. 

INTRODUCTION 

Some of the problems associated with the flow phenomena encountered in 
hnersonic inlets have been discussed by Sorensen et al. (ref. 1) , and a more 
2 s t ~ 2 ~ 6  ztudy 3f +.he 'zteraction of the boundary layer wFth  the invtscid f lo~ , ;  
field ,n a representative inlet coz,pression surface is presented by (;nos 
et al. (ref. 2). 
ni2ues rrhrch Frnperly account for flow Fhenomena in hEersonic inlets are 

Both papers demonstrated that sophisticated analytic tech- 



needed f o r  the design of i n l e t  contours which provide high performance. 
Present machine computing methods f o r  def ining the i n l e t  flow f i e l d  employ 
simple unverified techniques f o r  t r ea t ing  shock-wave-boundary-layer i n t e r -  
act ions because ana ly t i ca l  models f o r  these in te rac t ions  a r e  not  w e l l  devel-  
oped. This may seem paradoxical because many s tudies  of separated flows and 
shock-wave-boundary-layer in te rac t ions  have been conducted i n  the pas t  
(refs. 3-10 are examples) e 

I n  those s tudies  a wide va r i e ty  of separated flows were considered, 
including those f o r  which the-boundary layer  i s  laminar and %hose for. which it 
is turbulent,  with in te rac t ions  induced by s teps ,  wedges, f l a r e s ,  and. shock 
impingement. The range of speeds considered was from low supersonic t o  hyper- 
sonic. However, most of the s tudies  have concerned aspects of the in te rac-  
t ions  t h a t  are important t o  ex terna l  flow over control  surfaces or  f l a r ed  
afterbodies.  Consequently, some d e t a i l s  of the  in te rac t ions  which a re  
important t o  i n t e r n a l  flows have not been ca re fu l ly  studied. 

directed 
f e r ,  and 
ca t  ions. 
boundary 
defined . 
located, 

The 

toward the measurement of surface pressure, temperature, heat t rans-  
skin f r i c t ion .  This infcrrr;a",on is a l so  important f o r  i n l e t  appl i -  

l ayer  and shock s t ruc ture  a t  t h e i r  f i rs t  in te rac t ion  must be wel l  

and the influence of t'ne inzeract icns  accounted for .  

However, f o r  i n l e t  design purposes, changes which occur i n  the 

Then the impinging shock a t  the in te rac t ions  downstream can be 

present report  describes an invest igat ion of shock-wave-boundary- 
layer  in te rac t ions  conducted with the primary i n t e r e s t  focused on i n l e t  appl i -  
cation. Further, the study was conducted on a broad enough basis to  have 
other  appl icat ions and included experimental s tud ies  and a review of previous 
r e l a t ed  work. The in te rac t ion  types considered include those i n  which the 
boundary layer  i s  laminar o r  tirrbulent, both w i t h  and without separatlon. 
In te rac t ions  on a compression surface and on f l a t  p la tes  were examined to 
determine parameters which cor re la te  s ign i f icant  pressures and lengths. These 
include inc ip ien t  separation 2nd plateau pressures, a s  well  a s  f r ee -  
interact ion,  plateau, and to t a l - in t e rac t ion  lengths. Some d e t a i l s  of the flow 
f i e l d  and boundary layer, i n  the absence of an interact ion,  are presented i n  
reference 2, f o r  the compression surface used i n  t h i s  study. Boundary-layer 
veloci ty  and total-temperature p ro f i l e s  across representat ive in te rac t ions  on 
the f l a t  p l a t e  used i n  the present study a r e  presented i n  reference 11. 

c 
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NOTATION 
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sk in- f r ic t ion  coef f ic ien t  

pressure coef f ic ien t  
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lengths identified in figure 2 

21 length identified in table IV 

M Mach number 

N profile index 

P local pressure 

pressures identified in figure 2 

dynamic pressure 

recovery factor r 

lie, 
0 

Rexl 

Re8 Reynolds number based on 8 

T temperature 

velocity U 

Ul boundary-layer-edge velocity immediately upstream of impinging 
shock 

u2 boundary-layer-edge velocity immediately downstream’of inpinging 
shock 

distance measured from leading edge in directton of frze-strezlr. 
flow 

X 

distance measured from effective origin of turbulent boundary 
layer in direction of free-stream flow 

normal distance from wall to shock intercept (fig. 13) 

local f l o w  angle downstream of impinging shuck 

Y 

aL 

8 boundary-layer thickness 



a* boundary-layer 
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I N C  
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'e 
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CQ 

displacement thickness, 6~'(l.--$?--~d$ 

M" 4 C viscous in te rac t ion  parameter, 
(Re,) '' * 

dens i ty  

Subscripts 

in te rcept  of l i n e a r  project ion of incident shock and wall  

inc ip ien t  

onset of  pressure r i s e  a t  beginning of in te rac t ion  

begixLzg ;r' pleteau 

end of plateau 

t o t a l  conditions 

boundary-layer edge 

in te rcept  of impinging shock and edge of turbulent boundary 
layer  or conditions upstream of impinging shock 

free stream 

APPARATUS 

The present study w a s  conducted under a j o i n t  contract  invol*Jing AKes 
Research Center, the  A i r  Force F l igh t  Dynamics Laboratory, and the General 
Electric Company, Evandale, Ohio. 
large-scale  two-dimensional models were tes ted  i n  the Ames 3.5-foot hyper- 
sonic wind tunnel ( r e f .  12). Representative wind-tunnel t e s t  conditions 
showing the  range of test variables a r e  presented i n  tab le  I. Two models 
were employed f o r  the flow studies:  
48 inches long, and the other  was a curved isentropic  compression surface.  
(Coordinates of the compression surface a r e  presented i n  tab le  11.) 
models were al ined a t  3' with respect t o  the f r e e  stream. Neither nodel had 
;'-de p l a t e s  GO r e s t r i c t  the spanwise flow. Far the s m d k s  :c-;cL-;~-I .IS:-?::-, 
both: models had sharp (0.002-inch radius)  leading edges 
sect ion and the area d i r e c t l y  behind i t  were water cooled. 

I n  the experimental p a r t  of the study, 

one was a f l a t  p l a t e  18 inches wide by 

The 

. .  
The leading-edge 

The remaining 



portion of the modeL did not have wall-temperature control, but the mass of 
the model was such that the wall-temperature distribution remained nearly 
constant during the test runs. For a free-streamMach number of 10.4 the 
ratio of the wall to stagnation temperature was 0.28, and for Mach number 7.3 
it varied from 0.37 to 0.41, depending on the stagnation temperature. 

-RESULTS AND DISCUSSION 

Definitions 

In order to facilitate the following discussion, it is necessary to 

The 
establish some pertinent definitions. Figure 2 is a schematic diagram of the 
interaction between an incident shock and a laminar boundary layer. 
sketch represents an interaction occurring on a compression surface where the 
shock strength is sufficient to cause local flow separation. The model aline- 
2e-n-t azd f low direction and a t-ypical surface pressure distribution are as 
shawz. T%e I q ~ i r ? g l n g  simck, -.i'nlcl? ;{as % m e d  b;. a generzzing zurfece (2:; 
shown), interacts with the laminar boundary layer and reflects back inzo Lhe 

flow field. The quEntitjr, CLL, indicates the strength of the impinging shock. 
It is the local flow-deflection angle which would produce the impinging shock 
wave. The location of the interaction is identified by the intercept at the 
wall of the linear projection of the impinging shock before it encounters any 
influence from the interaction. The pressures and lengths of interest are 
determined from the surface pressure distribution and shock structure. The 
pressures of interest are the upstream pressure, Po, the plateau pressure, 
PP, and final pressure, PF. The incremental lengths ZU, ZP, and ZR define 
the free interaction, plateau, and reattachment regions, respectively, while 
ZT defines the overall interaction length. 

Pressure Distributions 

The features of the surface pressure distribution depend on the local 
conditions in the interaction region. Similarities as well as differences 
are evident in the features of an interaction on a flat plate and a compres- 
sion surface. A schlieren photograph and surface-pressure distributions for 
the flat plate for a free-stream Mach number of 7.3 are shown in figure 3. 
The local flow-deflection angle for the schlieren photograph and sketch is 
10'. The shock structure and boundary layer in the schlieren chotograph are 
identified in the sketch of the interaction. The variation of the local pres 
sure ratio with distance along the surface from the onset of the interaction 
is shown below the sketch. The distributions are shown for a series of nomi- 
nal, local flow-deflection angles ranging from 0.5' to LO0. When plotted in 
this manner, the pressure distributions show r;he similarity of 7rcT4- ~ ~ 1 ' 3  i-2 . 
the free-interaction region. This result supports the free-interaction 
hypothesLs of Chapman et al. (ref. 3). It can be seen that with the onset of 
separation, an increase in shock strength lengthens the pressure plateau and 
changes the pressure distribution in the reattachment region. The plateau 



pressure i s  less than that f o r  inc ip ien t  separation, i n  accordance with the 
findings of Chapman e t  al. (ref. 3) f o r  supersonic speeds, and Needham 
(ref. 7) f o r  hypersonic speeds. The inc ip ien t  separation pressure can be 
obtained by cross  p lo t t i ng  the plateau length, ZpJ against  the l o c a l  flow- 
def lec t ion  angle, %, and extrapolat ing t o  zero plateau length. 
yields  a pressure for i nc ip i en t  separation s l i g h t l y  higher than t h a t  shown 
f o r  uL = 2O. 

This process 

The schl ieren photograph and surface-pressure d i s t r ibu t ions  i n  f igure  k 

Again, i t  can be seen tha t  the pressure 
were obtained f o r  the compression surface. The photograph and t racing are 
shown f o r  a l o c a l  flow angle of 7'. 
d i s t r ibu t ions  i n  the f ree- in te rac t ion  region are coincident, and a s ressure  
higher than the plateau pressure w a s  obtained without separation f o r  the  3' 
flow-deflection angle. 
f l a t  p l a t e  i n  the length of the plateau region, and i n  the shape i n  the 
reattachment region. For l o c a l  flow angles of 3' and 7 O ,  the f i n a l  pressure 
agrees with t h a t  obtained from inviscid theory f o r  the incident  and re f lec ted  
shock system For stronger interactfons,  ?iowever, tke Tina1 g res swe  I s  LCTI 

-* is y i _ i s  A'" >-.-=.* 

ancy i s  associated,  i n  par t ,  with the expanslon f an  emanating from the gener- 
a t ing  surface employed t o  form the impinging shock wave. I n  addition, the 
loss of two-dimensionality from l a t e r a l  sp i l l age  i n  these strong in te rac t ions  
contributes to  the reduction i n  overa l l  pressure r ise across the in te rac t ion .  

These pressure d i s t r ibu t ions  d i f f e r  from those on the 

-~ c c x ~ a r &  ; > ~ c  p&-icZec', :S*.- I r_viss<t  :>ecry, _ _ I  *_>..I - L -  - 

Data obtained with a turbulent boundary layer f o r  a free-stream Mach 
number of 7.3 are presented i n  f igu re  5. 
a ~ ' =  8O,  shows the penetrat ion of the  impinging shock. 
pression waves form a re f lec ted  compression f an  tha t  coalesces in to  the emerg- 
ing shock. The pressure d i s t r ibu t ions  have been al ined so tha t  the point of 
in te rcept  of the shock and w a l l  i s  coincident. When p lo t ted  i n  t h i s  manner, 
the da ta  show the increase i n  the extent  of the upstream influence with 
increasing shock s t rength.  'The subscript  1 denotes the begiining 03 the . 

in te rac t ion  associated with the in te rcept  of  t'ne shock and the edge of the 
boundary layer .  I n  the laminar case, the beginning i s  associated with the 
r i s e  i n  surface pressure somewhat upstream of shock impingement. For the 
shock strengths shown i n  f igure  5, there  is  no evidence of a pressure plateau. 
However, i t  is  believed t h a t  the  o r i f i c e  spacing w a s  not s m a l l  enough t o  
d e t e c t  the  s m a l l  p la teau which i s  believed t o  have occurred f o r  the s t rongest  

The schl ieren photograph, for 
The two emerging com- 

Shock. 

The formation of a plateau was observed on the compression surface for 

The pressure plateau is obvious i n  t h i s  f igure  and indicates  
somewhat stronger shocks. 
s ion surface.  
the presence of separation. The shock s t ruc tu re  shows t h a t  the first emerging 
shock or iginates  upstream of the iminging  shock. It is  believed t h a t  the 
i'lrst emerging shock is asnociatsd vi5h ci;e free-liG?ractlon be'r,avlx 2: t::e 
sublayer flow. This w i l l  be discussed fur ther  i n  connection with an 
ana ly t i ca l  model of the interact ion.  

Figure 6 presents the pressure data  f o r  the compres- 

- r  n 3cv 



T!!E!z%- 
Correlations 

Pressure distributions and schlieren photographs similar to those 
presented in the preceding section have been analyzed to determine significant 
pressure and length quantities characteristic of an interaction. These and 
similar quantities from other investigations. have been incorporated into param- 
eters which correlate significant features of an interaction. Data were con- 
sidered for free-stream Mach numbers ranging from 2 to 14.8, and free-stream 
Reynolds numbers per foot from 2x10' to 1X107. An analysis or" the da-ca over 
this wide range of conditions was made to provide a broad basis for determin- 
ing empirical relations for predicting specific features of an interac-cion. 
The features for which correlation parameters were sought are presented. in 
tables I11 and IV for the pressures and lengths, respectively. The comments 
in the tables are made on the basis of an analysis of data presented and 
discussed in the following sections. 

Fressue correlations.- Correlation of the pressure ratio for l_?cLpLer_ri 
2,sr'i 13;F2r5 53 Dresez;sc 2 2  ~~~~~~~ l--: _ _ _ _  ~ ~ 1 - 3  -. I- 
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by the pessure ratio and viscous interaction parameter, Xo. It is S e L f s v d  
that more data are needed to substantiate the validity of these parameters for 
t'ne correlation of incipient separation. Therefore, caution should be exer- 
cised in applying these results for design purposes. In addition, it should 
be remembered that a11 available data are for single interactions. If two or 
more interactions occur in tandem, such as in hypersonic inlets, incipient 
separation may occur at different pressure ratios for interactions downstream 
of the first. Further investigation 'is needed to determine the mutual 
interference of tandem interactions. 

Figure 7(b) presents a correlation of the pressure rise for incipient 
separation of turbulent boundary layers. In this figure the data of Kuehn 
(re:. lh) 2s giyeg pspF3s>:L a:;ij Tcriich ( r e ? .  9) azd k'pe .<,srs :r' ;:lt ;r$z- 
ent study are compared. The line represents the relation proposed by Popinski. 
Fairly good correlation is obtained with both flat plate and coqressior, SIX- 
face da-ca. Again, due to tho paucisy cf experimental data, cautlon a ' r ~ - i l d  Se 
exercised in employing these results for design purposes. 

In figure 8(a) a correlation of plateau pressure for interactions with 
laminar boundary layers is presented. The parameters proposed by Needham 
(ref. 7) are used to compare the data of references 4, 7, and 15 with those or" 
<he present study. Excellent correlation is obcainea for both ?lac place ana 
compression surface data. In addition, the data also represent interactions 
occurring for a wide range of wall conditions, varying from adiabatic for the 
data of reference 4 to cold wall for the data of reference 7 and the present 
study. 

In figure 8(b) a correlation of plateau pressure for turbulent bouadary 
layers is presented. These parameters (from ref. 9) are used to compare the 
data of references 5, 10, and 14 with those of the present study. 
correlation is fairly good. It should be noted that the data are not suffi- 
ciently precise to provide complete support for the relation represented by 

Again, t h e  
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the l i n e  ( r e f .  9 )  , since t h i s  relation r e s u l t s  i n  only a s l i g h t l y  b e t t e r  
cor re la t ion  than a r e l a t i o n  proposed by Erdos and Pallone (ref. 6). 
figure the  r e s u l t s  of the present study are shown with an uncertainty band 
because, f o r  turbulent flow, the  pressure plateau is  not f la t .  A subs t an t i a l  
amount of subJec t iv i ty  en ters  i n to  the  choice of plateau pressure; i n  the 
present case, the band represents  the  pressure l i m i t s  assoc 
beginning and end of the  plateau. 

In  t h i s  

*. . . -  Figure 9( a)  presents the dimensionless pressure d i s t r ibu t '  Lon i n  the free- 
in te rac t ion  region of a laminar boundary-layer-shock-wave interact ion.  Erdos 
and Pallone ( r e f .  6) hypothesized t h a t  t h i s  p r o f i l e  was universal .  
seen, the k n i v e r s a l "  p r o f i l e  presented i n  reference 6, which was derived fron 
the da t a  of reference 3 f o r  an adiabat ic  w a l l ,  departs qu i te  markedly from the 
p ro f i l e s  obtained on a cold w a l l  i n  the present study. I n  addition, p ro f i l e s  
obtained a t  free-streamMach numbers of 7.3 and 10.4 show s igni f icant  d i f f e r -  
ences. It i s  concluded tha t  there  probably is  no universal  pressure p ro f i l e  
i n  the f ree- in te rac t ion  region. 

A s  can be 

Figure q(b) presents diz,ensionless pressxre peoI'Lies ;'or :ks i -pea--c I dc----*--c-- --.----.-- - 
region or' a laminar boudary-layer-shock-wave interact ion.  These p ro f l l e s  
appear t o  be highly sens i t ive  t o  Mach number and less sens i t ive  to  shock 
strength.  Also,  i t  is evident from examination of the difference between. prij- 
f i l e s  on the compression surface and f la t  p la te ,  f o r  approximately the same 
range of l o c a l  flow angles, t h a t  l o c a l  pressure gradient a f f e c t s  the shape of  
these prof i les .  

Adequate de f in i t i on  of dimensionless presSure p ro f i l e s  f o r  the f r ee -  
in te rac t ion  and reattachment regions of the turbulent boundary-layer-shock- 
wave in te rac t ions  could not be made i n  the present study. 

The dimensionless pressure d i s t r ibu t ions  fo r  unseparated in te rac t ions  a re  
given Tar  the lamLnar boandary layer  5.2 f igure  IO(a) and for the  t i zbu l szz  
boundary layer  i n  f igure  10(b). 
i s  demonstrated fo r  both the laminar and turbulent boundary layers .  The i r q o r -  
tance 02 l oca l  pressure gradient i s  a l so  evident for these unseparated 
interact ions.  

Again, the pronounced Mach number dependence 

The foregoing discussion of the  dimensionless pressure d i s t r ibu t ions  has 
shown tha t  they a r e  affected by wall cooling, Mach number, and l o c a l  pressure 
gradient. Further s tud ies  of these e f f ec t s  are needed before r e l a t ions  f o r  
design purposes can be obtained. 

Length correlat ions.-  Parameters used f o r  cor re la t ing  the  f r ee -  
in te rac t ion  length a r e  presented i n  f igures  l l ( a )  and l l ( b )  f o r  in te rac t ions  
-:it5 1znimr sr,d turbulent boundary layers  respectively.  The parameters usee 
for the  laminar boundary layer  were developed dil-ing L e  present sw,5y, 
whereas those for the turbulent boundary layer  were proposed by Popinski and 
EE.lrlich (ref. 9 ) .  The l i n e s  presented i n  these f igures  represent the recon- 
mended r e l a t i o n  f o r  def ining the f ree- in te rac t ion  length as a function 02 the 
incremental pressure r ise  to  the beginning of the plateau. For the  laminar 
in te rac t ions  the reference da ta  used were obtained from references 3, 4, and 7; 
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f o r  the turbulent in te rac t ions  the da t a  from references 14, 16, and l7 a r e  
shown as presented by Popinski and Ehrlich (ref. 9) .  

No simple parameters a re  ava i lab le  f o r  describing the length of the 
plateau region f o r  in te rac t ions  with separation. Hakkinen e t  al. (ref. 4) 
applied a momentum analysis  t o  a separated region t o  determine the parameters 
involved i n  a laminar separation f o r  adiabat ic  w a l l  conditions. The expres- 
sions evolved i n  t h a t  analysis  were used i n  the present study for comparing 
the da t a  f o r  plateau length presented i n  f igure  12. Although these parameters 
cor re la te  the  length. f o r  weak in te rac t ions  on a f l a t  plate for.-a.tri.de range of 
Mach numbers (2.0 t o  8.4) and f o r  cold w a l l  and adiabat ic  w a l l  conditions,  the 
parameters do not co r re l a t e  the data f o r  the strong in te rac t ions ,  nor any of 
the da t a  f o r  the compression surface. The laminar data from the present tes t  
have been analyzed a l s o  by Kutschenreuter e t  al.  ( r e f .  18) with respect  to  
the separation length parameters proposed by Erdos and Pallone ( re f .  6) .  No 
cor re la t ing  r e l a t i o n  w a s  found; however, there  was evidence of a strong Mach 
number degendence. 170 correlatLcns a r e  avai lable  for predict ing ths Flateau 
lengt'n for Fnteractions i . ? _ 7 ~ o l v i ~ =  8 ctlr5i;lent bouniiarj. lsyer. Durbg :%; 
A car: ,2:' ;'y ?,?se."; LI I - - - , u ~ - ~ r t ~  5 :*C;vley , ~ f  ~ a s c  :.iOr>:, L; : - - ~ . . - e  z-: ; -  

dent t ha t  the flow i n  the reactachment region had not been investigated a ~ e -  
quately. Consequently, there a re  no empirical methods f o r  predict ing the 
length of the reattachment region. It i s  concluded tha t  the present under- 
standing of the fac tors  which a f f e c t  the lengths of the plateau and rea t tach-  
ment regions i s  inadequate. Further study i s  needed i n  these areas  t o  obtain 
useful  ana ly t i ca l  or semiempirical methods f o r  predicting these lengths.  

,=. - 0 . 7  
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For turbulent in te rac t ions ,  the height,  Y, t o  the  in te rcept  of the f i r s t  

The 
emerging shock and the impinging shock is a quant i ty  required i n  the s e m i -  
empirical  method of in te rac t ion  analysis  proposed by Pinckney ( ref .  10).  
shock s t ruc tu re  of the turbulent  in te rac t ions  of the  present study has been 
examined t o  determine the in te rcept  and total- length parameters used i n  tha t  
semiempirical method. Figure 13 ?resents the var ia t ion  02' %he in+er:ept 9: 
the impinging and first emerging shocks with the pressure coeTficient across 
the interact ion;  f igure  1 4  presents the var ia t ion  of the to t a l - in t e rac t ion  
length v i t h  the s t rength sf the Fxpiaging shock, aL. 
these f igures  tha t  the var ia t ion  of  both the shock in te rcept  and total- length 
parameters with increasing shock s t rength  d i f f e r s  i n  each case from the respec- 
t i v e  var ia t ion  indicated by Pinckney. Whereas the Pinckney r e s u l t s  were 
obtained f o r  ad iaba t ic  w a l l  conditions and f o r  Mach numbers up t o  5, the  pres- 
ent  results are f o r  cold w a l l  conditions and a l o c a l  Mach number of 6.5. An 
approximate analysis  of the e f f e c t  of the r a t i o  of wall tenpersturn t? t r t a l  
temperature a t  the edge of the boundary layer  f o r  a turbulent in te rac t ion  i s  
presented by Kutschenreuter e t  al'. i n  qeference 18. 
fur ther  invest igat ion of the e f f e c t  of w a l l  cooling i s  needed, and tha t  care 
should be exercised Fn extrapolat ing the Pinckney result ; .  

It can be seen Z r 9 ~  

It i s  concluded t h a t  

For laminar in te rac t ions ,  cor re la t ion  parameters obtained i n  the present 
study f o r  the to t a l - in t e rac t ion  length are shown i n  figure 15. I n  view or' the  
lack of success i n  obtaining correlat ions f o r  plateau and. reactacnmeaL lengchs, 
i t  is somewhat unexpected t o  f ind  such good cor re la t ion  f o r  the t o t a l -  
in te rac t ion  length. Whereas the da t a  fo r  the f l a t  p la te  from the referenced 
and present s tudies  agree reasonably w e l l  for the  wide range of conditicns 

-.A_-- - - 
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Y%kimmum 
represented, the data for the compression surface and the stronger inter- 
actions are different. This indicates a sensitivity of total-interaction 
length to local pressure gradient. 

Interaction models.- The preceding sections have been concerned for the 
most part wLth those features of the interaction that can be determined from 
surface measurements and the location and strength of the impinging shock. It 
is also of interest to observe the actual shock structure in an interaction 
region and to compare it with the structure assumed in analytical methods t'nat 
are employed to represent the hteraction. Figure 16(a) is a' schlieren photo- 
graph of the interaction between a shock wave and a laminar boundary layer. A 
tracing of the photograph is presented in figure 16(b), and superimposed on it 
are dashed lines representing the shock structure as it might be assumed in 
two analytical methods. In one method, the incident shock reflects from the 
wall, and in the other it reflects from the boundary-layer displacement thick- 
ness. It is evident that neither of these models represents the actual 
interact ion. 

. -  When the bcmkary &y?r i; ;.L-;L~-~C-:. 8 Z - - - Y - L - - -  . - L J . . - Z < d L G 4  3_p:-?lr - 2  ' -  3L;Liaclcc 39Lt--  - -  7 

as indicated in figure 17. In t h l s  zase also, it is evident that the inviscid. 
shock structures, represented by the dashed lines in figure l 7 ( b ) ,  pooriy rep- 
resent the actual interaction. 
(fig. l7(a)) shows two emerging shocks. One explanation for %ne presence o l  
the first emerging shock is that it is formed by the coalescence of weak corn- 
pression waves which are associated with a free interaction. It is believed 
that this free interaction occurs between the sublayer and the actual imping- 
ing shock which has penetrated the boundary layer, and, in this respect, the 
shock is evidence of the presence of a flow process that is similar to that 
involved in a free interaction with laminar flow. 

Exaxizatisn of the schlieren photograph 

It is obvious that simplified representations of the interactions are 
inacequate -J'nen applied to l2;ernal " l o ~ i s ~  and. that nore soghiscizake ze-k_c~s 
must be sought. 
ensue within an inlet if an entering shock were mislocated by several boundary- 
layer thicknesses. For lamimr inceraczLons efforts are currently i n  progress 
to improve the analytical methods of Lees and Reeves (ref. 19) and Nielsen 
et al. (ref. 20) ,  so that better overall definition of the interaction can be 
realized. 
analytical method for interactions with a turbulent boundary layer. In this 
method the shock structure was analyzed by a method of characteristics tech- 
nique. A schlieren photograph and a tracLng c ; f  an int?rsz5lon -re ; r e s ~ = p _ ~ 3 ? ~  
in figures 18(a) and 18(b), respectively. It is assumed that the boundary 
layer, consists of two layers, an inviscid constant total-temperature outer 
layer and a viscous sublayer. 
m ~ b e r  e n t r o q  p r o f i l e ,  orovides the starting mesh in a method az' charac- 
teriszics ccT-putii16 program. A ancjck xav? O f  apprspriace screi~,c;;i, g?i-era XL. 

by a wedge, impinges on the inviscid layer and reflects from the sublayer. A 
similar techni(i-ue was proposed by Tucker (ref 21), who employed only Mach 
lines, as a method for accounting for boundary-layer effects in supersonic 
nozzles. The shock structure obtained from the computer program using the 
present technique is shown by the dashed lines. Except for the presence of 

Further studies are needed to ascertain what effects mighc 

In addition, an effort is also being made to obtain a more exact 

The inviscid layer, which has a given Mach 



the f i r s t  emerging shock associated with the precompression process discussed 
previously, there  i s  good agreement i n  the shock s t ructure .  

On the bas i s  of these preliminary results, it appears that a representa- 
t i on  of a turbulent in te rac t ion  might be obtained if  a viscous so lu t ion  f o r  
the sublayer flow, subject  t o  the influence of the l o c a l  shock impingement, 
were coupled with a charac te r i s t ics  solut ion of the flow f o r  the outer  layer .  

CONCLUDING FEMAFKS 

Plateau or inc ip ien t  separation pressures have been used as c r i t e r i a  f o r  
allowable shock s t rength  f o r  i n l e t  design purposes, with simple shock r e f l e c -  
t ions  from the displacement thickness. For hypersonic speeds these c r i t e r i a  
must be reexamined i n  view of the  changes t h a t  occur i n  shock s t ruc ture  across 
an in te rac t ion .  With a turbulent boundary layer ,  changes i n  shock strrucl;ure 
’cegia a t  S ~ C ! ’ .  strezgths re.latiy.rely ve3.k in c n x ~ ~ r i s c r  -Ltk L>-C:? 1-2 
LsclpLeni 3 eparat  Len. 

. - ,  

Shock-wave-boundary-layer in te rac t ions  have been discussed from tke i n l e t  
viewpoint. 
act ions do not adequately represent the shock s t ructure .  Expressions a r e  
given f o r  cor re la t ing  such features  a s  inc ip ien t  separation and p h t e a u  pres- 
sures, and free- interact ion lengths.  No corre la t ing  expressions are ava i lab le  
f o r  such fea tures  as plateau and reattachment lengths.  Some new thoughts f o r  
an ana ly t i ca l  model of the in te rac t ion  of a turbulent boundary layer  and shock 
wave have been presented. It i s  evident t ha t  continued study of shock-wave-- 
boundary-layer in te rac t ion  problems i s  needed. 

It has been shown t h a t  present ana ly t i ca l  xodels of the inter- 
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TAZ[LLE I 

REPRESENTATIVE TEST CONDITIONS 

EQU IVA LE N T 

SURFACE COORDI NATES 
COMPRESSION .SURFACE MODEL 

- 
X 

0 
10.000 
I I  .Ooo 

12.000 
13.000 
14.000 
15.000 
16.000 
17.000 
18.000 - 

Z 
0 
.524 
578 
.634 
.692 
.752 
.813 
.874 

e 936 
1.000 - 

X Z X 

19.000 1.066 29.000 
20.000 1.136 30.000 

21.000 1.210 31.000 
22.000 1.286 32.000 
23.000 1.366 33.000 

24.000 1.450 34.000 
25.000 1.536 35.000 
26.000 1.626 36.000 
27.000 1.720 37.000 

28.000 1.820 38.000 

I_. 

Z 
I. 926 
2.038 

2. 156 
2.280 
2.408 
2.540 
2.676 
2.816 
2.960 
3. 108 - 



TAEaE 111 

ITEM LAMINAR 

I .  Cp INCIPIENT PRESENT STUDY 

2 Cp PLATEAU NEEDHAM 

PRESSURE CORRELATION SUMMARY 

TURBULENT 

POPINSKI (1966) 

WPINSKI (1966) 
i 

TABLE IV 

4. REATTACHMENT 

5. UNSEPARATED 

LENGTH CORRELATION SUMMARY 

NO UNIVERSAL PROFILE NONE FROM 
PRESENT TEST 

NO UNIVERSAL PROFILE NO UNIVERSAL 
PROFILE 

/ 
ITEM 

I .  FREE INTERACTION LENGTH, 2" 

2. PLATEAU LENGTH, 2, 

3. REATTACHMENT LENGTH, 2, 

I 

LAMINAR TURBULENT 

PRESENT STUDY WPINSKI (1965) 

1MPROVEMENT NEEDED NONE 

NONE NONE 
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5. TOTAL LENGTH, Z T  IMPR0VF'"NT NEEDED , 

TEST 
RESULTS - DIFFER 

FROM THOSE 
OF 

PINCXNEY 
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INTERACTIONS OF BOUNDARY LAYERS AND SHOCK WAVES 
AT HYPERSONIC SPEEDS 

EXTERNAL FLOW STUDIES 

INTERNAL FLOW STUDIES 

Figure 1 

INTERACTION OF SHOCK WAVE WITH LAMINAR BOUNDARY LAYER 
SCHEMATIC 

PRECOMPRESSION FAN, 

Figure 2 



INTERACTION OF SHOCK WAVE WITH LAMiNAR BOUNDARY LAYER 
FLAT PLATE 

INTERACTION OF SHOCK WAVE WITH LAMINAR BOUNDARY LAYER 

I L I I I  1 1 . 1  I I I I I l l  I 

-2 0 2 4 6 8 IO 12 
x - x ~ .  in. 

Figure 3(b) 



ION OF SHOCK R BOUNDARY LAYER 
60 

. .. . . '  

INTERACTION OF SHOCK WAVE WITH LAMINAR BOUNDARY LAYER 
COMPRESSION SURFACE M, =7.3 (Re/ft)orr2.8%i05 

1 I I I I I I I I 1 . 1  I I I I I 
-2 0 2 4 6 8 IO 12 14 16 

x-xo, in. 

Figure 4(b) 



INTERACTION OF SHOCK WAVE WITH TURBULENT BOUNDARY LAYER 
FLAT PLATE 

INTERACTION OF SHOCK WAVE WITH TURBULENT BOUNDARY LAYER 
IMPINGIN 
SHOCK 

EMERGING 
SHOCK 

- 
20 - 

- 
10- 

P 8 -  
Pa, 6 - - 

4 -  - 
2 -  
L 

-4  -2 0 2 4 
x-x i ,  in. 

Figure 5(b) 



INTERACTON OF SHOCK WAVE WITH TURBULENT BOUNDARY LAYER 
COMPRESSION SURFACE 

Figure 6(a) m377-6a 

INTERACTION OF SHOCK WAVE WITH TURBULENT BOUNDARY LAYER 
COMPRESSION SURFACE M, =7.3 (Re/ft), = 3.2xl06 

40 - 
30 - 
20 - 

P 

IO - 
8 -  
6 -  

G 

I 

-4 . -2 0 2 4 -6 - x - x i ,  in. 
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Figure 6(b) 



CORRELATION OF PRESSURE RATIO FOR INCIPIENT SEPARATION 
LAMINAR BOUNDARY LAYER 

8 
REFERENCE 

7 

4 

B 
0 PRESENT STUDY 

13 

PINC-PO 
Po 

I =  

0 "1 A - - 
e Es 

- 
- 
- 

Qqf $ @  Q 

- d NO FLAG = SHOCK INDUCED - FLAG = WEDGE INDUCED 
- OPEN = FLAT PLATE - SOLID = COMPRESSION SURFACE 

- 
- 

4 , I ! ! , ! , I  1 , , l ! , l  f ! I ! , l , U  

Figure ?(a) 

CORRELATION OF PRESSURE COEFFICIENT FOR INCIPIENT 
SEPARATION 

TURBULENT BOUNDARY LAYER 

0 
1 
h x 

REFERENCE 
0 PRESENT STUDY 
D 14 

9 
OPEN 1 FLAT PLATE 

SOLID = COMPRESSiON SURFACE 

- 

I '  I 
I I I I I l l !  I 1 I I I 1 1 1 1  

I 10 100 
MY -I 
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CORRELATION OF PLATEAU PRESSURE RATIO 
LAMINAR BOUNDARY LAYER 

IO 

PP - Po 

I 

- - REFERENCE - 
0 PRESENT STUDY 
U 7 - 

- 
- - - 
- 
- 

PRESENT STUDY 

. o  
A - 

NO FLAG = SHOCK INDUCED 
FLAG = STEP INDUCED 
OPEN = FLAT PLATE 

/ SCLlD = COMPRESSION SURFACE 
.I ' I 4 I l l  I I I l l  I I 1 4 1  

.o I .I - I 10 
XO 

Figure 8(a) 

CORRELATION OF PLATEAU PRESSURE COEFFICIENT 
TURBULENT BOUNDARY LAYER 

REFERENCE lNDUCED BY: "E 0 PRESENT STUDY, SHOCK 
COMPRESSION 
SURFACE 

14 WEDGE 
5 FLARE 

14 SHOCK 

I I I I I I I  I I  I I I I I I I I I  

I IO 100 
A 

M,* - I  

Figure 8(b) 



PRESSURE DlSTRiBUTlON IN FREE-INTERACTION REGION 
LAM I NAR 

(FLAT PLATE) 

(FLAT PLATE AND 
COMPRESSION 

B SURFACE) t / ,  j ,  ~ I . ,  

0 I .o 
x-xo - 
t u  

Figure g(a )  

PRESSURE DISTRIBUTION IN REATTACHMENT REGION 
LAMINAR 

F i A T  PLATE COMPRESSION SURFACE 

I. 

Figure g(b) 
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PRESSURE DISTRIBUTION FOR UNSEPARATED INTERACTIONS 
LAMINAR 

FLAT PLAT% COMPRESSION SURFACE 

I .o 

. %. . 

P-Po - 
pF"pO 

I .o x - x o  1.0 0 

I T  ZT 

X-X, 0 - - 

Figure 1O(a) 

PRESS U R E D I STR I 8 UT I 0 N FOR U N S E PAR AT ED I NT E R ACT I 0 N S 
TURBULENT 

FLAT PLATE COMPRESSION SURFACE 

I .o x-xo 
I T  

0 - 

Figure 10(b) 



CORRELATION OF FREE-INTERACTION LENGTH 
LAMINAR BOUNDARY LAYER 
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Figure U(a) 
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CORRELATION OF FREE - I NTERACTION LENGTH 
TURBULENT BOUNDARY LAYER 
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COMPARLSON OF PLATEAU LENGTH DATA USING 
HAKKINEN PARAMETERS 
LAMINAR BOUNDARY LAYER 

REFERENCE No 
-5 - 0 PRESENT STUDY, 6.0 

0 PRESENT STUDY, FIAT PLATE 8.4 
0 PRESENT STUDY, 5.8 

.4 - COMPRESSION SURFACE 
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0 .- 7 . 4  .5 .9 1.0 1.2 1.4 
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21 .2 . I  

Figure 12 
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Figure 13 
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Figure 14 
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CORRELATION OF TOTAL INTERACTION LENGTH 
LAMINAR BOUNDARY LAYER 

REFERENCE 
0 PRESENT STUDY NO FLAG = SHOCK INDUCED 
a 4 FLAG = WEDGE INDUCED 
0 7 OPEN = FLAT PLATE - PRESENT STUDY SOLID = COMPRESSION SURFACE 

I I 1 I I 1 1 1 1  I I 1 l 1 1 1 1 1  I I I 1 1 1 1 1 1 1  

. I  I IO IO0 
PF -Po 

PO 

I '  

- 

Figure 15 
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INTERACTION MODEL 
LAMINAR BOUNDARY LAYER 

Figure 1S(a) AAA j77 -16a 

INTERACTiON MODEL 
LAMINAR BOUNDARY LAYER 

Mo= 6. I (Re/ft)o=5.3x105 UL= 8* 

EMERGING SHOCK 

\ \ 
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Figure 16(b) 



INTERACTION MODEL 
TURBULENT BOUNDARY LAYER 

INTERACTION MODEL 
TURBULENT BOUNDARY LAYER 

M I  ~ 6 . 5  (Re/ft), = 3.1~10~ C f ~ z  5" 

IMPINGING SHOCK 

EMERGING SHOCK 

I I I I I 
-3 - -2 - I  0 I 

x - x i ,  in. 

Figure l7(b) 

343 



PREDICTION OF SHOCK STRUCTURE BY METHOD 
OF CHARACTERISTICS 

TURBULE ER 

Figure 18(a) m377-18a 

PREDICTION OF SHOCK STRUCTURE BY METHOD 
OF CHARACTERISTICS 

TURBULENT BOUNDARY LAYER 

M I  ~6.5 (Re/ft), = 3.1~10~ [-TL = 8 O  

1MPlNGlNG SHOCK 

Figure 18(b) 



23. FUEL INJECTION AN3 MIXING IN SCRAMJET COMBUSTORS 

By John R. Henry 
Langley Research Center 

SUMMARY 

The technology of fuel inje,ction and mixing i n  scramjet combustors f o r  
both w a l l  in ject ion and stream inject ion has been examined i n  the l i gh t  of 
new data presented i n  t h i s  paper. 
injectors  is presented, together w i t h  a discussion of data on fuel-air dis-  
t r ibu t ion  at  the exits of several  hydrogen-air combustors and some experimental 
evaluations of the empirical features of one of the parallel-mixing theories .  

A possible approach t o  designing wall 

Air-breathing propulsion systems under study f o r  hypersonic f l i g h t  gener- 
a l l y  involve a ramjet thermodynamic cycle u t i l i z ing  e i the r  subsonic o r  super- 
sonic combustion modes, or a combination of both. The aerothermodynamic 
problems of subsonic combustion engines from a research point of view have 
reached an advanced stage. However, there  are areas i n  supersonic combustion 
technology which are only i n  ear ly  stages; components have been investigated 
a t  small scale ( re fs .  1 t o  3) and experiments with small-scale complete engines 
have just s tar ted.  This paper discusses recent work i n  the area of fue l  injec- 
t i on  and mixing i n  the scramjet combustor. The general problem i s  outlined i n  
figure 1. 

The sketch of figure 1 represents a combustor i n  vhich fue l  i s  injected 
from both the w a l l s  and the stream i n  order t o  reduce the length of the com- 
bustor. Assume that the combustor has a height at  the i n l e t  of 1 foot; i f  a l l  
the f u e l  were injected f romthe  w a l l ,  the combustor would have t o  be on the 
order of 10 t o  20 fee t  long. 
then the  length might be reduced t o  as l i t t l e  as 5 t o  10 f ee t .  
trade-off ex i s t s  between the  cooling requirements and the drag of fuel-  
inject ion struts i n  a short  combustor and the wall-cooling requirements and 
f r i c t i o n  of a long combustor with.no strut fue l  inject ion.  
time, there  a re  not enough data i n  the l i t e r a t u r e  t o  perform t h i s  trade-off 
study. 

If half of the f u e l  were injected from struts, 
Therefore, a 

A t  the  present 

Some of the more important inject ion parameters i n  the  problem are  the 
injector  configuration, Mach number M, dynamic pressure q, velocity V ,  
md nolecular 7eigI-i-L d. ;dolecular weigh- depends on the type of fuel;  only 
hydrogen w i l l  be considered i n  t h i s  paper. I n  the airstream, the same 



. .  

parameters are important i n  addition t o  the  i n l e t  velocity gradient o r  prof i le  
dV/dy and the  longitudinal pressure gradient dp/dx, which a f fec ts  the mixing 
length. 

A search of the  literature has indicated t h a t  fo r  w a l l  injection, correla- 
t ions of downstream measurements exist ( r e f .  2 and refs .  6 t o  9) but no system- 
a t i c  method for  designing the injectors  is available. For stream inject ion 
pa ra l l e l  t o  the airstream, a number of semiempirical theories are available 
( re fs .  10 t o  19) ;  the empirical features i n  general have not been evaluated 

' f d ly .  In  th i s  paper, a possible approach t o  designing w a l l  in jectors  w i l l  be 
presented, together with a discussion of some flow studies i n  hydrogen-air com- 
bustion and some evaluations of the empirical features of one of the para l le l -  
mixing theories.  

SYMBOLS 

cross-sectional zrea of duct, sa_ ft 

constant i n  eddy viscosi ty  re la t ion 

diameter of je t ,  f t  

height of duct, f t  

s t a t i c  enthalpy, Btu/lb 

t o t a l  enthalpy Btu/lb 

maximum mass concentration at a given s ta t ion,  mass of  injectant  
per u n i t  t o t a l  mass 

Mach number 

turbulent Schmidt number 

s t a t i c  pressure, a t m  

t o t a l  pressure, a t m  

term i n  eddy viscosity relation, j e t  "half x d i u s "  based 32 zn_eaE 
velocity, f t  

entropy 

s t a t i c  temperature , OR 



T t  

v 

XmiX 

P 

Oke 

P 

dl 

*--c0NETD* 

t o t a l  temperature, OR 

velocity, ft/sec 

coordinates, f t  

mixing length, f t  

fue l  inject ion angle measured from the w a l l ,  deg 

eddy viscosity,  lb-sec/sq f t  

. .. . . *  

Fuel-air rat i o  
0.0293 

equivalence ra t io ,  

kinet ic  energy efficiency 

mass density, 15-sec2/ft 4 

molecular weight 

Subscripts : 

a, f ree  stream i n  front of vehicle 

C cowl l i p  s ta t ion 

1 s ta t ion  upstream of injectors  at entrance t o  combustor 

2 s ta t ion  downstream of injectors  

3 

j jet  or  injection gas 

m main stream 

max maximum 

min minimum 

0 outer w a l l  of annulus or  duct wall. 

i inner w a l l  of annulus 

7.T normal component 

s ta t ion at  ex i t  of  combustor 

A bar over a symbol denotes average value. 



WALL INJECTION 

The gene- flow phenomena produced by normal inject ion from a flat  p la te  
i n  a supersonic stream are i l l u s t r a t e d  i n  f igure 2. The gas issuing from the 
o r i f i ce  produces a complex three-dimensional flow system, as shown, which 
rapidly turns  the  j e t  i n  a downstream direction (see refs. 6 and 20). 
traveling a distance downstream of about 10 j e t  diameters, the  jet- flow i s  
essent ia l ly  p a r a l l e l  t o  the plate ,  the  penetration has reached a near-maximum 

After 

value, and most of the disturbancee have smoothed out. . -. . . a  

The contour of a stream tube i s  shown by the long-dashed l i n e  ( f ig .  2); 
a l l  the  upstream airflow which becomes mixed with the  injected gas by the time 
it reaches some reference downstream s ta t ion  ( s ta t ion  2)  i s  contained within 
the stream tube. y2, 
the  distance from the p la te  to the 'point of zero concentration of the injected 
gas (the dashed-line boundary). A typical  cross-sectional shape f o r  the stream 
tube a t  s ta t ion  2 i s  shown; the cross section of the stream tube at  s ta t ion  1 
is asswed t o  be s h i i a s  t o  % h a t  a t  s tzc isn  2. 9ce approach t o  <he U€teimlnha- 
t i on  of the design of an inSector system is t o  assume that the dimension 
represents the required l a t e r a l  spacing between adjacent injectors and that the 
dimension y1 represents the height of a segment of airflow at the combustor 
entrance fo r  which the or i f ice  can supply fuel;  therefore, the  dimensions y1 
and z1 
they are the design parameters of in te res t .  
i n  two steps.  
penetration y2 have been correlated. Second, the  dimensions z1 and y1 
have been determined by using t h i s  correlation i n  conjunction with the r e su l t s  
of reference 6, which permit the determination of the stream-tube area r a t i o  
between s ta t ions  l a n d  2. A summary of the data on penetration at downstream 
stat ions used i n  the first s tep  i s  presented i n  figure 3 .  

A t  the reference s ta t ion,  the  penetration i s  defined as 

z1 

ident i fy  the segment of airflow assigned t o  the  single injector  and 

F i r s t ,  data i n  the  l i t e r a tu re  ( r e f s .  6, 7, 21, and 22) on the 
A design method has been developed 

Penetration 

Penetration i s  given as a function of downstream distance ( f i g .  3 ) ,  both 
parameters being i n  terms of the jet diameter. 
value of the r a t i o  of j e t  dynamic pressure q j  
sure ql. A l l  the  data correspond t o  cold mixing and essent ia l ly  no longitudi- 
na l  pressure gradient; a wide range of injectant molecular weights i s  covered 
and a range of airstreamMach numbers from about 2.5 t o  4.0. The data indicat;e 
t ha t  penetration i s  not sensi t ive t o  changes in injectant  molecular weight o r  
airstream Mach number. 

Each curve is  f o r  a constant 
t o  airstream dynamic pres- 

For scranjet  application, the dynamic-pressure ra t ios  of in te res t  extend 
up to about 4-0, and fo r  
nearly constant i n  t h i s  area. I n  the design method a reference s ta t ion  at an 
x/Dj downstream penetration could be expressed as a unique function of dynamic- 
pressure r a t i o  by using the values shown in  the  figure.  

X/Dj values greater than 10 the penexration i s  

value of 30 was selected and the assumption w a s  made that  the maximum 

The existence of th i s  



unique function has, been noted by numerous investigators ( fo r  instance, see 
ref.  2). The next step is t o  use the function t o  e v a l a t e  the dimensions y1 - 
and 21. 

The investigation of reference 6 was conducted with air-in-air mixing f o r  
A tracer- the flat-plate case (fig.  2) with a free-stream Mach number of 4.0. 

gas technique w a s  used in  conjunction with chromatograph measurements of con- 
centration. Contour maps of parameters bounded by the locus of zero- 
concentration values, including maps of concentration and mass f low per unit 
area, were established at several downstream stations. A t  the selected refer- 
ence station corresponding t o  an x/Dj value of 30 the maps were integrated 
t o  determine the t o t a l  mass f l o w  of air which originated at  station 1 (fig.  2 )  
upstream of the injector and which was contained within the mixing pattern at  
station 2 (cross section B-B). 
area at station 1 (cross section A-A) was determined as a function of the 
dynamic-pressure rat io  qj/ql. Assuming that  the cross-sectional shape of the 
stream tube was the same at stations 1 and 2, the following equations w e r e  x e d  
t o  dete-rmine the three design garmeters Tbdicated: 

From these mass-flow values the stream-tube 

where the square-root quantities i n  the numerators and denominators represent 
the square roots of the stream=tube areas at stations 1 and 2, respectively. 
The values f o r  the parameter y2/Dj 
obtaiced from figure 3 a t  an X / D j  value of 30.  m e  .Jalues f o r  %? Tz-=e%r 

equation : 

( las t  term of the f i r s t  equation) were 

( las t  term of the second equation) were determined from the following z2/D'j 



where the  numerator on the  r igh t  s ide of the equation i s  the  area of the  stream 
tube at s t a t ion  2. The parameters yl,/DJ, 

function of the dynamic-pressure r a t i o  i n  f igure 4. 
z1/Dj, and Vj/Vl a re  given as a 

Design Curves 

The top  set of curves of figure 4 gives t h e  lateral spacing and the center 
set the  penetration parameter at s t a t ion  1. The bottom s e t  represents a simple 
continuity re la t ion  f o r  hydrogen-air combustion at an equivalence r a t i o  of 1.0, 
i n  which the velocity r a t i o  V j / V l  i s  the independent parameter. The solid 
curves correspond t o  the data or' reference 6 a t  >kc3 4. 
curves fo r  Mach 3 and 5 were estimated by using the following procedure. The 
area r a t i o s  across oblique shocks w i t h  flow deflections equal t o  one-half the 
maximum value f o r  attached two-dimensional shocks were computed f o r  upstream 
Mach numbers of 3 ,  4, and 5.  The stream-tube area ra t ios  between s ta t ions 2 
and 1 determined f o r  Mach 4 w e r e  a l te red  t o  obtain values f o r  Mach 3 and 5 by 
using the  oblique-shock area ra t ios  as a basis f o r  determining proportional 
factors.  The Mach 3 and 5 curves were estimated in order t o  suggest the prob- 
a b i l i t y  of a Mach number e f fec t ;  however, experimental substantiation f o r  the 
magnitude of the e f fec t  i s  needed. 

Ziz 2~t , ta i i  z ~ i C  x x z  i 

I n  using the design curves of figure 4 the  first s tep  i s  t o  determine f o r  
a given set of conditions the value of' VJ/V1; the  je t  veloci ty  can be deter- 
mined from the jet  Mach number and temperature, and the velocity d e g m d s  
on the  conditions at  the combustor entrance which are provided by the i n l e t .  
From the velocity r a t i o  and M 1  the dynamic-pressure r a t i o  can be determined 
by using the curves. Having determined the dynamic-pressure r a t io ,  the r z c p G ~ ~ ~ +  uL-- -.-. 
fuel pressure can. be computed from q1 and M j .  The penetration parameter 
yl/Dj is  evaluated next by using the curves and qj/ql and M1. The com- 

V; 

bustor geometry at the entrance specif ies  the value 
the air and fuel;  therefore,  D j  can be determined 
t o r  diameter is found by using an appropriate value 
Final ly  the value of Z l / D j  is-.determined from the 
spacing z1 is  found. 

Another important parameter which has not been 

of y1 required t o  mix a l l  
d i r ec t ly  and thus the injec-  
fo r  the o r i f i ce  coeff ic ient .  
curves and thus the l a t e r a l  

length required f o r  complete combustion. 
on the decay of concentration with downstream distance (refs. 6 ,  7, and 22) 
were analyzed and the resu l t s  are  presented i n  figure 5.  
shown i n  figure 5 i s  considered t o  have l o w  accuracy f o r  the  following reasons: 
D a t a  from the  various sources did not always exhibit similar trends, the data 

Cold-mixing data i n  the literature 

The data correlat ion 



had re la t ive ly  high ,scatter, t he  measurements d id  not extend far enough down- 
stream and d id  not include low values of qj/ql, and the airstream Mach number - 
and injectant  molecular w e i g h t  appeared t o  be st 
insuff ic ient  data t o  es tab l i sh  these effects accurately. The l imited amount of 
data available indicated the following proportionality: 

parameters but there  were 

which was used t o  normalize the data  t o  hydrogen and a value of MI 
presented i n  figure 5. 
furnish sui table  design data  on concentration decay. 

of 2.5 as 
Additional experimental investigations are needed t o  

Penetration With Combust ion 

Equivalence-ratio dis t r ibut ions measured at the ex i t s  of several  c i rcu lar  
combustor configurations a re  presented i n  references 2 and 3 f o r  hydrogen-air 
combustion. The fidel-penetration vaiues irnyliel! by t i e  daza were estimatea 3y 
constructing s tep prof i les  of equivalence r a t i o  which contained approximately 
the same amount of f u e l  flow as the experimental p rof i les .  In  the  s tep prof i le  
the high equivalence-ratio value (near the  w a l l )  w a s  f ixed a t  the maximum 
measured value, and the low value (near the center l i n e )  w a s  fixed at  zero. 
The width of the s t ep  was  considered t o  be t h e  experimental value of penetra- 
t ion.  Comparisons of experimental penetrations with values estimated by the 
design method of figure 4 are presented i n  figure 6. 
mated values f o r  30° injection, the  penetration was assumed t o  be a function 
of the normal component of the injectant  dynamic pressure. 

In  the  case of the  esti- 

For a l l  configurations multiple rows of in- l ine injectors  were used. For 
t h i s  type of in jec tor  experimental investigations reported i n  reference 2 show 
tha t  the penetration of in-line injectors  can be correlated by using the  equiv- 
alent diameter of a single injector  with the same mass-flow capacity. Further, 
correlations i n  reference 2 indicate tha t  t h i s  type of in jec tor  configuration 
provides approximately 62 percent more penetration than a single in jec tor  w i t h  
the equivalent diameter. In estimating the penetration, values determined by 
using figure 4 were increased by 62 percent. 

The data of figure 6 show t h a t  the  design method of figure 4 overpredicts 
the penetration f o r  the 30° injectors  by amounts ranging from 8 t o  17 percent. 
For the normal-injection data, the  method underpredicts by about 5 percent. 
Although these comparisons between data and analysis are not precise, the 
design curves appear t o  be i n  substant ia l  agreement with the  data of refer- 
ences 2 and 3.  
the data and i n  establishing the design method, confirmation of these resu l t s  
should be obtained through fur ther  research, par t icular ly  t o  investigate such 
ef fec ts  as injectant  molecular w e i g h t ,  adverse p r e s - z e  gradient, and reaction. 

However, i n  view of the number of assumptions made i n  analyzing 



Equivalence-Ratio Distribution 

A t yp ica l  example of the equivalence-ratio d is t r ibu t ion  measurements dis-  - 
cussed i n  the  preceding section is  given i n  figure 7. 
the exit of a combustor of c i rcu lar  cross section during operation of t he  com- 
bustor d t h  hydrogen-air combustion. 
equivalence-ratio d is t r ibu t ion  were selected and d is tor t ion  coeff ic ients  deter- 
mined which were defined as follows: 

!The data were taken at 

Maximum and minimum values f o r  each 

The distortion-coefficient data are summarized i n  figure 8. 

Distortion coefficient is given as a function of the penetration param- 
e t e r  yl/rl estimated by the design method discussed i n  a previous secti'on. 
The s o l i d  symbols correspond t o  a.n iniect ion w-giz of 30° from 3 e  srali, arc 
the open symbols correspond t o  normal inject ion.  
a is  d is t r ibu t ion  i n  the  combustor has a d i rec t  e f fec t  on chemical combustion 
efficiency, par t icu lar ly  f o r  overal l  equivalence r a t i o s  near 1.0. 
the d is tor t ion  fac tor  of about 20 percent has been selected because t h i s  would 
correspond t o  a combustion efficiency of better than 93 percent based on mixSng 
considerations only, which is recognized as a sa t i s fac tory  goal i n  t h i s  work. 
Since the  10 percent of the radius near the center of the duct handles only 
about 1 percent of the flow, a penetration of 90 percent w a s  considered 
sa t i s fac tory  . 

The uniformity of the fuel-  

A goal f o r  

The conical-cylindrical combustor (open c i r c l e s )  did not have enough pene- 
t r a t i o n  and had correspondingly high dis tor t ions.  Diff icul ty  w a s  experienced 
i n  o p r a t i n g  at equivalence ra t ios  near 1.0 because of the interact ion of the 
combustion with the upstream flow, which prociuced Tlow separation and 
i n s t a b i l i t i e s  - 

The step-cylinder combustor (square symbols) had a downstream-facing s t ep  
which produced s table  flow, and at  equivalence r a t io s  near 1.0 the penetration 
w a s  improved. 
goal value. 

However, the  d is tor t ion  values are s t i l l  more than twice the 

For the  step-cone combustor (diamond and quarter-circle  symbols), the 
t o t a l  injector  area w a s  reduced by 25 percent compared with the step-cylinder 
i n  order t o  obtain better penetration by operating at higher f u e l  pressures. 
All four data points, which are near an equivalence r a t i o  of 1.0, have very 
high d is tor t ion  factors .  
r a t i o  of 2 .j had poor equivaience-ratlo dis t r ibut lon.  

The conical combustor (parachute symbol) w i t h  an area 

If the data were given as a function of experimental values of penetration 
(see preceding section) instead of values estimated from the design curres, 211 
the  300 inject ion data would be moved t o  lower penetration values by about 
15 percent and the maximum penetration f o r  the  six data points corresponding 
t o  values ranging from 0.98 t o  1.2 would have penetration values ranging # 



from 0.70 t o  0.73. 
ex i s t s  between the penetration and continuity i n  that equivalence ra t ios  near 
1.0 are obtained at penetration values which are too low. It appears that th i s  
problem could be solved by m a k h g  appropriate changes t o  the  in jec tor  diameters 
and t o t a l  inject ion area, using the design curves as a guide. 
the design changes were made, it i s  probable.that the goal values of d i s tor t ion  
coefficient and chemical combustion efficiency would be obtained. 

This move would make it more apparent t h a t  a mismatch 
- 

Furthermore, if 

Typical Injector  Designs f o r  lvlpo From 5 t o  12 

The design curves of figure 4 were used t o  compute sonic in jec tor  designs 
f o r  normal w a l l  in ject ion fo r  the f l i g h t  Mach number range from 5 t o  12. 
combustor entrance w a s  assumed t o  be annular i n  cross-sectional shape with a 
single row of injectors  on both the inner and outer walls. 
t h i s  problem consisted of surveying the l i t e r a t u r e  on hypersonic i n l e t  experi- 
ments t o  determine the probable i n l e t  performance fo r  purposes of computing 
flow conditions at the combustor entrance 5y usi-n-g the one-dimensional cycle 
performaxe program of reTerence 23 .  The survey m d  anaLysls of iaza I n  :ne 
l i t e r a t u r e  w a s  performed by E a r l  H. Andrews, Jr., of the Langley Research 
Center, and the r e su l t s  are  presented i n  the next section. 

The 

The f i r s t  s tep i n  

ETypersonic In l e t  Performance 

Hypersonic i n l e t s  have high amounts of heat t ransfer  t o  the w a l l s  which 
a f fec t  the  inlet performance. 
scale i n l e t  models generally correspond t o  a rb i t ra ry  values of the w a l l  heat 
transfer because of model and f a c i l i t y  l imitations.  
performance data, it i s  desirable t o  eliminate the w a l l  heat-loss variable 
ent i re ly;  a method suggested i n  reference 24 f o r  accomplishing t h i s  end has 
been adopted i n  the study of t h i s  paper, and the method is outlined i n  figure 9.  

Ekperimental data obtained i n  wind tunnels with 

I n  comparing experimental 

The i n l e t  thermodynamic cycle is i l l u s t r a t ed  i n  figure 9 by means of an 
enthalpy-entropy diagram. The flow i s  compressed i n  the i n l e t  from the Sree- 
stream pressure pm t o  the throat  pressure ply with a corresponding l o s s  i n  
energy by heat t ransfer  t o  the walls and by radiation producing a reduction i n  
stagnation enthalpy from t o  ht,l. The t o t a l  pressure i n  the i n l e t  
throat  i s  ptYl. 
the flow at the throat  i s  corrected t o  a reference adiabatic condition by using 
a hypothetical one-dimensional process corresponding t o  constant-pressure heat 
addition. 
%,w and P , ' ~ ,  respectively. 
kinetic-energy efficiency, the definit ions of which are given i n  figure 9 f o r  
both the test condition and tk- corll;zted reference adiabatic-wall case. The 
heat losses between s ta t ions m and 1 cause large losses i n  the kinetic- 
energy efficiency which are nearly completely regained by correcting t o  the ref- 
erence adiabatic case. The method of correction has some jus t i f i ca t ion  other 
than analyt ical  convenience i n  tha t  generally a major portion of the heat loss 
i n  the i n l e t  i s  absorbed by the f u e l  i n  regenerative heat exchangers and 

YW 
For purposes of comparing i n l e t  data from several  sources, 

The t o t a l  enthalpy and t o t a l  pressure i n  the throat  then become 
The measure of i n l e t  performance used herein i s  



=-cma?Im-  
reintroduced t o  the~thermodynamic cycle when the fuel is  injected near the 
inlet  throat. 

Inlet performance data  from reference 'j and references 24 t o  32 were 
analyzed, were corrected as described i n  the preceding paragraph, and a re  pre- 
sented i n  f igure 10. 
ences 5> 25, and 26, which were analyt ical  with some measure of experimental 
substantiation. 
weighted averages with the exception of those i n  references 5 and 26, which 
yere mass-momentum averaged. If veloci ty  dis t r ibut ions f o r  the flow i n  the 
throat  were available,  the mass-weighted averages and continuity were deter-  
mined independently f o r  t h i s  paper as checks on data  accuracy. 
procedures were used t o  make one-dimensional corrections t o  obtain the values 
of figure 10. 

A l l  the data were experimental except those from refer-  

I n  general, the  data were presented i n  the  references as mass- 

Real-gas 

The increase i n  k ine t i c -ene ra  efficiency obtained by correcting from 
nonadiabatic experimental values t o  reference adiabatic values i s  given f o r  
two cases i n  figure 10 (the c i rcu lar  symbols at Mach 15.3). From the s ize  cr" 
the corrections, the & s i r a b i l i t y  or' correcs9-g t o  r, rer?2rer,ce x n d i z l m  i c  
evident. The square symbols (which represent axisymmecric i n l e t s  propose& i n  
Phase I of the NASA hypersonic research engine (FEE) project)  and the diamond 
symbols (three-dimensional fixed-geometry i n l e t s )  following the same trends as 
the square symbols correspond t o  small-scale i n l e t s  and re la t ive ly  low Reynolds 
number performance. Analyses of Reynolds number e f fec ts  i n  reference 33 indi- 
cate  t ha t  if these performances w e r e  corrected t o  Reynolds numbers corresponding 
t o  f l i g h t  dynamic pressures between 1000 and 2000 psf and i n l e t s  with diameters 
of 5 t o  10 f ee t ,  the performances would l ie  between the long-dashed l i nes  of 
figure 10. 
representative of large-scale i n l e t s  and based on reference adiabatic kinet ic-  
energy efficiency values. 
e f f ic ien ty  of 1.00 ( for  reference) were used i n  the injector  design problem f o r  
B& from 7 t o  12. 

These l i nes  therefore represent an achievable band of performance 

The long-dashed l i nes  i n  addition t o  a kinetic-energy 

Engine-Cycle Analysis 

The i n l e t  performance predicted f o r  large-scale i n l e t s  and described in 
the  preceding section served as input f o r  the engine-cycle computations i n  
addition t o  the assumptions of a t ra jec tory  corresponding t o  a value of 
of 1800 psf and a fixed i n l e t  contraction r a t i o  of 12.5. This contraction 
r a t i o  provides a major portion of the thrus t  that  might be obtained by use of 
variable-geometry i n l e t s  with higher contraction-ratio potent ia l ;  however, a 
contraction r a t i o  of 12.5 might necessitate some amount of variable geometry 
f o r  s t a r t i n g  purposes at the lower f l i g h t  Mach numbers. 
data f o r  the cycle analysis i s  contained i n  tab le  I. The schedule f o r  i n l e t  
mss-capture r a t i o  -%/Ac i s  typical fo r  a Mach 10 i n l e t .  Results of the 
cycle calculation which a f fec t  the injecrtor aesigns are given i n  t ac l e  ii. 
cycle calculations were performed f o r  f l i gh t  Mach numbers from 4 t o  12; how- 
ever, the results indicated that there might be some prac t ica l  d i f f i c u l t i e s  i n  
obtaining supersonic combustion at Mach 4. 
designed f o r  the range from Mach 5 t o  12. 

&o 

A summary of the input 

The 

Therefore, the injectors  were 



In jec tor  Designs 

The in jec tor  design values determined by using figures 4 and 5 are pre- 
sented i n  figures ll and 12 as a function of flight Mach number. Figure 11 
shows t h a t  fo r  the curves corresponding t o  the  lowest i n l e t  performance the 
l a t e r a l  spacing varies from 6.8 t o  6.0 je t  diameters, and the  je t  diameter 
varies from 0.32 t o  0.47 of half of the gap between the inner and outer w a l l s  
of the annulus at  s t a t ion  1. Figure 12 shows that the corresponding f u e l p r e s -  
sures vary from 160 ps i a  at Mach 5 t o  a m a x i m u m  of 196 psia  at Mach 8 t o  
114 ps ia  at Mach 12. 
tioned may be s igni f icant ly  i n  error,  range from 12 t o  26 times one-half of the  
gap between the inner and outer w a l l s .  
the AiResearch Manufacturing Company i n  Phase I of the N A S A - m  project 
(ref. 26) correspond t o  a larger  j e t  diameter at a wider lateral spacing. 
AiResearch design should provide f u e l  penetration beyond the center of the 
annulus, or  overlapping mixing patterns i n  the radial direction; there i s  no 
reason t o  believe this  would be detrimental. According t o  figure 4, the larger  
circumferential spacing would be detrimental, although there are no data with 
smbustlon to :ccizsz? ;he a c c ~ . r x y  sr’ The p-ediztions f a r  zl;/Dj or‘ z’ig7xe 1. 

The mixing-length predictions, which *as pr.ev&ously men? 

The designs f o r  Mach 8 submitted by 

The 

STREAN INJECTION 

The discussion i n  the introduction i n  connection with figure 1 indicates 
that large combustors may require inject ion from strut-mounted f u e l  injectors  
i n  a direct ion pa ra l l e l  t o  the airflow. 
Center has contributed i n  th i s  area by using new experimental a i r - in-air ,  
parallel-mixing data t o  evaluate the empirical constants i n  the mixing- 
combustion theory of reference 12. 

Recent work a t  the Langley Research 

Theory 

The theory of reference 12 w a s  used by the Marquardt Corporation in the 
preliminary design proposed i n  Phase 1 of the NASA-HXE project ( r e f .  34).  
There are a number of turbulent mixing theories available i n  the l i t e ra ture ;  
however, the one of reference I 2  w a s  selected f o r  these investigations because 
combustion equations are included as w e l l  as the  mixing theory, and it i s  
par t icular ly  convenient f o r  scramjet work. The theory employs coordinate 
transformations, equilibrium chemistry, no considerations of chemical kinet ics ,  
and a numerical technique fo r  predicting mixing and combustion i n  axisynmetric 
or  two-dimensional flow. The theory provides f o r  up t o  a second-order pressure 
gradient i n  the ax ia l  direction and employs an eddy viscosi ty  model defined as 
follows : 

The theory also provides fo r  nonunity turbulent 
numbers. 

Prandtl, Lewis, and Schmidt 
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A n  example o f ' a  combined mixing and combustion flow field computed by 
using the  theory is  given i n  figure 13 f o r  t yp ica l  conditions at the entrance 
t o  a combustor f o r  a Mach 8 f l i g h t  condition. The j e t  of sonic hydrogen at  a - 
stagnation temperature of lx)Oo R i s  surrounded by airf low at the indicated 
conditions. The s o l i d  
curves w e r e  computed f o r  a value of the eddy viscosi ty  constant of 0.065, as 
recommended i n  reference l2 f o r  mixing with hydrogen-air combustion. The 
mixing length is  defined as the distance from the in jec tor  t o  the point where 
the equivalence r a t i o  of 1.0 l ine  crosses the center l ine ,  since any point 
downstream of t h i s  location would-have an equivalence r a t i o  of less.than.1.Q . . 
and combustion would have been completed. If the value of the eddy viscosi ty  
constant i s  reduced by a fac tor  of 2 t o  0.032, the  mixing length is  doubled as 
shown by the dashed curves. Therefore, it is. important t o  se lec t  as accurate 
a value of the  constant as possible fo r  a given s i tuat ion.  
t ions  of the  eddy viscosi ty  constant are  discussed in  the following section. 

Contour curves of constant equivalence r a t i o  a re  given. 

Experimental evalua- 

EkperiEental Evaluation of Theory 

Coaxial mixing.- A n  experimental investigation of coaxial, a i r - in-a i r  
mixing using a tracer-gas technique (ethane ) which permitted Concentration 
measurements has been completed at t h e  Langley Research Center by Marvin G. 
Torrence and James M. Eggers. The basic model consisted of a 0.96-inch- 
diameter c i rcu lar  je t  at a Mach nuniber of 0.90 surrounded by a 7.0-inch- 
diameter outer stream at Mach 1.3. The t o t a l  temperature of both s t r e a m  w a s  
near ambient temperature. Radial surveys of t o t a l  pressure, s t a t i c  pressure, 
and ethane gas concentration were performed at seven axial s ta t ions extending 
49 center-jet  diameters downstream. Gas samples were withdrawn with a c i r cu la r  
probe operating i n  a near-choked condition and were analyzed with a gas chroma- 
tograph. 
cent with values obtained by integrating pressure and concentration prof i les  
at the several  s ta t ions.  

The metered mass-flow ra tes  of the center je t  agreed within 45 per- 

Analyses of the data performed by James M. Eggers lead t o  the  following 
observations : 

(a)  The measured length of the  concentration potent ia l  core was 87 percent 
greater than the  length predicted by the correlation of reference 14, which 
expresses concentration potential-core length as a unique function of mass- 
flux ra t io .  The 87-precent discrepancy is  within the sca t te r  of data used i n  
formulating the correlation of reference 14; data sca t t e r  possibly may have 
been produced by the e f fec ts  of nozzle-exit l i p  thickness, i n i t i a l  turbulence 
levels ,  and i n i t i a l  p rof i le  shapes. 

(b) The decay of the center-line concentration downstream of the end of 
the Sotent ia l  core -ms  InT?ersel;;r przqor5ional t o  
correlations of reference 14. 

IC 2 , i n  agreenezt Tr5+h I-?? 

(2) A single -ralue of the constant i n  the  eddy viscosi ty  r e l a t i m  ~ i ?  ref- 
erence 12 did not correlate  the data sa t i s f ac to r i ly  over the en t i r e  mixing 
f i e l d  . 



I n  figures 14 and 13 the experimental veloci ty  and concentration dis t r ibu-  
t ions,  respectively, are campared with the theory of reference I 2  using the 
most favorable values of the empirical constants. F 
of the eddy viscosi ty  constant of 0.0025 was require 
extended 16.2 jet diameters downstream. 
far f i e l d .  
ment of the  theory with the data. 
data and theory at the  49 jet-diameter s t a t ion  was caused by the  gsibient air  
mixing with the Mach 1.3 airstream, which is an extraneous e f fec t .  

14 shows t h a t  a value - 
the near f i e l d ,  which 

A value of 0.0060 was required i n  the  
The use of these values, however, produced very sa t i s fac tory  agree- 

The discrepancy of about 100 fps between 

Similar correlations of concentration prof i les  i n  figure 15 indicate 
sa t i s fac tory  agreement between theory and data. 
decay, the value of turbulent Schmidt number exerts an influence. 
correlation w a s  obtained i n  the  near f i e l d  by assuming a value of 1.0; however, 
i n  the  far f i e l d  a value of 0.5 was required t o  obtain a correlation. The 
reduced value of Schmidt number i n  the far f i e l d  implies a reduced ra te  of 
momentum t ransfer  compared with mass t ransfer .  

In the case of concentration 
The data 

The eddy ?riscosity constazzt of 0.0060 - s e d  fc! corr%late  the zir-Ln-zLr 
mixing data is  less than 1/10 of the value recommended i_n relerence 12 f o r  
hydrogen-air mixing w i t h  combustion. 
the theory of reference 12 suggest that the high value of eddy viscosi ty  constant 
obtained i n  reference 12 w a s  primarily a resu l t  of not considering the changes 
i n  velocity i n  the mixing region. 
the present data resulted i n  a value of the eddy viscosi ty  constant of 0.006, 
and i n  the case of the reference 14 data, a value on the order of 0.010 w a s  
required. In correlating the concentration decay data, the  e f fec ts  of low values 
of C were of fse t  i n  both cases by using Schmidt number values l e s s  than 1.0. 
Other variables which may af fec t  the required value of eddy viscosity constant 
a re  the  injectant  molecular weight and Mach number, chemical reaction, and the  
i n i t i a l  amount of boundary layer  i n  the  flow. 

Analyses of the data of reference 14 u s i n g  

Correlation of the velocity dis t r ibut ions of 
C 

Two-dimensional mixing. - Two-dimensional momentum mixing data taken 3.nd 
analyzed by John P. Weidner of the Langley Research Center.are summarized i n  
figure 16. The model sketched at the top of the figure consisted of a two- 
dimensional duct with a width approximately equal t o  four times the height. 
The main airstream entered the duct a t  a Mach number of 4.0 and a t o t a l  pres- 
sure of 150 psia. Three inject ion nozzles were in s t a l l ed  at  the  bottom of the  
duct f o r  the purpose of producing the shock system indicated. The f i rs t  injec- 
t o r  nozzle, which furnished a l l  the inject ion air tha t  became involved i n  the  
mixing process within the  limits of the measuring s ta t ions,  w a s  designed t o  
provide an ex l t  Mach nmber of 4.5 at a t o t a l  pressure of Y O  psia. 
and pitot-pressure surveys were made at the f ive  indicated s ta t ions,  three sta- 
t ions  i n  the  bay upstream of the  intersect ion of the two 6’ shocks and two sta- 
t ions i n  the downstream bay. The measured Mach numbers at the edge of the 
mixing region i n  both streams are l i s t e d  i n  tab le  111. 
rure gradients are noted i n  both bays. 

S ta t ic -  

Small streamwise pres- 

The measured veloci ty  dis t r ibut ions are indicated by the data  points i n  
figure 16. 
an x/H value of 0.77 represents the  input f o r  the theory of reference 12. 
The curves f o r  the  other four s ta t ions  represent results computed by using 

The fa i red  curve through the data  at the s ta t ion  corresponding t o  



the  theory. 

the  two quant i t ies  i s  significant.  From s ta t ion  0.77 t o  t he  ion of the - . 
60 shocks, accurate data correlation was obtained by using a v 
viscosi ty  constant of 0 .OOl7 i n  conjunction 

s ta t ion  0.77 of 0.13gH. 
mixing rate f o r  the  very large wake caused by the  boundary layer  discharged 
from the s p l i t t e r  plate .  The theoret ical  calculations through the  two 60 shocks 
were made by using a slab technique; the s t a t i c  pressure and flow direction were 
assumed t o  be uniform on the downstream side. From the location of t he  shocks 
t o  s ta t ion  6 a value of eddy viscosi ty  constant of 0.0085 correlated the data 
sa t i s fac tor i ly ,  as shown i n  figure 16. 

In  the  two-dimensional flow of t h i s  experiment, the values of 
and the eddy' viscosi ty  constant are arbi t rary;  however, the  product of '1/2 

of the  eddy 
at 

1-h 
i n i t i a l  value of r 

It i s  noteworthy that the  theory provided the proper 

However, fur ther  analysis of the data indicates t ha t  the value of O.OOl7 
f o r  the eddy v iscos i ty  constant could have been continued through t o  s ta t ion  6 
by assuming tha t  the  reduction i n  the width of the mixing region caused by the 
6' shocks was approximately one-half that indicated by the slab calculation. 

- /  TT,-'-. The result ing data csrrelacians are 2 s  a c c t ~ p ~ c e  3s  5 b s e  af r'L+rn IS. 
a l te rna te  interpretat ion of the data is preferred Zor the foilowicg reasons: 

(a)  There i s  no known reason f o r  the eddy viscosity between the shocks and 
s ta t ion  6 t o  d i f f e r  from tha t  between s ta t ion  0.77 and the shocks; both regiors 
are i n  the near f i e ld .  

(b)  The slab method i s  only an approximation. 

( c )  The mixing region i n  the v ic in i ty  of the 6' shocks might be expected 
t o  be subject t o  high rates of mass influx caused by very high velocity gradi- 
ents  similar t o  shock-boundary-layer interactions (see re f .  35). 

This. phenomenon requires further investigation since combustors operating 
over a range of conditions necessarily w i l l  contain shock waves. 

CONCLUDING REMARKS 

The technology of fue l  injection from both the w a l l  and the stream has 
With regard 

A comparison of the method wizh corn- 

been examined i n  the l i gh t  of new data presented i n  t h i s  paper. 
t o  f u e l  inject ion from the w a l l ,  an approximate injector  design method w a s  
established by using cold-mixing data. 
bustion data indicates agreement within about 15 percent; however, research is 
needed t o  confirm th i s  result, par t icular ly  w i t h  regard t o  such ef fec ts  as 
injectant  molecular w e i g h t ,  adverse pressure gradient, and reaction. Relative 
t o  pa ra l l e l  f u e l  inJectior, in the stream, a theory which comTutes mixins and 
combustion simultaneously w a s  investigated. The empirical features required ir, 
the  turbulent mixing par t  of the theory were evaluated fo r  coaxial and two- 
dimensional pa ra l l e l  a i r - in-air  mixing. F'urther research is  required t o  eval- 
uate the e f fec ts  of injectant  molecular weight, adverse pressure gradient, air- 
stream Mach number, reaction, and shocks crossing the mixing region. 
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TABLEC I.- INPUT DATA FOR RAMJEC CYCm PROGRAM 

q, fPS 
3040 
4170 ' 

5870 
7170 
7170 

A l t ,  ft I po,, a t m  f T,, ?K 
J 

'Ike 

LOO, 0.98, 0.97 
LOO, 0.98, 0.967 
1.00, 0.98, 0.965 
LOO, 0.98, 0.962 
LOO, 0.98, 0.96 

59 4-00 
76 4-00 
88 800 
98 400 

106 400 

0.0734 

.0184 

.03g 
217 

224 
220 

Tj, OK 

165 
333 
667 

1000 
1000 

8 

10 

12 

1.00 4.51 0.667 617 7300 0.80 
e 9 8  3 *71 ,955 . 838 694-0 85 
.965 3.25 1.20 1009 - 6630 .88 

1 .oo 5.81 0 -426 623 9450 0.76 
*98 4.52 6%) 963 gOM .80 
.962 3.76 959 1273 8570 .84 

1.00 7.10 0.290 627 11580 0.62 
.98 5.18 538 1111 11070 * 65 
9 96 4.15 -813 1592 10500 .68 I 

TABm 11.- RESULTS OF RAMJEJl CYCm CALCULATIONS 

Stat ion,  X/R 

0 e77 
2.31 
3.62 
5-62 
6 -00 

b MJ 
4.47 3 a56 

3-45 4.33 
3.25 4.12 
2.82 3.62 
2.85 3.68 

I 

TABLE 111.- MACB NUMBEZS AT ECGE OF MMING REGION 

FOR TWO-DIMENSIONAL MIXING EXPERIMENT 



SCRAMJET FUEL INJECTION 
FEATURES AND PARAMETERS 

CONFIGURATION, Mj, qj, Vj, & 

. . . . . .  

STATUS 
WALL INdECTlON . . . . . . . . . . . . . . . . . . . . .  .DATA CORRELATiON 
STREAM INJECTION.. ..................... SEMIEMPIRICAL THEORIES 

Figure 1 

SCHEMATIC OF FLOW FIELD WITH WALL INJECTION 

BOW SHOCK 7 

STREAM-TUBE 

(MIXING PATTERN 1 

t---z1 ----I 
STREAM -TU BE 

CROSS-SECTION A-A CROSS-SECTION a-a 

Figure 2 



PENETRATlON DATA 

=HELIUM, REF. 21 

Figure 3 

DESIGN DATA FOR NORMAL INJECTION 
REFERENCE STATION, x/Dj =i 30 
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Figure 4 



MAXIMUM MASS CONCENTRC\TION 
HYDROGEN; Mi=25;  REFERENCES 6,7, AND 22 

e 3 r  qi/q\ 
.2 

. I  
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Kmax 
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- 
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.021 
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Figure 5 
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Figure 6 



EQUIVALENCE-RATIO DISTRIBUTION 
COMBUSTOR EXIT; REFERENCE 2 

0 .2 A .6 .8 1.0 
w r o  

Figure 7 

EQUIVALENCE -RATIO DISTORTION AT COMBUSTOR EXIT 
MULTIPLE INJECTORS IN LINE 

0 REF. 3, INJECTION AT 90" 
REF. 2, INJECTION AT 30° 
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Figure 8 



INLET CYCLE 
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Figure 9 
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Figure 10 



INJEmOR DIAMETER AND SPACING 
q,=1800 psf; Ac/A~=f2.5; +=l.O 
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Figure 11 
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Figure 12 



LOCAL EQUIVALENCE RATIOS IN SCRAMJET COMBUSTOR 
M,=8; THEORY FROM REFERENCE 12; e,. =Cr,,2(pVlt 

C 
0.065 V=6630 fps - 
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Figure 13 

VELOCITY PROFILES 
COAXIAL MIXING; THEORY FROM REFERENCE 12 

0 I-in. JET, LRC - THEORY 
C=0.0025~- - - - - - - - - -C=O.O060 -4 

> 16.2 
Dj 

400 800 1200 800 1200 800 900 1000 1100 1100 
’ELOCITY, fps 

Figure 14 
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Figure 15 

TWO-DIMENSIONAL MIXING WITH SHOCKS 
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24. IGNITION AND CHEMICAL KINETICS 

IN HYPERSONIC RAMJETS 

By E. A. Lezberg 
Lewis Research Center 

. *. . . -  

INTRODUCTION 

The calculation of super sonic combustor performance involves deter - 
mining the limitations that are imposed by the chemical reactions. 

The total reaction time in the combustor can be broken up into an 

ignition delay period in which, superficially, nothing happens and a reac- 

tion time in which the hydrogen and oxygen are consumed. A third period 

which includes part of the gas residence time in the nozzle might be called 

the recombination period in which some of the atoms and radicals recombine 

with significant chemical energy release as the gas expands. 

A number of computational methods have been developed in the past 

several years  for calculating high temperature gas flows with chemical 

reactions. Numerical techniques using Runge-Kutta or  Predictor -Corrector 

integration schemes have been in use for a number of years, (refs. 1-3). 

Generally these techniques require long computing times, especially where 

the rates of change in major species concentrations are negligible, in the 

initial delay period and near equilibrium. 

These computational difficulties can be avoided by several slightly more 

approximate techniques. For example, Bray's idea of sudden freezing cf the 

chemistry, reference 4, has worked very well for determining chemical kinetic 



losses in nozzles, and can be very useful in parametric engine studies, 

reference 5. 

The ignition delay period can also be calculated in a single step using 

an analytical solution, (ref. 6). Since the temperature and the concentra- . 

tion of major species remain nearly constant, the reverse reaction rates 

and temperature dependence of the rate constants can be neglected and the 

rate equations linearized. 

-. . ,. 

A recently developed technique, (ref, 7), linearizes the entire com- 

bustion process, essentially determining analytical solutions in small steps, 

but with allowable step sizes that are orders of magnitude larger than re- 

quired by the more conventional integration techniques. 

Whatever the calculation procedure, it is important that the proper 

chemistry and reaction rate data be used. For  hydrogen-air, those reac- 

tions which are important to the consumption of the major species and the 

recombination phases have been fairly well understood in previous analyt- 

ical work while the ignition chemistry has often been oversimplified. 

The application of chemical kinetics to supersonic combustion ramjets 

is discussed in this paper. The Mach number range has been arbitrarily 

restricted to 8 and below since the application to a hypersonic cruise air- 

plane is more likely in this range and the NASA Hypersonic Ramjet i3x- 

periment (HRE) can be used as an example. 

Aerodynamic and chemical dfects on ignition will be discussed since 

they are important to design of practical combustors and in ground test 

simulation. 

... . , 
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The chemical kinetic calculations are used to determine areas of the 

flight trajectory which should be considered to be reaction rate limited. 

HYDROGEN-AIR CHEMISTRY AND REACTION RATES 

The reactions of hydrogen and air and reaction rate constants are 

listed in table I. Thesehavebeen included except as later noted, in the 

computer programs utilizing the techniques of references 3 and 6. 

During the ignition period, small concentrations of atoms and radicals 

a r e  initially formed by a reaction such as {l). 

propagated and branched by the bimolecular reactions (2) to (4). During 

most of the induction period, the atom and radical concentrations increase 

exponentially under nearly isothermal conditions. The induction period is 

ended when the rates of the energetic three-body recombination reactions 

(8) to (11) cause the temperature to increase rapidly. At temperatures 

less than l l O O o  K and higher pressures, reactions (6) and (7) must be in- 

cluded, (ref. 6). The EO2 radical will build up in concentration since (7) 

is slow, and will effectively terminate the branching reactions by removing 

H atoms. The reactions approach equilibrium through consumption of the 

reactants (2) to (4) and the recombination reactions (8) to (11), which pro- 

duce most of the heat release. The reactions of nitrogen with oxygen, (12) 

to (14) are included in the program of reference 3, but have negligible ef- 

The chain reaction is then 

fect on the kinetics except for possible reactions of the nitric oxide which 

is formed with species containing hydrogen. These and other reactions of 

hydrogen and oxygen which may be important at low temperatures have not 



been included because of a lack of both rate data and mechanisms. The re- 

verse rates of the reactions listed in table I were determined from a tem- 

perature fit of equilibrium constant data (table II). 

IGNITION DELAYS FOR HYDROGEN-A3.R 

Calculations were made using an analytical solution for the delay period, 

(ref. 6), for a range of pressures and temperatures typical of supersonic 

combustion ramjet burner entrance conditions below M = 8, and stoichio- 

metric premixed combustion. Results of these calcuiaxions arz shcwn in 

figure 1. 

The circled points indicate the second explosion limit which is defined 

by equations (1) and (2) (ref. 6): 

k6(M) = 2k3 

(M) = (P/RT)W (2) 

and W is a weighted third-body efficiency as defined in table I. The second 

limit represents a boundary between short delays at higher temperatures and 

lower pressures and long delays at lower temperatures and high pressures. 

In the vicinity of the second explosion limit, delays increase by two orders 

or  magnitude for a 100' K temperature decrease. The ignition delays a r e  

inversely related to pressure in the high temperature region but are changed 

to a more complicated dependence near the second limit. The existence of 

the second limit and the change in pressure dependence are directly related 

to removal of hydrogen atoms from the chain reaction by reaction (6). 

37k 



Figure 2 shows a comparison of the ignition calculations to experimental 

data. The high temperature shock tube data reference 8, have been adjusted 

to the partial pressure of oxygen corresponding to a stoichiometric hydrogen- 

air mixture at one atmosphere pressure, reference 9. The low temperature 

shock tube data are taken directly from reference 10. 

The end of the delay period can be defined in a number of ways. The 

calculations indicated by the solid lines represent a 0.1 percent density de- 

crease. The dashed line was  computed for a build up of hydroxyl radical con- 

centration to 

ence 8. 

moles/liter which is the ignition criterion used in refer- 

The comparison of calculation and experiment is very good in the high 

temperature region and shows qualitative agreement in the low temperature 

region . 
Additional calculations were made for super sonic combustion ramjet com - 

bustor inlet conditions for low altitude (88 000 feet), and high altitude (122 000 

feet) trajectories of the NASA Hypersonic Ramjet Experiment Project, (refs. 11 

and 12). Ignition delays were calculated as a function of equivalence ratio for 

premixed hydrogen-air. Initial mixture temperatures were calculated for the 

nonreacting gases. Results are given in figure 3. The low pressure con- 

dition is reaction limited for the Mach 8 staged combustor design, (ref. 11), 

which is shown in figure 4, since the ignition distance is 8. 8 inches com- 

pared to 7 inches for the first stage combustor length. Ignition would be 

further delayed because of the rapid expansion following the first stage corn- 

375 



bustor e Combustion taking place at larger burner areas and higher Mach 

numbers would result in additional total pressure loss. 

Ignition for the low altitude case could take place in an acceptable flow 

length of 2.5 inches from the injection point. ’ If mixing time were consid- 

ered, delays might be considerably longer. 
Aerodynamic Effects 

Since the HRE combustor design utilizes normal injection of hydrogen 

from the wall, aerodynamic effects would be expected to increase the local 

static temperature and pressure and favorably effect ignition dehy.  Sche- 

matic representations of wall slot and jet injection a r e  shown in figure 5.  

The case of parallel injection of hydrogen into an air boundary layer 

with heated walls has been investigated in reference 13. The temperature 

profile through the boundary layer was calculated by assuming a Crocco re- 

lationship between velocity and enthalpy. 

Locally higher than free stream temperatures in the boundary layer 

were found to have a favorable effect on ignition if the delay distance based 

on the maximum temperature was  of the same order as the boundary layer 

thickness. The maximum boundary layer temperature with no mixing is 

given as, 

A temperature-pressure map, figure 6, gives free-stream burner inlet con- 

ditions for a family of supersonic combustion ramjets wilil simple two-shock 

inlets. The maximum temperature in the boundary layer is calculated by 



equation (3). The line for  100 microsecond delay indicates the approximate 

boundary between no ignition and probable ignition .conditions for  inj ection 

into the boundary layer of an engine with idet  ramp length of 75 f t .  and 

estimated boundary layer thickness, 6 = 4 in. at the inlet throat. 

A similar effect of locally high temperatures will occur with normal 

injection from the wall, figure 5, since some of the air passing through the 

boundary layer separation shock and bow shock upstream of the jet will  be 

heated nearly to stagnation conditions. The region of influence will  be de- 

termined by the size of the jet relative to the boundary layer thickness. For 

D. >> 6 the region of heating should be of the order of the jet size because 

of the rapid expansion of the air downstream of the jet. For  D. < 6 bound- 

ary layer separation is apt to occur with a more favorable effect on ignition. 

In experiments with small supersonic combustors utilizing normal jet in- 

jection, (ref. 14 and 15), results tended to indicate that ignition did not 

occur immediately at the injection point, but at a second point of injection, 

1 

3 -  

(ref. 14), o r  by inducing a strong separation, (ref. 15). 

Effects on ignition of aerodynamic heating caused by local protuberances 

and oblique shock? from wedges, were investigated in a Mach 3 stream (ref e 

16). Ignition occurred if the air static temperature was greater than 1055' K 

after passing through the disturbance. 

Effects of Vitiation Heating 

In ground test facilities, heating of air is often provided by vitiation 

with hydrogen - using oxygen make up - the justification being that the water 

is chemically inert. This assumption may be valid in the high temperature 
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region where delays are short anyway. However, in examining the reaction 

equations, tableI, two possible effects may be inferred: (1) The effects of 

water vapor as a very efficient third body on the quenching of the chain 

branching reactions by reaction (6); and (2), the effect of initially high rad- 

ical concentrations which would be produced by partial chemical freezing of 

dissociated H20 during expansion through a supply nozzle. The later effect 

would be expected to shorten the delays since the delay period is character - 

. .. . .. 

ized by an exponential. build up of radical concentrations to somi! arbitrary 

level at which the recombination heat release becomes significant. 

Figure 7 shows the effect of the percentage of water vapor on the second 

explosion limit temperature calculated from equations (1) and (2). Water is 

seen to have a strong effect on extending the region of long delays to higher 

temperatures. 

Numerical calculations of the ignition delay kinetics were made for viti- 

ated mixtures with initially nonequilibrium free radical concentrations, using 

the computer program of reference 3,  and a weighted third body efficiency 

for reaction (6). Starting conditions were a temperature of 1121' K (close 

to the second limit temperature for pure air) and pressure bf 1.7 atmospheres. 

The stoichiometric mixtures of hydrogen and vitiated air contained 51 percent 

water and a range of initial OH mole fractions which might result from freez- 

ing during a facility nozzle expansion. .Other atom and radical mole fractions 

were set  at initially low values. Results are shown in figure 8 as a plot of 

mixture temperature against time. Ignition cannot be determined by the pre-  

viously used criteria of a critical OH concentration or small density decrease 



because of the complicated behavior of the reaction histo The initial 

temperature rise is due to the heat release (47 Kcal/mol) from reaction 

(6) when H atoms recombine with 02. The removal of H atoms and radicals 

caused by reaction (6) acting together with reactions (2) to (5) quenches the .. 

branching reactions. After additional time the radical concentrations can 

again build up to produce a true ignition. 

The result resembles a two stage ignition process in which mixtures 

with low initial radical concentrations a re  quenched and can ignite only a f t e r  

long delays. Higher initial radical concentrations counteract this effect to 

produce a more normal ignition with short delays. The effect of nonequilib- 

rium free radical concentrations has been discussed theoretically in ref- 

erence 17, but since reaction (6) was  not included in the reaction scheme, 

the results would not be expected to be meaningful near the second explosion 

limit. 

There is qualitative experimental evidence that water is effective in 

narrowing the hydrogen-oxygen detonation limits (ref. 18). Shock tube igni- 

tion data (ref. 10) show increased ignition delays for stoichiometric mixtures 

with water below temperatures of about 950' K and shorter delays above this 

temperature. These results a r e  confusing, however, and indicate a need for  

further work . 
Effects of Ni t r ic  Oxide 

In ground test facilities in which air is heated to high stagnation temper - 
atures such as arc heaters and ceramic storage heaters, some nitric oxide 

is formed in equilibrium with the high temperature air. The nitric oxide 
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does not remain in equilibrium with the expansion through a supply nozzle but 

freezes chemically near the nozzle throat. These small quantities of nitric 

oxide can have a profound influence on the ignition behavior in the low tem- 

perature region. Data from shock tube experiments with nitric oxide addi-. 

tive, (ref. IO>, are shown in figure 9. The data indicate a reduction in the 

delay of two orders of magnitude below pure hydrogen-air for optimum quan- 

tities of nitric oxide, The mechanism is not defined but thought to involve the 

reaction of NO with the HO, radical to regenerate hydrogen atoms. 

.. . . 
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Since nitric oxide would not be expected to form in these amounts in a 

supersonic combustion ramjet inlet, care should be exercised in extrapo- 

lating ground test ignition behavior t o  flight. 

Ignition Sources 

Long ignition delays at Mach numbers below 8 may require ignition aids 

for supersonic combustors. These may take a number of forms including 

piloting flames, sparks, flares, strong fuel preheating, chemical additives, 

o r  use of aerodynamic effects. The use of a piloting flame has been demon- 

strated for igniting premixed hydrogen-air at low temperatures (ref. 19). 

More recently, results of ignition experiments using a platinum cata- 

lyst have been published, (ref. 20). It was possible to reduce the fuel or 

air temperature in these tests by 600' to 800' R below the temperatures 

required for noncatalytic ignition. 

HEAT RELEASE W E T I C S  

Comparison of Kinetics- and Mixing -Limited Combustion 

The kinetic calculations can be used to predict required combustor 



lengths and to arr ive at a more nearly optimum combustor geometry for the 

cases of reaction limited combustion, or  to establish whether the process is 

mixing or  reaction limited. 

The numerical calculation procedure, (ref. 3), was used to calculate the 

reaction history for the annular combustor geometry of the NASA HRE 

engine (fig, 4 )a t  Mach 8. Starting conditions were the inviscid combustor 

inlet conditions after an initial delay period. 

culated from the analytical solution (ref. 6), to provide initial radical 

concentrations for  input to the numerical calculations. This procedure 

was  used because it is believed that aerodynamic effects of fuel injection wi l l  

The delay period was cal- 

make the actual ignition delays shorter than shown in figure 3 and to shorten 

the computation time. 

Results of the calculation for an altitude of 88 000 feet are shown com- 

pared to  a mixing calculation, (ref. 11), in figure 10. Chemical reaction is 

nearly complete in a distance of 3 .3  inches, although some recombination con- 

tinues in the remaining combustor length. For this low altitude case reaction 

rates a re  sufficiently fast so that the process is mixing controlled. 

Kinetic calculations for a high altitude trajectory (122 000 feet) were 

made to illustrate a case where the reaction rates are controlling. 

Results are shown in figures 11 and 12 as plots of pressure, temper- 

ature and hydrogen mass fraction against combustor length. Combustion is 

incomplete at the combustor outlet and the recombination reactions are ei- 

fectively frozen by the more rapid expansion in the second stage combustor. 

The freezing is illustrated by hydrogen atom mass fraction (fig. 12), which 



remains nearly constant from the combustor exit to the nozzle exit. Hydro- 

gen molecule mass  fraction continues to decrease slightly because of the 

faster bimolecular reactions, but little energy is released. 

PERFORMANCE PARAMETERS 

The performance loss of the combustor or  combustor -nozzle combina- 

tion can be determined for chemical inefficiencies and total pressure losses 

due to the heat addition process. 

A chemical efficiency is defined in terms of hydrogen consumed 2nd in- 

cludes dissociation losses. 

A combustor efficiency is defined as: 

- WAC (3) - IVAC (1) 
" - IVAC (3') - IVAC (1) 

(5) 

Where, IVAC (3) = stream thrust expanded isentropically to ambient pres- 

sure  from the actual conditions at the combustor exit, IVAC (1) = combus- 

tor inlet stream thrust, IVAC (3') = stream thrust for an equilibrium com- 

bustion process for the actual combustor geometry expanded isentropically 

to ambient pressure. 

Efficiencies were determined for low and high altitude trajectories at 

Mach 8, and are listed in table III. 



For the low altitude case, chemical efficiency is relatively high at the 

combustor area ratio of 1.1 and 4.0. The drop in qcH at the larger area 

ratio is due to the equilibrium term in the denominator of equation (4), which 

decreases as the static temperature falls. A combustor efficiency close to 

100 percent indicates the insensitivity of this parameter to small departures 

from equilibrium. Dissociation losses are not charged against this efficiency 

because of the equilibrium expansion to ambient pressure in the definition. At 

an altitude of 122 000 feet the chemical efficiency is under 80 percent with 

essentially frozen chemistry to the nozzle exit. A combustor efficiency of 

64.8 percent was calculated for this altitude. 

CONCLUDING REMARKS 

Ignition behavior at supersonic combustion rami et combustor conditions 

is not as straightforward as previously thought. Conditions for ignition are 

not favorable over a wide range of conditions below Mach 8. The phenomena 

governing ignition for the supersonic combustion ramjet in this Mach number 

range is most often a complex fluid dynamic interaction which produces local- 

ly high static temperatures and low velocity or  separated regions. Fuel jet-  

boundary layer interaction or  separation regions favor ignition but are not 

readily amenable to delay calculations or  even to analytical description. Ig- 
nition delays can be calculated over a wide range of conditions using the., 

proper chemistry with an analytical technique, and these calculations can be 

useful in predicting marginal spontaneous ignition where positive ignition sys - 
tems are needed. 



Ground testing may not properly simulate supersonic combustion ramjet 

combustor inlet conditions due to the  presence of water and small quantities 

of free radicals o r  nitric oxide. Since these can have drastic influences on 

the ignition kinetics at a temperature near 1000° K, application of such igni- 

tion data to design of flight hardware should be viewed with caution. An 

exception would be data with clean air in which temperatures are not high 

enough to cause dissociation o r  nitric oxide formation. Experimental data 

is needed using carefully chosen experiments to explain the ignition kinetics 

of hydrogen with vitiated air. 

The kinetics of the heat releasing (recombination) reactions a re  well  

understood and available calculation methods can be used to predict neces- 

sary combustor lengths and to examine combustor geometry for optimum 

heat release schedules. The a priori conclusion that combustion is mixing 

limited does not appear to be valid for a range of cruise altitudes and Mach 

numbers. In these cases the combustion is kinetics limited, o r  both mix- 

ing and kinetics should be considered as interrelated. 

For  the cases considered in this paper, the nozzle expansion process 

can be considered frozen at the nozzle inlet. This is a consequence of the 

rapid expansion in the nozzle compared to the rate in the combustion cham- 

ber. This may not be a serious effect for supersonic combustion ramjets, 

however, since mission studies have indicated that nozzle kinetics losses 

are of secondary importance to nozzle friction loss (refs. 2 1  and 22). 



SYMBOLS 

A.R. 

Dj 
WAC 

KEQ. 
k 

M 

(M) 
P 

R 

T 

TMAx 
U 

W 

X 

6 

7 

P 

7 

9 

area ratio 

jet diameter 

stream thrust, seconds 

equilibrium constant 

reaction rate constant 

Mach number 

third body concentration, moles/cc, 

pressure, atm. 

gas constant 

temperature, OK 

maximum boundary layer temperature, OK 

velocity 

third body efficiency 

mole fraction 

boundary layer thickness 

efficiency 

density 

ignition delay, microseconds 

equivalence ratio 

Subscripts 

C combustor 

CH chemical 

EQ. equilibrium 

i species, initial 



f forward 

r reverse 

W wall 

00 free stream 

stagnation . b. . .. 0 
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TABLE I. - REACTION RATE EQUATIONS 
E kf = DT EXP. (EA/RT), Concentration i = moles/cc. 

kr  =kf/KEQ. 

Reaction D E EA REF 

1. H2 + O2 = OH + OH 2.50X1012 0. 39000. 23 

2. H2 +OH = H20 +H 2 . 3 0 ~ 1 0 ~ ~  0. 5200. 24 

3. H + 0 2  = O H  + O  I. 0 0 ~ 1 0 ~ ~  0. 16000. {a) 

5. O + H 2 0 = O H + O H  2 . 9 0 ~ 1 0 ~ ~  0. 18700. 25 

3 4 . 0 + H 2 = O I i + H  1.2ox1d3 0. 92 90.. " 

6. H + O2 + M = H02 + M 8.60X10 l4 0. -1280. 26 

7. H 0 2  + H2 = H202 + H 5 . 4 0 ~ 1 0 ~ ~  0. 24000. 6 

8. H 2 + M = H + H + M  1 . 0 0 ~ 1 0 ~ ~  -1.5 103000. 9 

9. O , + M = O + O + M  1 . 1 3 7 ~ 1 0 ~ ~  -2.5 118000. 27 
0 

10. H +OH + M = H20 + M 7. ~ O X I C ~ ~  -1.0 -0, 5 

l l . O + H + M = O H + M  4. oox1018 -1.0 -0. 5 

12. 0 + N 2  = N O  + N  1 . 0 1 ~ 1 0 ~ ~  0.5 75500. 9 

13. N +02 =NO + O  1 . 0 2 ~ 1 0 ~ ~  0.5 6200. 9 
- 

14. N O + M = N + O + M  1. 06X1025 -2.5 154000. 9 
C bW = 5.0 XH + 1.75 Xo + 2.15 X N ~  + 1-00 XAR + 30.0 Xp 0 2 2 &2 

a Information received in a private communication with R. S. 
Brokaw of Lewis a 

Ref. 28. 
Ref. 26. 



TABLE 11. - EQUILIBRIUM CONSTANT CURVE FITS 

KEQ. = D C  TEC EXP(FC/T) 

Reaction DC EC 

1. H2 +02 = O H  +OH 7. 64386x1O2 -3. 88060X10"1 

2. H2 +OH = H 2 0  + H 2. 15920X10-2 2. 84300X10'1 

3. H +02 =OH + O  4 . 0 7 7 9 0 ~ 1 0 ~  -4 .10380~10"~  

4. 0 + H a  =OH + H  1.88250 . 2 . 1 8 1 0 0 ~ 1 0 ' ~  

5. 0 + H20 = OH + OH 
6. H + O2 + M = H 0 2  + M 6. 99050X10-2 

7. H 0 2  + H2 = H202 + H 

8.71640X10 -2. 62470X10-1 

2. 80010X10-1 

6..66040X10-1 -4. 63830X10'2 

8. H 2 + M = H + H + M  3.6 1600 6 .39980~10 '~  

9 . 0 2 + M = O + O + M  7.  8438OX1O2 -4. 26200X10'1 

2 .7819O~ lO-~  10. H + OH + M = H20 + M 5. 95690X10'3 

11. 0 + H + M = OH + M 5. 18950X10-1 1. 57720X10'2 

12. 0 +NZ =NO + N  1.95470 9. 83510X10'2 

13. N +02 =NO + O  1.55910X10 -1. 44110X10'1 

14. NO + M = N + 0 + M 5.01700X10 -2. 81520X10'1 

FC 

- 9 . 5 7 7 4 6 ~ 1 0 ~  

7 . 9 2 3 3 0 ~ 1 0 ~  

-8. 6628OX1O3 
-9.15460x10 2 

-8. 8387OX1O3 

2 . 3 8 5 8 0 ~ 1 0 ~  

- 7 . 6 3 7 0 0 ~ 1 0 ~  
-5.24210x10 4 

-6.01680xlO 4 

6 . 0 3 4 4 0 ~ 1 0 ~  

5 . 1 5 0 6 0 ~ 1 0 ~  

1 . 5 9 1 4 0 ~ 1 0 ~  

-3.77340X10 4 

-7.60820x10 4 



TABLE III. - PERFORMANCE PARAMETERS 

COMPARISON OF LOW AND HIGH ALTITUDE CHEMICAL LOSSES 

- IVAC (3) - WAC (1) 
'C - IVAC ( 3 9  - WAC ( i j  

Altitude, Chemical efficiency, Combustor effictency 
VCH VC feet 

Combustor Nozzle Nozzle 
exit entrance exit 

A . R = 1 . 1  A , R = 4 . O  A . R = 2 3 . 6  A . R  = 1 . 1  
88 000 0.920 0.905 0.905 0.990 

122 000 .853 .798 .795 ,648 
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Figure 1. - Ignition delays for hydrogen-air near second limit. 
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Figure 2. - Ignition delay for H2-air, (p = 1.0 comparisons of calculations 
wi th shock tube data. 
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Figure 3. - Ignition delays for hydrogen-air mixtures. 
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Figure 4. - HRE Mach 8'combustor geometry annular section. 
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Figure 5. - Aerodynamic effects o n  ignition. 
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Figure 7. - Effect of water on second explosion limit. Stoichiometric 
H2-air, P = 2 atm. 
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Figure 8. -Effects of in i t ia l  radical concentrations on ignition of hydrcgen and 
vitiated a i r  (simulation of M = 8 flight). 
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Figure 9. - Effect of n i t r i c  oxide on  igni t ion delay. P = 2 ATM. 
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Figure 10. - Comparison of kinetics and mixing l imited combustion calculations. Altitude, 
88 OOO feet; M, = 4 q = 1.0, P = 1.7 atmospheres. 
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Figure 11. - Kinetic calculations of burner heat release. 
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25. THE VARIABLE-PITCH SUPERSONIC INFLOW COlvlpRESSOR 

AND ITS APPLICATION I N  A HWEBSONIC ENGINE 

By Esnanuel Boxer 
Langley Research Center 

SUMMARY 

A unique engine cycle f o r  application t o  hypersonic cruise vehicles i s  
described i n  which a variable-pitch supersonic inflow compressor is employed 
as the fan element of an intercooled afterburning turbofan. 
engine converts t o  subsonic combustion ramjet operation at  high supersonic 
speeds by stopping the fan rotat ion and varying the  fan blade angle t o  increase 
the in te rna l  contraction r a t io .  
cooling, s t ruc tura l ,  and aerodynamic f e a s i b i l i t y  of the Tvrariable-gitch sxFer- 
sonic Lnflow compressor a re  included. 

The turbofan 

m e  r e su l t s  of an experimental study of the 

INTRODUCTION 

One of the fundamental problems associated with air-breathing propulsion 
systems f o r  hypersonic f l i g h t  is  the  inab i l i t y  of a ramjet t o  produce s t a t i c  
o r  l o w  speed thrus t  on the one hand and the inab i l i t y  of a turbine engine t o  
operate a t  the high i n l e t  temperatures associated with hypersonic f l i g h t  speeds 
on the other hand. Therefore, t o  propel a hypersonic cruise airplane e i the r  
two separate types of engines must be ins ta l led  or  a composite engine, such as 
the turboramjet, must be employed with in te rna l  valving t o  d i rec t  the flow in to  
the appropriate throughflow channel as a function of  f l i gh t  Mach number. 

One potent ia l ly  a t t r ac t ive  means of overcoming the  two-engine problem has 
been proposed by M r .  Edward N.  Harris of the AiResearch Manufacturing Company 
i n  which an intercooled afterburning turbofan engine is  employed incorporating 
as i t s  fan element a variable-pitch supersonic compressor capable of accepting 
supersonic axial inflow velocity.  The engine which i s  fueled with a s toichi-  
ometric mixture of hydrogen converts t o  a subsonic combustion ramjet at  moder- 
ate supersonic speed f o r  acceleration t o  hypersonic velocity.  

SYMBOLS 

A area 

A* c r i t i c a l  area 

L.E. leading edge 

M Mach number 

- -  
I- 



B pressure 

Q heat f lux 

S blade spacing 

‘61 t emperat w e  

rotat ional  speed . .. . . *  
U 

P air  i n l e t  angle 

U so l id i ty  

PI equivalence rat i o  

Subscripts : 

3s j e t  stream 

2 point of separation 

R re la t ive  coordinate system 

s separation region 

t stagnation 

m f ree  stream 

1 s ta t ion  upstream of compressor rotor 

2 s ta t ion  downstream of compressor rotor 

DISCUSSION 

A schematic arrangement of the engine components, a description of i t s  
operation, and some of i t s  a t t r ac t ive  features a re  discussed w i t h  the a id  of 
figure 1. 
supersonic inflow velocity eliminates the need f o r  a variable-geometry i n l e t  
for  engine-inlet airflow matching purposes and thereby permits the use of a 
fixeci-geometry all-external-cnTpression inlet vhich, I n  offect, i-s Dart of  the 
engine. 
no longer ex is t s ,  resul t ing i n  a shorter, l igh ter ,  l e s s  complicated i n l e t  with 
considerably less surface area t o  be cooled at hypersonic speeds. 

In the turbofan mode of operation, the f ac t  t h a t  the fan can accept 

In  addition, the  need f o r  the subsonic diffuser  portion of the i n l e t  

4uc: 



For f l i g h t  Mach numbers from take-off t o  approximately 1.5, the inflow 
velocity t o  the  fan is subsonic and i ts  value is dependent upon blade p i tch  
angle. At higher flight Mach numbers, the i n l e t  geometry predetermines the 
supersonic inflow velocity t o  the  fan. Under these conditions, the blade pi tch 
angle i s  adjusted t o  maximize fan performance and a l s o  t o  ensure compatibility 
with the  exis t ing i n l e t  velocity t o  prevent subc r i t i ca l  i n l e t  operat ion with 
i t s  attendant high spi l lage drag as may occur with fixed-pitch blading ( r e f .  1). 

The entering flow is decelerated and compressed i n  the fan stage and 
enters the fan duct subsonicalsy. A portion of the flow i s  ducted t o  .the*ga's 
generator. Although conventional gas generator components can be used t o  power 
the fan turbine, advantage can be taken of the cooling capacity of the hydrogen 
f u e l  t o  provide a unique gas generator with desirable character is t ics  f o r  
application i n  t h i s  engine. 

The air  which enters  the gas generator i s  precooled by means of a fuel-  
cooled heat exchanger t o  maintain approximately constant air  discharge tempera- 
ture .  Additional intercooling i s  enplcyed t o  obtain high oveTa11 coqres sc r  
pressure ra t ios  near 50. ALL the englce fue l  i s  indected In  a very 5.xL-ri:k 
primary combustor, which resu l t s  i n  a low turbine i n l e t  temperature of approxi- 
mately 1200° F. The combination of high pressure r a t i o  due t o  intercooling and 
the fuel-r ich combustion process resu l t s  i n  bypass ra t ios  approaching 10. The 
high bypass r a t i o  and high hub-tip-radius r a t i o  of the fan permit the use of cen- 
t r i f u g a l  gas generator compressors fo r  more a t t r ac t ive  flow matching and pack- 
aging purposes. The fuel-rich mixture is  expanded through the fan turbine and 
in to  the  cooled afterburner where the excess f u e l  is mixed and burned w i t h  the  . 
bypassed air. 
generate thrus t .  

The hot gas then expands through the  variable-area nozzle t o  

A t  a Mach number of approximately 3.5, the  mode of engine operation changes 
t o  tha t  of a subsonic combustion ramjet. A brake stops the fan wheel rotation, 
the gas generator ducts are  closed, m d  the fan-blade pi tch angle i s  p?si t icned 
i n  such a manner as t o  increase the  overal l  contraction r a t i o  of the i n l e t .  
The fan blades then form that par t  of the i n l e t  compression system i n  which the 
terminal shock i s  Located. The fue l  i s  injected i n  the afterburner and burzled 
and the hot gases exhaust through the nozzle. Because the fan blades are 
exposed t o  the aerodynamic heating associated with high speed f l i gh t ,  they a re  
fue l  cooled i n  t h i s  mode of operation i n  addition t o  the remainder of the  
engine surfaces exposed t o  the high temperature environment. 

To determine the engine performance and the sens i t i v i ty  of the cycle ta 
variations i n  component pressure r a t i o  and efficiency, a parametric engine 
cycle study w a s  performed for  an overal l  equivalence r a t i o  of 1.0. The nominal 
leve l  of performance of each component is  l i s t e d  i n  table I. 
over most of the range of f l i g h t  speeds, the l eve l  of combustion efficiency and 
nozzi.2 discharge coefficient s ignif icant ly  affectea engine performance, &nu GO 

the  same degree as for conventional engines. Variations i n  gas generator e le-  
ment pressure r a t i o  or efficiency do not sensibly a f fec t  engine performance; 
t h e i r  only e f fec t  i s  t o  vary the required bypass r a t io .  
performance is i l l u s t r a t e d  i n  figure 2. In  the  l e f t  plot ,  the  specif ic  impulse 

It w a s  found t h a t ,  

The e f fec t  01' fan 



and corresponding specif ic  th rus t  are shown as a function of fan total-pressure 
r a t io .  A t  take-off and low f l i g h t  speeds, the  specif ic  impulse is very much a 
function of fan pressure ra t io .  A counter-rotating supersonic compressor with - 
a potent ia l  pressure r a t i o  near 4 w i l l  s ignif icant ly  increase the take-off 
th rus t  compared t o  t h a t  of single-stage reaction designs which have consistently 
demonstrated pressure ra t ios  of approximately 2. A t  high f l i g h t  speeds, the 
engine performance is  much less sensi t ive t o  the  at ta inable  fan pressure r a t i o  
fo r  e i the r  fan design. 

It can be seen tha t  fo r  a given fan-pressure r a t i o  and f l i gh t  conditiqn, . 
the specif ic  impulse i s  independent of fan efficiency. It should be emphasized 
tha t  t h i s  is t rue  only i f  the pressure r a t i o  and equivalence r a t i o  are  held 
constant as eff ic iency varies.  The range of low fan eff ic iencies  assumed at  
supersonic speeds is a result of charging t o  the fan the  terminal shock losses 
within the blading due t o  the supersonic axial entry velocity, whereas f o r  con- 
ventional compressors these losses are charged t o  i n l e t  recovery. Although the  
l eve l  of fan efficiency a t  constant Dressure r a t i o  Goes not a f fec t  the specif ic  
L q 9 - s e ,  the achievement of f s A  efficiency 2s hi& as gossible i s  desirable 
because or' the resul t ing higher jypass razi.3 - d i e 5  p m i z s  The ilse of sml le r ,  
l i gh te r  gas generator elements. 

The success of t h i s  engine concept is fundamentally dependent upon the 
achievement of the technology associated with the variable-pitch supersonic 
inflow compressor, although other serious design problems ex is t  which must 
be solved. Therefore NASA, with additional funding by the U.S. A i r  Force, 
i n i t i a t e d  a study with the AiResearch Manufacturing Company t o  determine the  
f e a s i b i l i t y  of such a compressor. 
demonstrate the a b i l i t y  t o  fabr icate  a ful l -scale ,  flight-weight compressor 
blade capable of adequately being cooled under conditions simulating hy-per- 
sonic f l i g h t ,  t o  demonstrate t ha t  such a blade and supporting elements would 
be s t ruc tura l ly  sound when whirled a t  high t i p  speeds, and t o  demonstrate, 
through cascade tes t ing ,  the a b i l i t y  of the cQmpressor t o  operate w i t h  super- 
sonic axial inflow velocity at an acceptable leve l  of performance. 

This study required the contractor . t o  

For the cooling and s t ruc tura l  t e s t s  two ident ica l  blades were designed 
with a 6-inch chord and an aspect r a t io  of approximately 1.0 and were fabr i -  
cated of a super a l loy  ( f ig .  3 ) .  
with the type of t e s t ing  t o  be done. 
plate-fin-type construction with a representative but a rb i t ra ry  blade cross- 
sect ional  shape. 
root manifolds and a corrugated centerbody. Prior cooling and fabrication 
experience dictated a minimum leading-edge radius of 0.030 inch and a leading- 
edge wedge angle of 8'. The gaseous hydrogen coolant i s  routed through the  
c i rcu lar  blade-root platform and the lower manifold which contains o r i f i ce s  
designed i n  such a manner as t o  d is t r ibu te  the coolant f l u i d  roughly propor- 
t i ona l  t o  the calculated heat f'lw shown. %le coolant is then cc~lLz.c?& 12 
the t i p  manifold and routed t o  the e x i t  down the center of the blade. 

The base of each blade varied i n  accordance 
The blade surfaces were of a double-wall 

The blade surfaces a re  supported by being brazed t o  t i p  and 

Five heating cycle t e s t s  were successfully made i n  a supersonlc cascade 
with a v i t i a t ed  airstream a t  a temperature of 3400° F simulating Mach 7 stag- 
nation enthalpy. The average metal temperature as determined by temperature- 
sensi t ive paint w a s  approximately 1000° F except along the leading edge where, 
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due t o  in te rna l  leakage which reduced the coolant flow, the leading-edge metal 
temperature w a s  estimated t o  be 1400° F ra ther  than the design value of 1185O F. - 

The s t ruc tu ra l  strength demonstration was performed with a single blade 
mounted on a whirl  a r m  i n  a three-bearing arrangement as shown i n  figure 4. 
The center of gravi ty  of the blade was of fse t  f romthe  center of rotat ion an 
amount suf f ic ien t  t o  approximate the steady-state aerodynamic blade loading. 
The blade, shank, and bearings successfully demonstrated the s t ruc tura l  integ- 
r i t y  of the design at  a t i p  speed of 1470 feet/second, which is 10 percent 
greater  than the design operating value. 

A more complete description of the blade design and t e s t  results is  con- 
tained i n  reference 2. 

To determine the  poten t ia l  aerodynamic performance of the compressor, 
supersonic cascade tests were made at conditions simulating three f l i g h t  Mach 
numbers. In al l ,  eight blade sections were tes ted  corresponding t o  two single- 
stage and counter-rotating fan designs. 
blading, l imitat ions were imposed on The m&ximum blade c a b e r  mgls Z G  z~.s';-rc 
r e s t a r t  capabili ty of the i n l e t  during the ramjet mode should the t e rn ina l  
shock be inadvertently expelled. 

In t he  aero6yzazic %esl:n 92 :he 

A typ ica l  schlieren photograph i l l u s t r a t i n g  the flow within the blades at  
a simulated f l i g h t  Mach number of 2.4 i s  shown i n  f igure 5 .  
is  diffused t o  an axial Mach number of 1.62 by passage through an assumed wing 
leading-edge shock and the i n l e t  conical shock. Test conditions shown repre- 
sent blades with a so l id i ty  of 2.0 operating at a re la t ive  i n l e t  Mach number 

The fan i n l e t  flow 

of 1.89. 

Only with supersonic axial veloci ty  can an oblique shock be generated by 
the leading edge of the  convex surface and l i e  within the passage. 
shock falls  ahead of the leading edge of the following blade, the fan cznno?; 
accept supersonic inflow and the in l e t  must operate subcr i t ica l ly .  Typically, 
the convex-surface leading-edge shock causes flow sepFration on the concave 
surface with rapid reattachment of the flow. For conditions where the  shock 
impinges closer t o  the leading edge, laminar leading-edge separation takes 
place i n  agreement with previous boundary-layer theory (ref. 1) and reattaches 
t o  the  surface without s ignif icant ly  affect ing the flow pat tern fa r ther  down- 
stream. For conditions f o r  which there are no ana ly t ica l  solutions, a detached 
bow wave is generated ahead of the leading edge and true i n f i n i t e  cascade 
entrance conditions are  not realized. On the convex surfaee, the flow sepa- 
rates without reattachment f o r  a l l  tests, so tha t  t he  flow exi ts  the blade pas- 
sage as a supersonic stream considerably narrower i n  width than the blade 
spacing. The flow then undergoes a dump-mixing diffusion process downstream 
of the cascade with a rise i n  s t a t i c  pressure and a s ignif icant  additional 
total-pressure l o s s .  

If the 

Ty-pical cascade performance measured at  the midspan s ta t ion  approximately 
1 chord behind the t r a i l i n g  edge is presented i n  figure 6. 
ery and ex i t  Mach number are  shown as a function of the  static-pressure r a t i o  
across the cascade. The mass averaged data as recorded i n  the t e s t s  a re  

The pressure recov- 



represented by the open symhols. 
taking the measured data and correcting t o  uniform exit conditions by means of 
a momentum-m;ixing process. - 
t ha t  the data as measured are essent ia l ly  i n  agreement with that determined f o r  
uniform exit conditions. Xowever, at a Mach number of 1.89 the 1-chord distance 
t o  the measuring s t a t ion  w a s  insuff ic ient  f o r  nearly complete mixing to occur. 
The measured pressure recovery is low compared with the l eve l  of performance of 
supersonic diffusers,  mainly due t o  the  dump diffusion. Based upon data  sup- 
pl ied by the contractor, an in-house method of predicting the supersonic cas- 
cade performance was  developed and is  presented i n  the appendix. The agreement 
between measured and calculated performance i s  surprisingly good i n  view of the 
unsuccessful past  e f fo r t s  t o  predict supersonic cascade performance of reaction 
blading. With t h i s  method of performance prediction as a tool ,  it may be pos- 
s i b l e  t o  design more e f f i c i en t  blading within the r e s t r a in t s  imposed by the 
aerodynamic and mechanical requirements of t h i s  compressor. 

The so l id  symbols indicate the r e su l t  of 

A t  an in le t  Mach number of 1.40, it can be seen 

The cascade t e s t s  demonstrated the a b i l i t y  of the compressor t o  operate 
75th supersmi:: .%xi21 inflow velocity.  To deternine whether o r  not sn acceTt- 
able leve i  of performance xas achieved in  view 02 the high l = a s e s ,  ;>e z?es',i:?c;n 
cascade data were used t o  predict the m a x i m u m  potent ia l  compressor pressure 
r a t i o  and efficiency of these single-stage and counter-rotating blade 6esigns. 
With these data  and assumed character is t ics  of the other engine componerts, the 
engine specif ic  impulse and thrus t  were calculated and are  presented as a func- 
t i o n  of f l i gh t  Mach number i n  figure 7. 
were u t i l i zed ,  the engine performance is  shown as bands. These bands a re  
superimposed upon l ines  of engine performance f o r  constant nozzle-to-free- 
stream total-pressure r a t i o  f o r  stoichiometric fue l -a i r  ra t io .  In  t h i s  manner 
the approximate leve l  of the product of i n l e t  recovery and fan pressure r a t i o  
i s  apparent. 

Since the r e su l t s  of many cascade t e s t s  

A t  sea-level s t a t i c  conditions, the counter-rotating fan engine produces 
considerably greater thrust  than the single-stege design not only because of 
i t s  higher fan-pressure-ratio potent ia l  but a lso because of the s w i l s r  re la -  
t i v e  e f fec t  upon performance of the  20-percent total-pressure loss associated 
with a sharp-lip i n l e t  a t  high inflow velocity ( r e f .  3 ) .  A t  high f l i g h t  Mach 
numbers, the two types of compressors yield almost ident ica l  engine perfor- 
mance. Although the counter-rotating design appears t o  be more desirable f o r  
use i n  an accelerator engine, i ts  estimated low fan efficiency resu l t s  i n  
bypass r a t io s  of 3 t o  5 which preclude the use of centrifugal gas generator 
compressors, whereas bypass ra t ios  of 10 t o  12 f o r  the single-stage design w i l l  
r esu l t  i n  smaller and l i gh te r  gas generator elements. Variable-cowl-lip georo- 
e t r y  w i l l  increase the thrus t  potent ia l  of the single-stage design approxi- 
mately 15 percent at  take-off,' so that i t s  specif ic  th rus t  is comparable t o  that 
of current hydrocarbon-fueled afterburning turbofans. It thus appears t ha t  
e i the r  type of fan w i l l  operate at an acceptable l eve l  of pere A o m n c e  . 

CONCLUDING REMARKS 

The s t ruc tura l  and cooling tests have demonstrated the f e a s i b i l i t y  of the  
fabrication of the variable-pitch blade; however, the de t a i l s  of the  



pitch-change mechanism, coolant routing, and effects of fluctuating air loads 
have not been investigated. 
predicted from cascade results, it is necessary obtain actual compressor 
data and inlet recovery data in the ramjet mode fore the feasibility of the 
variable-pitch supersonic compressor concept can be assured. 
other problem areas, such as the fuel distribution and engine control systems, 
part power operation, and fuel rich combustion, must be investigated to deter- 
mine the overall merit of the variable-pitch engine. 

Although adequate compressor performance may be . 

In addition, 
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APPENDIX 

8llEHOD OF PREDICTING S om[: CASCADE 

A simplified procedure to predict the performance of ction-type super- 
sonic cascades is herein outlined and is applicable 
employing large camber angles. For blades of this t rge regi6ns of sep- 
arated flow exist near the convex surface without flow reattachment to the sur- 
face prior to the blade exit. Downstream of the cascade, the flow is diffused 
by means of a dump-mixing process as the separation bubble collapses. 
determine the stagnation-pressure loss and static-pressure rise as the flow is 
diffused, it is necessary to know the lateral extent of either the separated 
region or the jet stream and the jet-stream Mach number at the trailing 
edge of the cascade. With these parameters known, the equations of conserva- 
tion of mass, energy, and momentum are applied as the flow mixes and is assumed 
to ?low uniformly across the domstreazn ~ ~ o w ~ d a r j  ai' vidth ecp.zl to %he blade 
spacing s .  

To 

MAs 

The static pressure ps throughout the separated region shown in the 
sketch is assumed to be constant and is assigned arbitrary values. The maxinun 
limiting value of static pressure is discussed later. In addition, the static 
pressure is assumed to be uniform across the trailing edge of the cascade. 
Although this assumption is a gross misrepresentation of the actual flow for 
blades of large curvature, the variation in the answers is insignificant when . 
compared with the results of calculations assuming linear variation of static 
pressure from the separation streamline to that corresponding to a Mach number 
of 1.0 at the concave-surface trailing edge. 

STA. 2-- 



The stagnation-pressure recovery at the t r a i l i n g  edge pt is 

assumed t o  be equal t o  t h a t  f o r  a normal shoc 
number Mm f o r  subsonic axial i n l e t  Mach numbers. For s axial Mach 
numbers, the  stagnation-pressure recovery i s  calculated t o  be the  product of 
the recovery across the suction-surface leading-edge oblique shock and the  
recovery f o r  a normal shock a t  the Mach number M e d i a t e l y  downstream of the 
oblique shock. 

i n l e t  Mach - 

. .  . The Jet-stream Mach number, assumed t o  be uniform, is determined from the 
trailing-edge static-to-stagnation pressure r a t io .  The exit- jet-stream flow 
area is then determined from the  continuity relationships.  With the assump- 
t ion  t h a t  f o r  a sharp-trailing-edge blade, the  flow leaving the blade as well 
as tha t  at the downstream boundary is pa ra l l e l  t o  the concave surface at the  
t r a i l i n g  edge, the dump-area r a t i o  is  obtained from 

For the calculated dump-area r a t i o  and jet-stream Mach number, the downstream 
s t a t i c  and stagnation pressures and corresponding Mach number may be obtained 
by the methods of references 4 and 5 ,  extended t o  include supersonic jet-stream 
velocity. 

* 
The flow measurements made i n  the  cascade tests indicated tha t  due t o  side- 

w a l l  separation and nonidentical flow patterns i n  the  blade passages, the  mass 
flow rate at  the midspan measuring s t a t ion  of the cent ra l  passage exceeded the 
flow ra t e  entering tha t  passage. The mixing equations were therefore moclified 
t o  r e f l ec t  a reduction i n  downstream flow area proportional t o  the measured 
excess flow ra te  i n  order t o  compare the t e s t  results with those calculated and 
presented i n  figure 6. 

The s t a t i c  pressure i n  the separated flow region, which w a s  assumed t o  be 
constant, has indeed been found t o  be constant i n  the cascade tests and i t s  
value depends upon the chordwise location of the  separation point. 
increasing downstream thro t t l ing ,  the separation point moves upstream and for-  
ward of the point at which the concave-surface leading-edge oblique shock 
interact ion with the  boundary layer  causes separation t o  occur at  low back 
pressures. 
oblique shock interaction, the pressure i n  the separated flow region may be 
calculated by determining the  loca l  Mach number M2 and s t a t i c  gressure p2 
immediately upstream of the separation point by using single-family shock- 
expansion theory and applying the peak pressure r a t i o  c r i t e r i a  f o r  turbulent- 
boundary-layer separation of reference 6 t o  calculate  The appl icabi l i ty  
of t h i s  method t o  predict  the pressure i n  the separated flow region i s  indicated 
i n  figure 8 i n  which the calculated values were obtained by the present method 

With 

For an a rb i t ra ry  location of the separation point upstream of the  

ps . 



i n  conjunction with,schlieren photographs. 
separated region is  defined t o  exist with the separation point at  the most for- 
ward position for  which the oblique shock caused by the flow separating from 
the surface does not propagate disturbances ahead of the leading edge of the 
following blade. 

The maximum s t a t i c  pressure in  the 

- 
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TABL.E I*- ASSUMED ENGINE C O ~ ~  P E R F O M C E  VAWTES 

Assumed 
perf o m n c e  

value 
Inlet : 
Pressure recovery at - 
Sea level at M, = 0.. . . . . . . . . . . . . . . . . . . . . .  o .80 
37 000 ft at & = 1.0 . . . . . . . . . . . . . . . . . . . . . .  0.9.7 . 
5OOoOftat M , = 2 . 0 e  . . . . . . . . . . . . . . . . . . . .  0 -95 
60000 ft at I& = 3 . 0 .  . . . . . . . . . . . . . . . . . . . .  0.90 
80 000 ft at & = 4.0 . . . . . . . . . . . . . . . . . . . . .  0.83 

Fan: 
Pressure ratio . . . . . . . . . . . . . . . . . . . . . . . . . .  Variable 
Efficiency . . . . . . . . . . . . . . . . . . . . . . . . . . . .  Variable 

Heat exchangers (two ) : 
Air pressure recovery . . . . . . . . . . . . . . . . . . . . . .  0.95 

Gas generator compressors (two) : 
Pressureratio*. . . . . . . . . . . . . . . . . . . . . . . . .  
Efficiency . . . . . . . . . . . . . . . . . . . . . . . . . . . .  

Primary burner : 
Pressurerecovery . - .  e e a e e e e * .  
Efficiency.. . . . . . . . . . . . . . . . . . . . . . . . . . .  

High pressure turbine: 
Efficiency.. . . . . . . . . . . . . . . . . . . . . . . . . . .  

Inter-turbine duct: 
Pressure recovery . . . . . . . . . . . . . . . . . . . . . . . .  

Low pressure turbine: 
Efficiency.. . . . . . . . . . . . . . . . . . . . . . . . . . .  

Fan duct: 
Pressure recovery . . . . . . . . . . . . . . . . . . . . . . . .  

Duct burner: 
Pressure recovery . . . . . . . . . . . . . . . . . . . . . . . .  
Efficiency.. . . . . . . . . . . . . . . . . . . . . . . . . . .  

Echaust nozzle : 
Velocity coefficient . e . . - e ., e (I 

4.0 
0.80 

0.95 
0.98 

0.85 

0.95 

0.85 

0.95 

0-90 
0.95 

0 $8 



SCHEMATlC DIAGRAMS OF VARIABLE-PITCH ENGINE 
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HYDROGEN-COOLED COMPRESSOR BLADE 
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26. MEASUREMENT TECHNIQUES FOR 

HYPERSONIC PROPULSION 

By L. N. Krause, I). R. Buchele, and I. Warshawsky 
Lewis Research Center .. . .- 

INTRODUCTION 

The engineering development of propulsion systems involves studies 

of components and tests of the complete engine. During component 

studies, extensive detailed measurement; a r e  required; in testing the 

complete engine, only certain overall-performance parameters a re  of 

main interest. 

Examples of some of the quantities of interest during component 

studies are: 

Inlet: efficiency, pressure ratio, skin friction, heat transfer rates, 

inlet unstart. 

Combustor -nozzle: efficiency, initial fuel distribution, local fuel- 

air ratio, heat transfer rates, skin friction, degree to which 

equilibrium is reached, detection of ignition point. 

Some of the quantities of interest during complete engine testing 

are: internal thrust , specific impulse, thrust coefficient, and heat 

transfer rat e s . 
The prim? -7 measurements required to obtain the majority of these 

quantities are: force, pressure, enthalpy o r  temperature, flow rate, 

and gas composition. In this report, emphasis will  be placed on the 



following specific measurements: thrust, total and static pressure, air 

and fuel flow rate, gas composition, total enthalpy and related quantities, 

and static temperature and related quantities. 

Table I lists some of the conditions throughout a ra-m jet engine for . .. . . *  

a Mach 8, 120,000-foot-altitude operation. Figure 1 shows station 

locations. It is noteworthy that, in front of the engine, the total temper- 

ature is above the range of conventional thermocouples, but the static 

temperature is too low for most optical techniques. Another condition 

worth noting is the low static pressure encountered in f rom of the engine. 

These points wi l l  be discussed in the following text. 

An important general principle concerning internal measurements is 

that, if any internal probing is to be done, it should be done during 

the component-testing phase rather than during complete-engine testing. 

The problems associated with surveying the internal supersonic passages 

of a complete engine are too severe, from the standpoints of aero- 

dynamics, heat transfer, and mechanical design, to allow effective selu- 

tion. However, probe surveys in  front of the complete engice and behind 

its exit plane remain feasible. 

In the case of certair? variables, a particular measurement technique 

is clearly to be preferred, and is wel l  established and in routine use, 

so that a detailed description of its implementation can be furnished. 

In the case of other variables, a variety of techniques exist that a r e  of 

comparable merit and that supplement each other in providing useful 

information; some of these a re  in early stages of development. These 

techniques can only be listed and described briefly. The selection of 



which are to be used will  depend on the particular application and on 

the instrumentation skills and apparatus available to the experimenter, 

Because of the scope of this report, only the main features of the 

measurements will  be discussed, and the reader will be referred to some 

selected references for more details and more comprehensive bibiiog- 

raphies. This report wil l  be limited also to measurements of slowly 

varying quantities, and wil l  emphasize those that characterize the 

. .- . .  

performanee of a practical engine. 

THRVST 

Some of the considerations affecting the design of a thrust-measuring 

system for a complete engine are illustrated ir, figure 2. Aerodynamic 

heating, as well as heating due to combustion, may produce slight dis- 

tortions of the aircraft structure. It is therefore desirable that a single 

thrust-measuring spring take almost all of the thrust load, because 

differential thermal expansion might produce non-pertinent loads on 

springs attached at several locations. However, the use of a single 

principal spring to constrain thrust is inadequate to fix the position and 

attitude of the engine; hence auxiliary springs, comparatively weak in the 

thrust direction, are used'to constrain piteh, yaw, and side motion. The 

pitch-constraining spring is particularly important, because the center 

line of thrust is removed from the base of the spring, 'so that there is a 

large pitching moment. 

However we l l  the auxiliary springs are designed to act orthogonally 

to the thrust direction, they wil l  nevertheless provide scme slight thrust 

constraint. Additional constraints will  be provided by piping to the engine, 



such as fuel and coolant lines. In order that these additional constraints 

be minimal, the piping should be hinged by elastic metallic-bellows joints 

at each end of the pipe, the axis of the piping should be normal to the 

thrust direction, and the &xis should be close to the principal engine 

support in order to minimize pitching moment. The effect of varying 

hydraulic pressures upon the thrust indication should be determined in 

preliminary cold runs; those pressures which prove signficant should then 

be recorded during any actual test run, and appropriate correction made. 

All-metailc, elastic construction of the piping and its beilows -type hinges 

is necessary because this piping constitutes an appreciable fraction of the 

thrust-measuring spring system and the spring constant of the piping will  

vary least with respect to  temperature, internal pressure, time, and 

installation artifacts if the piping is metallic and elastic. 

Detailed consideration of the actual thrust-measuring instrument is 

not possible here because it depends on details of the actual installation. 

In general, this instrument will  measure the deflection of a spring o r  the 

strain in a spring. Particular attention must be paid to preventing s t resses  

in the spring mounting and attachment from influencing the measurement 

and to preventing transient temperature gradients from affecting the 

measurement, either through differential thermal expansion o r  through 

thermoelectric emf's. (Commercial "load cells'' are compensated for 

steady-state cell-temperature changes but a re  not ordinarily compensated 

for temperature gradients. ) 

The thrust calibration of the entire installation must be established 



after all piping is in piace and, preferably, when all piping is as near to  

operating temperature as possible. 

The dynamic characteristics of the engine support and constraiKt 

system must be known and must be suited to reliable thrust measurement. 

Any spring-mass system will oscillate in every one of its modes. These 

natural oscillations will be only slightly damped if the spring system has very 

low hysteresis, unless deliberate velocity damping is added. There are at 

least six fundamental modes - more, if the engine structure is cot rigid. 

For this reason, it is desirable that the varicus points c.f art,a.chment of 

restraining springs to the engine be tied together by a comparatively 

rigid shell, as shown in figure 2. 

Pitch, roll, and yaw moments, and side forces, may be induced if 

fluctuating angles of attack prevent the shock f rom attaching uniformly 

around the entire periphery of the inlet lip and remaining attached. 

However, the predominant oscillations wil l  be in thrust and in pitch. 

Such oscillations wil l  be induced whenever there is a change in force o r  

moment; for example, when the engine is started, stopped, or accelerxea,  

when the inlet spike position is changed, o r  when the ambient supersonic 

flow is initiated or  terminated. 

The various natural frequencies of oscillation shouid be kept as high 

as possible. As a rule of thumb,' a longitudinal natural frequency exceed- 

ing 50 hertz is desirable. This criterion is tantamount to rrq-iiirir:g +ha: 

the longitudinal deflection of the thrust-measuring system under a force 

numerically equal to the sea-level weight of the engine shall be less than 

0.004 inch. 
- -  -- 



The oscillation of a 50-hertz system damped only by elastic hysteresis - 

may persist for several tenths of a second after initiation, before the 

amplitude drops below 10 percent of the initial value. Consequently, 

additional damping is generally necessary in order to be able to follow 

thrust fluctuations accurately. Mechanical viscous damping is most 

desirable, although inconvenient. Electrical damping of the thrust- 

transducer output may be used, but it cannot prevent the initial mechanical 

amplification of natural frequencies. (It should be noted that high-order 

filters with sharp high-frequency cutoff show overshmt in resporise ;a 

impulsive load changes. ) Furthermore, if only electrical damping is 

used, the thrust spring must have an additional design safety factor of 2,  

because the maximum spring stress and deflection will be twice the 

steady - state value. 

If the shocks of initiating and terminating the supersonic flow may 

exceed the normal thrust range, additional design safety factors must be 

applied, o r  else mechanical locks must be provided to  restrain the engine 

until steady supersonic operation has been reached. 

If a sampled-data system of thrust recording is contemplated, it is 

essential that initial runs be first made with a continuously recorded 

analog system. These analog runs will  show what natural frequencies 

are appearing in the thrust record. The data sampling rate should then 

be chosen so that there a re  at least ten samples per period of the highest 

natural frequency, of appreciable amplitude, that had appeared in the 

analog record. 

The thrust indicated by the thrust-measuring system must be reduced 

422 



by the external drag, to yield the net engine thrust. If the external drag 

is 5 percent of the net thrust, an e r r o r  of 5 percent in drag wil l  cause only 

1/4 percent e r ro r  in thrust. Thus, it is sufficient to measure external 

drag during cold tests in the wind tunnel o r  in flight, with interference 

effects from adjacent bodies similar to  those found in actual hot runs, and 

it may even be sufficient to predict the external drag from analytical 

computations, without recourse to experiment e 

However, reproducibility of external drag is achievable only if the 

springs and piping shovn in figure 2 a r e  properly shrouded by telescoping 

fairings, with the principal fairing attached to the wind tunnel o r  carr ier-  

plane structure, as suggested in the sketch in the corner of figure 2.  

TOTAL PRESSURE 

The pitot tube is one of the simplest of all flow measuring instruments. 

For equilibrium conditions, the total-pressure tube will  indicate true total 

pressure in subsonic flow and will  indicate true total pressure behind the 

normal shock in supersonic flow. Normally, the greatest e r ro r  encountered 

is due to misalignment with the flow. 

insensitive to flow angles up to 10' and a 30' internally beveled tube up 

to 20' (ref. 1). 

Even so, a simple square-ended tube is 

2 Figure 3 shows the ratio of indicated total pressure pt, ind to pv 

(where p and v are density and velocity respectively), and the ratio of 

indicated total pressure to free-stream total pressure pt, versus Mach 

number M. The total-pressure tube actually gives a good indication of 

pv 

of specific heats, increasing only 2 percent for a change in the specific- 

2 at Mach numbers greater than 2 and is fairly insensitive to the ratio 



he& ratio from 1 . 4  to 1.3. Because of this specific-heat-ratio insensitivity;‘ - 

similar insensitivity is expected with respect to non-equilibrium flow 

conditions 

An interesting feature of the total-pressure probe indication pv2 is 

that it is close to the value of stream thrust per unit area. The equation 

for internal thrust can be written as 

where Ti = internal thrust, A = area, ps = static pressure, and the 

subscript numbers represent stations in figure 1. 
2 The term p4v4 represents an integration of the total-pressure-probe 

indication across the exit plane. For hypersonic flow, the difference 

between the second terms in each of the parentheses may be small com- 

pared to the difference between the p? terms, so that the thrust may be 

obtained by integrating the total-pressure measurement over the areas  

and applying only a small correction. For flow regions where the thrust 

may be represented as a small difference between Parge values of pressure, 

the pressure difference should be measured directly. One of the main 

uncertainties in this method of thrust measurement is the uncertainty in 

knowledge of the capture area A. 

Measurement of thrust of a supersonic turbojet engine in flight using 

survey probes at the exit is described in reference 2. 

If the lower curve in figure 3 is used to obtain free-stream total 

pressure, the Mach number must be determined accurately by an  independent 

I - 1  
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method. At the higher Mach numbers, a 1-percent e r r o r  in Mach number 

will  produce a 5-percent e r r o r  in free-stream total pressure. Furthermore, 

the curve is quite sensitive to the ratio of specific heats, 'decreasing 

30 percent at a Mach number of 4 as the ratio of specific heats changes 

from 1.4' to 1.3. Actually, in experiments involving flow nozzles, the 

lower curve is used to obtain exit Mach number from the ratio of indicated 

total pressure to nozzle plenum pressure. 

.. . . '  

STATIC PRESSURE 

Conventional wall static taps supply the bulk of static pressure data. 

The taps should be flush with the surface and free of external burrs. 

Since e r ro r  in wal l  static pressure measurement increases with hole 

diameter, the hole size should be only large enough to insure adequate 

time response. Reference 3, chapter 6, lists several articles on 

dynamic response. 

from about 0.02 to 0.06 inch. 

For ground testing, static-tap diameter varies 

T o  check deviations from one-dimensional-flow assumptions, static- 

pressure profiles a re  required,at the entrance and exit of components o r  

engines under test. Three different body shapes may be used for static- 

pressure measurement in a supersonic stream: the cylindrical tube, 

the wedge, and the cone. 

The cylindrical tube lends itself to sting-type mounting and has the 

advantage of not requiring knowledge of any stream parameters for 

i ts  use. However, the static taps should be about 30 diameters from 

the nose tip, so that considerable tube length is required, and the tube 

is sensitive to flow misalignment, having an e r r o r  of about 5 percent at 



a flow angle of 10' (refs. 4 and 5). 

Since the wedge and cone are similar in method of use, only the cone will  

be discussed because it is more commonly used. However, the wedge does 

find application in situations where the measuring elements must be built 

into the instmment.. supporting strut rather than mounted on a sting. 

Figure 4 shows a 15O-half-angle cone with a static tap on the conical 

surface and a total-pressure tap at the nose. The graph shows the ratio of 

indicated static pressure ps, ind to free-stream static pressure ps, and 

the ratio of indicated static pressure to indicated total pressure pt,  ind, 

each plotted against Mach number. Because the upper curve is a function of 

Mach number, the Mach number must be known before the stream static 

pressure ps can be determined. The Mach number is first determined 

from the lower curve and knowledge of the ratio of indicated static pressure 

to indicated total pressure. Then, the upper curve is used t o  determine the 

free-stream static pressure. At a Mach number of 4, changing the ratio of 

specific heats from 1.4 to 1 . 3  lowers the upper curve 5 percent and raises 

the lower curve 1 percent. 

The lower cur+e in figure 4 is for a cone 6 t h  a sharp nose. Blunting 

the nose is required to provide adequate heat transfer and to make room 

for  the total-pressure tap. The blunting will change the level of the lover 

curve about 5 percent (refs. 6 and 7). Because of manuiacturing tolerances 

associated with such a geometry, each probe should be calibrated (ref. 8). 

The c m e  angle shmild be minimized because decreasins the an5:le 

decreases the slope of the upper curve in figure 4 and increases the slope 

of the lower curve. The 15' cclnical angle shown is about the smallest angle 

that wil l  allow use of pressure taps and provide adequate cooling. 
- 1, 4 -. P O " " " l ? J F F  



The conical probe described in reference 8 has four static taps on 

the cone surface in addition to the pitot tap at the nose, and is used to obtain 

indicated total pressure, Mach number, and flow angle in addition to free- 

stream static pressure. Hence, it can be used as a combination probe to .- . . -  

obtain several stream quantities. 

As shown in table I, static pressure is small at high altitudes. 

Accurate measurement can be made with modern capacitance-type differ- 

ential manometers (refs. 9 and 10) provided there is a means f o r  setting 

o r  checking the zero reading shortly before o r  after the measurement. 

Figure 5 shows the valving and pumping required for one arrangement 

that has proved satisfactory. In use, valve V2 is closed and the others, 

left open. The downstream side of the transducer is held continuously 

at a pressure below 10 millitorr. To check zero, all valve settings are 

reversed (V2 open, V1 and V3 closed). In transferring to the standby 

condition, when no measurement is to be made, valve VI  is closed, and 

the other two valves are open, so that both sides of the manometer a re  

being evacuated by the pump. By never subjecting the manometer to an 

absolute pressure exceeding in numerical value its differential-pressure 

range, internal cleanliness and stability of zero and of sensitivity may be 

maintained. Figure 5 also indicates the time constants obtainable with 

the type of installation shown. 

AIR FLOW RATE 

Several methods of a i r  flow rate measurement are shown in figure 6. 

The methods are listed approximately in order of increasing e r ror .  
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Connected Pipe With Upstream Orifice (Fig. S(a)) 

The most straightforward flow measurement is obtained in experiments 

where a standard orifice is installed upstream of, and in ser ies  with, 

the system under test. Such a system wil l  yield about 1 percent inaccuracy 

(refs. 11 and 12). 

Flow Nozzle Downstream of Inlet (Fig. S(b)) 

To test an inlet o r  a non-burning engine, a flow measuring nozzle 

may be located downstream of the section of interest. This arrangement 

wi l l  give uncertainties greater than 1 percent because the nozzle instalia- 

tion is rendered non-standard by proximity of the upstream hardware. 

A survey of temperature wil l  probably be required to obtain the average 

gas temperature. For cases where the nozzle can be operated at sonic 

velocity, the throat pressure tap can be eliminated, thereby simplifying 

the flow rate measurement (ref. 13). 

Shock on Lip Plus Inlet Conditions (Fig. 6(c)) 

In this method, the position of the inlet shock is observed with a 

schlieren o r  shadowgraph. When the shock is on the lip, the stream-tube 

area is defined and the air flow rate is calculable from known inlet condi- 

tions. These inlet conditions a re  obtained from previous facility calibra- 

tions o r  from a survey in front of the engine made immediately before the 

test run. Of course, the capture area is not defined for  off-design condi- 

tions and for operation at  non-zero angle of attack, so that this method 

has limited application. 

Probe Survey at  Engine Exit (Fig. 6(d)) 

Mass  flow rate may be obtained by surveying across the engine exit 
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with a mass flow probe. The probe is simply a cooled aspirating tube 

with a flow-rate-measuring device located where the aspirated gas has 

cooled sufficiently to  be” measurable conveniently but not sufficiently to 

condense any water in the gas. To define the probe capture area,  the 

nose shock must be swallowed. 

The main source of e r r o r  in the mass flow probe is the uncertainty 

in this capture area,  because the lip has to be rounded slightly to allow 

for  adequate cooling. An agreement to within 5 percent with the total 

flow in a supersonic a r c  tumd has  been reported in referenc-t 14. 

Since the mass flow probe measures exhaust flow rate, the air flow 

rate would then be determined by the difference between measured. 

exhaust-flow rate, integrated over area at station 4, and fuel-flow rate. 

In a previous section it was pointed out that the pitot tube, at Mach 
2 numbers greater than 2, does a good job of measuring pv . Since the 

mass flow probe measures pv, a profile of density and velocity across 

the stream may be computed from the measurements provided by the 

two instruments . 
Use of the mass flow probe has also been reported in references 5, 

15, and 16. 

Spike Po sit i on Correlation 

For the case of the burning’ engine in flight, the flow rate may be 

obtained from a correlation such as that shown in figure 6(e). The 

correlation requires knowledge at least of Mach number, pressure, pitch 

angle, and yaw angle as functions of spike position. This correlation may 



be obtained during ground testing o r  during flight tests of a non-burning 

engine. 

FUEL FLOW RATE 

Only hydrogen will  be considered as the engine fuel, since the 

metering of other, less likely fuels poses few special problems. Liquid 

hydrogen is unique in its low temperature, density, and viscosity. Since 

continuity of mass exists in the fuel supply system, the flowrate may be 

measured at a location where the fuel is in a single phase. The flowrate 

or" the liquid can generally be measured more conveniently and accurately 

than that of the gas. The turbine-type flowmeter is recommended for 

this purpose, because the simplicity of its installation and use affords 

highest reliability. Figure 7 shows some of the considerations involved 

in achieving reliable performance and good accuracy. 

Since the flowmeter provides volume -flow -rate indication, density 

must be determined from pressure and temperature measurements. 

Little accuracy is required in the pressure measurement, since the 

density changes on the order of 0 . 1  percent for a 1-atmosphere pressure 

change. However, a steady average-pressure indication may not be 

achieved if there is excessive surging in the pressure-connecting line 

because the pressure transducer is near room temperature, so that boiling 

occurs in the line. The surging.is minimized if the connecting line is 

of stainless steel, and is horizontal o r  slbpes upward away from the 

liquid-hydrogen line (fig. 7(b)). 

A density change on the order of 0.1 percent is associated with a 

0.3-percent change in temperature. Consequently, a 4-wire platinum 



resistance thermometer is recommended for this measurement. NASA 

Lewis has adopted a 1/16-inch diameter, 0.6-inch long, ceramic-coated 

element for routine applications, and a 1/4-inch diameter, 1.8-inch long, 

strain-free element, enclosed in a helium-filled platinum tube, for 

standards applications. The element must be mounted so that there is 

minimum conduction of heat along the element support and the connecting 

wires (fig. 7(c)). These wires are made of manganin, for at least several 

inches. It may be desirable, for higher accuracy, to measure temper- 

atures upstream and downstream of the flowmeter. Probable e r ro r s  of 

less than 0.02' C are generally achieved, if the sensitive element is 

mounted so that it averages temperature across  the pipe diameter. 

A turbine-type meter is strongly affected by upstream swi r l  and is 

slightly affected by axially symmetric velocity distribution. 

swirl eliminator consisting of a honeycomb of square elements or  circular 

tubes is more desirable than one of radial vanes, since the latter arrange- 

ment tends to reduce velocity on the pipe axis. The piping lengths 

recommended in figure ?(a) represent the best guess based on the experience 

reported in reference 17; no systematic investigation of this subject has 

yet been reported. The meter may be mounted either vertically, with 

flow upward, o r  horizontally, but must be calibrated in the same attitude 

as that in which it is used. Horizontal installation is more conventional 

and may increase the linear range. Reference 17 shows that the difference 

between vertical and horizontal installation is on the order of 1 percent. 

Because of the low viscosity of liquid hydrogen, piping, as well 

An upstream 



as meters, 'are sized on the basis of about 100 f t  sec-' linear velocity. 

The resultant high Reynolds number, with its flatter velocity profile, 

provides several advantages, including a wider linear range for the 

turbine meter (ref. 17). 

For maximum accuracy, the meter must be calibrated in liquid 

hydrogen (ref. 17), preferably before and after any long period of use. 

Such calibration must treat the "flowmeter" as consisting of the entire 

assembly between the flanges shown in figure 7(a). This assembly must 

remain intact, and never be taken apart. between the times of the 

I 'before " and "after" calibrations. 

Figure 7(a) also illustrates several means for reducing swi r l  and 

ensuring single-phase flow. These include a bell-mouthed exit from the 

supply tank, radial o r  honeycombed anti-swirl vanes at this exit, a 

manifold to distribute pressurizing gas smoothly around the cross -section 

of the tank, and exit holes in this manifold placed so that pressurizing 

gas is directed away from the surface of the liquid. If a pump is used, 

the flowmeter should be well dovnstream of the pump. The normal 

venting system, for use after the system has been filled with liquid, and 

the large vent line required during initial filling and cooldown, are also 

shown. Additional operational and safety details a r e  described in refer- 

ence 18. 

The most common cause of mechanical failure of turbine-type meters 

in liquid-hydrogen service has  been the overspeeding resulting from 

passage of hydrogen gas through the flowmeter. This gas is created 

when liquid hydrogen is first admitted to a warm system. Such overspeeding 



must not be permitted. Figure 7(a) illustrates several techniques to 

prevent overspeeding. 

(a) The meter is placed upstream of the shutoff valve that leads to 

the engine, so that the meter and all piping upstream of it a r e  already 

cooled before the fuel flow is started. 
. %. . .. 

(b) The filling-line entrance is upstream of the meter, so that the 

meter is in a blind pocket, and comparatively little filling fluid passes 

through the meter. 

(c) The meter is continuously Connected t o  a ratemeter with overspeed 

alarm; meter indication is continuously monitored during the filling 

operation, and filling rate is controlled so that the meter is never over- 

speeded. 

The connection between turbine meter and ratemeter should be by 

means of a 2-conductor twisted cable with separate shield which is itself 

covered with insulation. If the ratemeter has a grounded input terminal 

("single-ended input''), the shield should be connected to this  terminal 

at the ratemeter end only. If the ratemeter has a floating input, the 

shield should be connected to one transducer output terminal, at the trans- 

ducer end only. In either case, the other end of the shield should be 

carefully insulated. 

Sand and dust may enter the system because of a carelessly exposed 

filling hose. It is therefore desirable, where possible, to install a 

25-micron stainless steel filter at the fi l l- l ine entrance. If this filter 

contains cast components, it should first have been checked by thermally 

shocking it with liquid hydrogen and then inspecting and cleaning it to 



remove loose particles. The filling hose should be fitted with a non- 

separable cap that wil l  ensure internal cleanliness while exposed to the 

weather. 

The entire system, including the portion between fill-line valve and 
. .. . . -  

tank-truck valve, must be purged of air before filling. The purging proce- 

dure recommended is a cycle of three evacuations with an oil-trapped 

mechanical pump to a pressure of less than 0.1 torr and two fillings with 

99.9 percent pure helium. If the system is to be emptied of hydrogen and 

prepared to st-and by at room temperamre, the hyciroger, may be alicvred to  

warm up while it vents through the normal venting system, terminating with 

a positive pressure of about 2 psig of hydrogen in the system. Then a similar 

sequence of three cycles of evacuation and filling with helium is terminated 

with a positive pressure of about 2 psig of helium in the system. Additional 

details of these and related operations are given in reference 18. 

The only reports of extensive first-hand experience with liquid-hydrogen 

flowmeters a re  contained in references 17, 19,  20, an'd 21. Zteference 17 

suggests that probable e r ro r s  of 0.2 to 0 . 7  percent a r e  attainable. 

If fuel flow rate is to be measured when the fuel is in the completeiy 

gaseous condition, commercial turbine-type meters designed for such gas 

service, or any of the convertional gas flowmeters treated in  reference 11, 

may be used. A critical-flow orifice may be particxla.rIy suited to measuae- 

ment of vented gas. 

GAS COMPOSITION 

The exhaust gases of interest in the cornbustio:i of hydrogen and air 

are NZ' H 2 0 ,  Ha, 02, OH, H, and 0. Corresponding mole fractions for a 



stoichiometric Mach 8, 120,000-ft case are 0.62, 0.27, 0.04, 0.02, 0.03, 

<0.01, and < O . O l .  

Composition may be measured by sampling with a probe o r  by optical 

methods using apparatus outside the gas stream. The latter technique wi l i  

be treated under Local Static Temperature and Related Quantities. 
. ..: 

The simplest type of local gas composition measurement is determina- 

tion of fuel-air ratio by sampling. A cooled probe such as the mass flow 

probe, o r  an aspirated pitot probe which does not swallow the nose shock, 

may be connected to a gas analyzer. Since there is no  rapid quenching, 

the gas analyzer will  receive nitrogen, water, and small amounts of 

molecular hydrogen and oxygen. 

To insure accurate measurement, condensation of water from the 

sampled gas inside the cooled probe must be prevented by keeping the 

probe's inside wall  temperature above the condensation temperature. If 

the pressure inside the sampling probe is approximately one atmosphere, 

condensation can be prevented by using a water  cooling system at a line 

pressure above 2 5  atmospheres and controlling the flow rate to keep the 

wal l  temperature at the exit of the probe above 120' C. The total gas 

sample flow rate can then be measured. The water can then be condensed 

and removed to allow analysis of the remaining gas. 

A higher degree of sophistication is the determination of composition 

at the point of sampling, by rapidly quenching the gas with a small cooled 

probe such as the one shown in figure 8. From the graph in figure 8, it 

can be seen that the gas must be quenched in a few microseconds. Typical 



velocities near the probe are about 0.1 inch per microsecond, which means 

that the gas must be quenched within a quarter of an inch. To promote rapid 

quenching, the probe should be small and the pressure downstream of the 

~ 

inlet should be low. Paradoxically, however, it is desirable to swallow 

the shock in order to prevent composition changes at the nose caused by 

high gas temperatures that would occur behind any nose shock. 

It is doubtful whether true measurements of H2 and O2 are obtained 

even when such a miniature probe is used. Certainly, OH, H, and 0 

cannot be quenched in such sampling probes. 

this method wi l l  be higher than the true efficiency if the reaction continues 

inside the sampling probe. 

Efficiencies determined by 

Reference 22 reviews the problems associated with gas sampling, 

primarily in subsonic gas streams. Recently, a sampling system has 

been developed for flame studies, that consists of a sampling probe using 

vacuum pumps to obtain rapid expansion. The molecular beam formed as 

a result of the pumping is passed directly into a mass spectrometer for 

analysis (refs. 2 3  and 24). An application of this  type of system on a 

rocket combustion chamber is described in reference 25. Although the 

sampling probe is quite bulky because of the required sizes of vacuum 

plumbing, the technique is attractive because it permits study of unstable 

or  reactive species. 

The sampled gas may be collected in bottles for Eater analysis o r  

it may be analyzed continuously, on line. The on-line method should be 

used whenever possible. A review of recent studies concerning gas analysis 

is given in reference 26. 
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LOCAL TOTAL ENTHALPY AND RELATED QUANTITIES 

Measurements which provide a map of local enthalpy ht across the 

cross-section A of the gas stream can 

enthalpy Ht of the entire gas steam. 

where p and v are local density and 

be integrated to  yield the average 

We have 

linear velocity, respectively. 

Practical approximations that yield adequate accuracy are provided by 

measurement of $ along two orthogonal diameters: vhen there is xxia! 

symmetry, a single diameter may suffice. 

The local measurement is provided by a probe which creates a 

normal shock in front of its sensitive measuring element. The deliberate 

use of the normal-shock condition ensures predictability of probe calibra- 

tion and, generally, reliable correlation between free-stream conditions 

and the gas conditions actually measured by the probe. The degree to 

which this correlation may become unreliable vill be indicated in the 

following di s cuss ion. 

Many probe designs a r e  available. Each type of probe measures a 

slightly different quantity, so that no distinctive choice may be made. 

In fact, the simultaneous use of several probe designs often clarifies 

one's understanding of the .physical situation being studied. 

Table I1 lists characteristics of some useful probes. Only the 

calorimetric probe actually measures enthalpy with minimup dep,,,dence 

on lmowledge of gas properties. Intricate and meticulous design and 

construction are required to prevent heat losses that wil l  prevent an 
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accurate measurement. Several early designs are described in reference 29;- 

some others are described in references 15, 28, and 29. 

Where temperatures a re  sufficiently low, the noble-metal thermocouple 

is reliable and relatively easy to use. Designs adaptable to hypersonic 

applications are described in references 30, 31, and 32. A general dis- 

cussion of selection principles is contained in reference 33, which also 

lists some original-source articles. The useful temperature limit can be 

raised by deliberate, controlled cooling of the junction through radiation, 

conduction, or both (refs. 33,  34, 35, and 36). The uncertain:;; in xhe 

temperature measurement increases as the correction for  cooling becomes 

larger. Still higher temperature limits may be achievable by using 

tungsten-rhenium alloy thermocouples, if the thermocouple can reach final 

temperature (as evidenced by the appearance of the temperature -time 

curve) before the material is oxidized and destroyed. Preliminary trials 

of this technique have been reported in reference 37, where 3000' K and a 

life of 0 .2  second were attained in an oxidizing atmosphere. However, 

the accuracy of the method has not been established because an increasingly 

larger e r ro r  is encountered as the free-oxygen content of the gas increases, 

because the heat of oxidation is added to the heat transported by the gas 

stream; also, there may be a corresponding alteration of thermoelectric 

power. 

In the range of temperatures measurable with thermocouples, the 

conversion from translational temperature to enthalpy is straightforward. 

Success has also been reported (ref. 38) in using an optical pyrometer 



to observe the surface of a graphite hemisphere upon whose surface the gas 

stagnates; the graphite has sufficiently low thermal conductivity so that the 

principal cause of heat loss is radiation. A temperature of 2800' K 

(5000° R) has been measured. 

Three devices that depend on reproducible heat transfer rate are 

the cooled-gas, cooled-tube, and stagnation-point probes. They have 

been reviewed in reference 39 and are particularly well  suited to surveys 

to determine the shape of the local enthalpy distribution, The cooled-gas 

probe, originally described in reference 40, resembles the ca.1orimetric 

probe, is simpler to construct, and involves fewer critical measurements, 

but requires a calibration at low temperature, and some knowledge of gas 

transport properties. The cooled-tube design exists in two forms: in one 

(ref. 41), the temperature rise of the coolant is measured; in the other 

(ref. 42), the temperature rise of the tube is measured. These designs 

require more complex construction than the cooled-gas design and some 

knowledge of free-stream Mach number and gas transport properties, but 

do not require aspiration, although aspiration is used in one of the designs 

described in reference 42. The stagnation-point designs require similar 

knowledge. Reference 43 describes one such design and gives references 

to many others. The ability of the stagnation-point designs to provide 

absolute enthalpy measurements is generally limited principally by a 'Parge 

empirical correction for undesired heat loss. 

The pneumatic probe is an aspirating device that has been used exten- 

sively (ref. 27) so that its characteristics are well understood. It provides 



a measure of density if velocity through the entrance orifice is very low 

and a measure of the product of density and pressure if th 

to sonic. Hence, temperature may be deduced if total pressure is also 

measured after stopping the aspiration. 

ity is near 

The velocity of sound may be used to infer the value of flt//31, where 

y ,  T, and /31 are specific-heat ratio, total temperature, and molecular 

weight, respectively. In a design conceived in references 44 and 45 and 

now under study by a NASA contractor, sound velocity is measured after 

the gas has entered an aspirated probe. 

The heat-transfer-type devices, the pneumatic probe, and the sound- 

velocity types have no fundamental upper-temperature limit; the practical 

limit is imposed by the ability to provide cooling. In same of these devices, 

gas properties a re  measured very near to the normal shock front, so that 

the measurement yielded is influenced by whether or  not vibrational modes 

of the gas are fully relaxed; at very high temperatures, relaxation of 

dissociation must also be considered. As a rule of thumb, relaxation 

effects becomes significant when the characteristic relaxation time (time 

constant) becomes comparable to the time of transit fromihe shock front 

to the location where gas property is measured (ref. 46). If transit time 

is so short that vibrational relaxation cannot occur, the airstream may be 

treated as having a constant specific-heat ratio of 1.4. - 
Some of the devices described have been intercompared in the same 

gas stream (ref. 32), together with a line-reversal pyrometer. The 

comparison served to increase the understanding of each of the devices and 



of their probable accuracies. Under conditions of very careful use, 

agreements among various devices ranged from 1 to 5 p 

range below 2400' K (4400' R) (refs. 32 and 47). 

INTEGRATED STATIC TEMPERATURE AND . b. . .. 
RELATED QUANTITIES 

Static temperature, because it is a practically measurable quantity, 

is used with auxiliary measurements of pressure, composition, o r  mass 

velocity, to deduce static o r  total enthalpy. The temperature itsekf 

is an excellent indication of the non-equilibrium conditions of the gas 

and hence is useful in studying the thermochemistry of gas processes. 

Optical -radiation -type thermometers are particularly useful for high - 

gas-temperature measurements because the radiant fluxes actually 

measured are several times more sensitive to temperature than to gas 

density or  radiant-emitter concentration. This sensitivity a r i ses  from 

the exponential form of Planck's Law, and is most pronounced when the 

band or  line used lies on the short-wave-length side of the maximum of 

the Planck radiation curve. 

Uncertainty in static temperature deduced by any method that inte- 

grates along the path through a gas stream derives principally from the 

nonlinear nature of the integration. 

measured, the emission will  come principally from the nearer end of the 

gas column if gas emissivity is high; emission wi l l  be averaged linearly 

over the entire gas column only if gas emissivity is very low (fig. 9(a)), 

so that the nearer end of the gas column remains transparent to radiation 

For example, if gas emission is 



from the far end. An indication of the quantitative e r r o r s  ob 

some integrating devices is presented in reference 48. 

Other e r ro r s  ar ise  because of nonlinear temporal integration (ref. 47), 

from e r ro r s  in ,radiant-flux measurement, and from uncertainty in 

knowledge of calibrating- or  reference-lamp tdmperature. 
. .- . .  

Radiation methods of the null-balance type generally provide better 

accuracy because they do not require accurate f lux  measurements (only 

sensitive ones), but are limited to the temperature of available reference 

lamps. 

The line-reversal method w a s  originally conceived by Fery (ref. 49). 

A modern version, using a stable carbon arc as reference standard, was  

described in reference 50; the range of this latter instrument has since 

been extended to 3600' K (6500° R) by use of newly available optical 

elements with higher transmission factors. References 50 and 51 list 

other references on line-reversal pyrometry. The technique has been 

used with radiations from the resonance lines of the alkali elements, the 

306.4 nm line of OH, and the 4.4 pm band of C 0 2  (ref. 52) .  

Other null methods that have been used have been adaptations of 

Kurlbaum's absorption-emission method (refs. 53, 54 and 55). They a re  

potentially capable of the same upper temperature limit as line -reversal 

instruments, if a carbon arc is used as reference. 

Non-null radiation methods do require accurate radiant -intensity 

measurements. They have no fundamental upper temperature limit, but 

their inaccuracy rises rapidly as gas temperature rises above reference- 



lamp temperature, i f  one is used; inaccuracy also rises as emissivity 

drops, because of the reduced sensitivity. The relations betwe 

ature e r ro r  and flux-measurement e r ro r  are given in reference 56 for a 

two-path absorption-emission method using a reference lamp, a two-path 

method using a reflector, and a "two-color" method. This last method 

assumes a known ratio of emissivities at the two wavelengths and is 

sensitive to uncertainty in knowledge of this ratio. 

. .- . .- 

Other optical methods use a high-resolution spectrometer to obtain 

spectral intensity distributions within a molecular band. These, together 

with the previously discussed radiation methods, a r e  enumerated and 

treated very briefly in reference 56, which provides references to more 

intensive and authoritative treatments. Some other more recent, com- 

prehensive treatments are references 58 and 58. A typical application 

to temperature measurement is described in reference 59. 

Examples of the application of some of these methods to measurement 

of OH and H 2 0  concentration are given in references 60 and 61. Concentration 

determination requires an independent determination of temperature. 

A microwave absorption method (ref. 62) requires free electrons, 

generally produced by seeding with alkali atoms, in an atom-fraction con- 

centration of about one part per million. This method is characterized 

by very high sensitivity in detecting fluctuations, a limited temperature 

range of 2000°to 3000' I(, and comparatively poor absolute accuracy. 

Other absorption methods using a, p, y, o r  X-rays yield even poorer 

absolute accuracy because these radiations are attenuated so much more 

strongly by the high-density low-temperature boundaries of the jet than they 
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are by the low-density high-temperature central jet that is of p 

interest (fig. 9(b)), that the tare corrections that must be applied must be 

known and must remain stable to a degree that is not practicable in con- 

ventional engineering research. The effect of these boundaries is 

illustrated in reference 48. 

Deduction of temperature from sound-velocity measurements is 

described in reference 63, which also provides good descriptions of other 

techniques. 

The technology involved in measuring sound velocity across a jet, 

thereby permitting deduction of temperature if specific-heat ratio and 

molecular weight a r e  known, is illustrated in references 64 and 65. 

When the effect of the cold boundaries is included, this technique yields 

a value'of 3020' F for the average of the profile shown in figure 10 of 

reference 48, as compared with the linear average of 3300' F. 

As a rule of thumb, the nuclear-radiation and X-ray methods may 

be considered to yield an average of the reciprocal of temperature, and 

the sound velocity method to yield an average of the reciprocal of the 

square root of temperature. The microwave method yields close to a 

linear average, and the other optical radiation methods mentioned are 

weighted toward the higher temperatures along the path. 

LOCAL STATIC TEMPERATURE AND 

RELATED QUANTITIES 

The uncertainties associated with integration across a jet diameter 

have prompted the search for a means of combining the advantage of a 



local measurement with the advantage of a device that measures static 

temperature. 

An approximation to this combination is use of the line-reversal 

method with an upstream probe that produces local seeding of the gas 

stream (ref. 66). This method has proved satisfactory in subsonic 

streams (ref. 32), but may be limited in hypersonic ramjet application 

to alkali-metal injection at the fuel-injector strut. 

Reference 67 has constructed a U-shaped optical probe that can be 

moved across a supersonic gas stream. The optical path is thereby 

brought into a local region of the stream. The probe lasted about 

2 minutes in a supersonic stream of hydrogen-air exhaust gas. Although 

this implies that, for reasons of expense, measurements should be taken 

by inserting the probe for only a few seconds per  run, an advantage of 

this design is that it may be used with several of the radiation methods. 

Corrections for the boundary layer attached to each side of the U a re  less 

severe than for the cold boundary shown in figure 9(b). 

A technique currently receiving consideration by several workers, 

particularly for studying combustion, is to pass an exciting beam of elec- 

trons across  one diameter of the gas jet and to observe the excited 

fluorescence with a spectrometer, in the same transverse plane, but 

sighting along an orthogonal diameter or chord (fig. lO(a)). A traverse 

can be made by moving either the exciting beam or  the line of sight 

(refs. 68, 69 and 70). The exciting beam can fully traverse the gas jet 

only if the gas is sufficiently rarefied (less than 0.001 atmosphere in 

most reported work). 
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If the fluorescence is persistent, the above technique may be used 

to measure linear velocity by locating the spectrometer downstream of the 

exciter and using a timer. Vibration-rotation lines, with radiative life- 

times on the order of a millisecond, appear to have the greatest promise. 

A related technique of velocity measurement is to use focused laser light 

to produce local heating, generally accompanied by ionization and radia- 

tion. The passage of the locally excited element of gas volume is then 

determined by a detector downstream. The method of detection may use 

a radiation-detector, an electrical conductivity probe, a shadowgraph 

system, or  a photographic system (ref. 71).  The accuracy of such 

velocity measurement would be limited by eddy diffusion and by uncertainty 

in velocity - vector di re c t i on. 

When the jet has axial symmetry in local absorption coefficient, a 

ser ies  of scans may be made along successive chords (fig. 10(b)), using 

a line-reversal o r  an absorption-emission method. The resulting 

simultaneous integral equations may then be solved by use of the Abel 

transform to deduce the radial profile. Uncertainties in this method 

arise principalIy from the increasingly weighty effect of cold boundaries 

as the chord approaches the edge of the jet. The method w a s  used by 

reference 72 and is discussed also in reference 58. 

A related technique that is.not limited to  symmetric streams and 

that requires no physical translation of the optical system is often termed 

“spectral scanning”. The temperature distribution along a given line of 

sight is deduced by measurements made at several wavelengths, chosen 
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so that the absorption coefficient is distinctly different at each wavelength. 

The difference between two transmission factors thus determined, as a 

function of distance along the path, has the appearance of a spatial band- 

pass filter (fig. lO(c)). With appropriate choice of wavelengths, the peak 

of this "filter" may be placed at various locations along the path. Solu- 

tion of the simultaneous integral equations yields the temperature 

distribution along the line of sight. Uncertainties in this  method 

arise from the fact that "spatial band width'' increases in proportion to 

distance from the gas boundary and that transmission factor -temperature 

relations must be known in advance for the particular gas, the particular 

wavelengths used, and the particular acceptance bandwidth of the spectrom- 

eter system. This technique is illustrated in reference 73, which also 

lists further references. 

The iterative computational procedures involved in using either 

spatial o r  spectral scanning do not always converge. The necessary and 

sufficient conditions for achieving convergence have not yet been defined 

by any systematic studies. A favorable case of spectral scanning is shown 

in figure 11, which shows the approximation to an arbitrarily assumed 

axisymmetric profile obtained by spectral scanning at three wavelengths; 

the example might represent a case of stoichiometric combustion of a 

hydrogen-air mixture at one atmosphere. 

PROBE PROTECTION 

The various types of probes discussed above must be protected against 

melting and against effects which would alter the probe calibration. One 

or  more of the following techniques must be used to achieve this protection: 



(a) Momentary exposure to the gas stream 

(b) Cooling 

(e) Back purging of aspirating designs 

Whether the probe is cooled or uncooled, it should be emosed to the 

gas stream only long enough to  achieve the desired steady-state reading. 

At other times it should be shielded by a retractable cover, or it should 

itself be retracted. In the latter case, the accelerations of retraction 

and insertion should be sufficiently low to prevent mechanical damage to  

sensitive probe elements. 

The nose of the probe may be cooled by one of the methods shown in 

figure 12. Thin-walled construction may be used where coolant may be 

directed at every portion of the wall  (fig. 12(a)). If such construction is 

impractical, so that coolant cannot reach a region of high heat flux, such 

as a probe nose, the probe may be made of copper in order to provide 

heat transfer by metallic conduction (fig. 12(b)). When probe size is 

small, simpler construction is achievable by dumping the coolant into the 

gas stream (fig. 12(c)); computation will  show whether such dumping is 

practical in many applications. Stagnant pockets of vapor in the cooling 

system should be avoided; for example, vapor tending to form on the 

downstream side of an externally cooled horizontal rod will be swept away 

if the water flows upward. Examples of cooling system design and heat- 

transfer calculations for probe cooling systems a r e  given in references 5, 

15, and 74. 

Probes which aspirate the gas must be protected against erosion, 

oxidation, and dirt accretion that will change critical dimensions o r  alter 



surface heat transfer rates. To this end, aspiration should be maintained 

only long enough to achieve the desired steady reading. Thereafter, 

reverse constant-current flow of a clean neutral gas, such as argon or  

nitrogen, should be maintained to protect internal elements (fig. 13). The 

constant current of gas is maintained by allowing the gas to flow through an 

orifice from a source that is at least ten times higher in pressure than the 

maximum pitot pressure to  which the probe may be exposed. The physical 

location of solenoid- o r  pneumatically-operated valves shfiuid satisfy the 

conditions specified in figure 13 in order to  minimize time delay i n  cbtairi- 

ing a measurement with the probe. 

The internal probe cooling system required to prevent condensation of 

water from the aspirated gas, as discussed in the Gas CGmposition section, 

is also shown in figure 13. Local-total-enthalpy measuring devices that 

require such precautions are indicated in table II. 

A common cause of failure of expensive probes is neglect to provide 

adequate automatic safety devices to control cooling and purging. There 

should be no manually operated valves that could prevent flow of coolant 

or  of purge gas. Visual and audible underpressure alarms or  low -flow 

alarms and lockouts should prevent exposure of the probe to the gas streams 

unless the coolant and purging systems are in operation. Some desirable 

cooling practices are also shown in figure 13. 

CONCLUDING REMARKS 

The preceding discussion has sought to 

instrumentation that appear most important 

11C\1\TPTnwnmt n r 
_. . -- 

highlight. those features of 

to engineering practice. The 



techniques described represent the results of efforts of many workers 

in the field. The bibliographic references given, directly and indirectly, 

credit only a few of these workers. Each technique requires a high level 

of instrument engineering for its successful application. Careful attention 

to minute detail is required to achieve reliability and the assurance that 

the measurement obtained actually represents the physical quantity that 

one intends to measure. 
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TABLE I. - CONDITIONS FOR M8, 120,OOO-FT ALTITUDE OPERATION 

Physical Quantity 

Mach number 
Mach number behind 

Static pressure, atm 
Total pressure, atrn 
Total pressure behind 

Velocity head, atm 
Static temperature 

shock 

shock, atm 

Total temperature I 

0 

8 
. 4  

.005 
80 

. 4  

- 2  . 
23OoK 
(420' R) 
2800° K 
(5100' R) 

sta 
2 

3 
. 5  

. ?  
25 

8 

.4 
11OOO K 

(2000° R) 

(5100O R) 
2 800' 

3n 

3 

1.5 
. 7  

2 
7 
7 

3 
2700' K 
(4900' R) 
3900' K 
(7000° R) 

4 

4 
.4 

.05 
7 
1 

* 5  
950' K 

:1700° R) 
3900' K 
:7000° R) 



TABLE II. - PRINCIPAL CHARACTERISTICS OF DEVICES FDR MEASURING LOCAL 

n , I ~ I ~ , A T ~  

TW 

I3 

T W  

TW 

a 
f 
h 
k 
m 
M 
/11 
N, 

controlled (c) 

Tsh 

Pg, asp 

------ 
X ------ 

%' %I Tb' Td 

(b) Tsh 

velocity of sound 
frequency 
enthalpy 
thermal conductivity 
mass flow rate 
Mach number 
molecular weight 
monochromatic steradiancy 

tant ' 

x 

x 

NU Nusselt number 

1 

--__----_----- 15,27.28.29 ! 

Ir-Rh: 23OOOK 30,31.52 ' i 
(4200' R) ! 

1 Ir-Rh: 2500°K 33,34,35 I 
(4600' R) 

(5000° R) 
W-Re: 2800°K 37 

I 

Ir-Rh: 2700° K 36 
(49000 a 

Type 

Optically- 
radiating body 

Cooled-gasa 
probe 

Cooled-tubea 
probe 

Stagnation-point 
heat transfer probe 

Pneumatic probea 

Basic 

determinec 
quantity 

Tg, t 

hg, t 

hg, t 

t 

pg, t Or 

----I-- 

Acoustic probe 

Calorimetric probe 1 ::,,: 
shielded high- 

g, t a 

recovery ther- 

Bare-wirea 
thermocouple 

Cooled thermo- 
couple (Fourg) 

TOTAL ENTHALPY AND RELATED QUANTITIES 
* .  

p pressure First subscripts: Second subscripts: 
Pr Prandtl number b base asp aspirated 

Re Reynolds number d duct (ambient) 3 downstream 
A P  pressure drop c coolant t total 

T temperature g gas 
AT temperature rise P Plug 
E emittance s surface 
p viscosity sh shell 
p density W wire 

Conden- 
sation 

must bt 
pre - 

vented 

X 

NX I 5 3  I --- I I 

mc,ATc P r ,  Re, 
f(Nu. Re) 

------ 

3ntercompared in same gas stream 
bEmpirical calibration 
'Vacuum pump not needed if  impact pressure is sufficiently high 
dEstimated 

x 1 C: 3500°K , 28 

1 (dl I 
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Figure 1. - Station definitions for hypersonic ramjet engine. 
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Figure 2. - Illustrative thrust measuring system. 
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Figure 3. - Total-pressure-probe relations. 
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Figure 4. -Conical probe for static pressure and Mach number determination. 
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/ ~ f  High-vacuum valves 
/ 1 for setting zero-, 
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Figure 5. - Typical arrangement for  measuring 0.005 atm. 
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A-PRESSURE G A U G E S  
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Figure 6. - Methods of airflow rate measurement. 
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27. INTRODUCTORY awma ON STRUCTURES AND M A ~ I A L S  

FOR HYPERSONIC AIRCRAFT 

By R. R. Heldenfels 
Langley Research Center 

INTRODUCTION 

The structural designer of a long-range, hypersonic cruise  airplane w i l l  
face one of the great challenges of aeronautics. He w i l l  be expected t o  pro- 
vide a l i g h t w e i g h t  s tructure,  with an efficiency approaching tha t  of the best 
subsonic a i rc raf t ,  f o r  a very large, low-density vehicle subjected t o  severe 
aerodynamic heating (refs. 1 and 2). This paper w i l l  review the  major struc- 
tural problems of such vehicles t o  introduce the technical papers presented i n  
t h i s  session. 

SYMBOLS 

M, 

Q 

R 

T 

v 
X 

CL 

€ 

A 

free-stream Mach number 

pressure 

heating r a t e  

dynamic pressure 

radius of curvature 

temperature 

velocity 

streamwise distance from leading edge 

angle of a t tack 

emissivity 

sweep angle 

Structural  information of prima,ry i n t e r s t  t o  the airplane designer i s  the 
In  figure 1, the r a t i o  of s t ruc tu ra l  f rac t ion  of vehicle weight required. 

w e i g h t  t o  gross weight at take-off f o r  long-range cruise  vehicles i s  plot ted as 



a function of cruise Mach nunber. (The gross w e i g h t  of the  vehicle consists of 
structure, powerplant, f ixed equipment , useful load, payload, and fuel .  ) Shown 
are data f o r  a nunber of subsonic commercial air transports t h a t  are now oper- 
ational,  t he  values designers expect t o  achieve i n  the Anglo-French and United- 
States  supersonic transports, and results from selected studies of hypersonic 
cruise  vehicles. The shaded area is  an e s t a t e  of the present uncertainty i n  
s t ruc tu ra l  weight r a t io s  i n  the Mach 4 t o  12 range. The width of t h i s  shaded 
band r e su l t s  from the lack of well-established solutions t o  the three pr incipal  
s t ruc tu ra l  problems of long-range hypersonic cruise  vehicles; namely, (1) the  
high temperatures produced by aerodynamic heating, (2)  the  requirement f o r  long 
service l i f e ,  and ( 3 )  the storage and use of l iqu id  hydrogen fuel .  

Subsonic transports have a s t ruc tura l  weight r a t i o  of about 25 percent, and 
the  supersonic designs ant ic ipate  about the same value despite an expected 
decrease i n  s t ruc tu ra l  efficiency due t o  aerodynamic heating. Some studies of 
hypersonic airplanes indicate  similar values but several  studies a t  Mach 6 show 
a wide dispersion i n  the s t ruc tura l  weight ra t io .  The differences r e s u l t  from 
variations i n  s i z e  and configuration of srehicles and the comTleteness of the 

%_L-*L po in+, s a -L " s a l  md  t acal-,-s2s1 2-? exect ls:-zs"_zx ~f t,'?ese -,e=.tic*-; -- 
i s  not a useful measure of ~ ~ ~ r e ? ? ' ~  S Z ~ ~ A C ' C U L I ~ S  sec:inoiogy, 'oecsuse :he struc- 
tural weight r a t i o  i s  indicative only of the trade-offs made during optimization 
of the system. A r a t i o  of about 25 percent appears t o  be desirable throughout 
the speed range. The goal f o r  structures research and development i s  t o  gro-  
vide materials, concepts, and methods which w i l l  decrease t h i s  uncertainty and 
insure the achievement of the optimum s t ruc tu ra l  weight r a t i o  i n  vehicles with 
the desired combination of payload, performance, and cost. Accurate st-ructural 
inputs t o  integrated airplane design studies are required t o  determine the 
f e a s i b i l i t y  of these vehicles and indicate the problems on which fu ture  research 
should be concentrated. 

- L,. 1 nc,, 

TEMPERATURES 

Figure 2 shows the surface temperature d is t r ibu t ion  on a representative 
hypersonic cruise  vehicle. The teaperatures shown are  those a t  which radia- 
t i o n  cooling of the s t ructure  i s  i n  equilibrium with aerodynamic heating i n  
steady f l i gh t .  Temperatures are given f o r  the  stagnation point on the nose and 
on the  leading edge of the wing, tai l ,  and engine in le t ;  and isotherms are  
shown f o r  surface temperatures ranging from 1400° t o  2000' F. 
inside the air  i n l e t  and propulsion uni t  a re  not shown; radiation cooling i s  
not gossible on these in te rna l  surfaces stnd act ive cooling i s  rea-uired f o r  
survival. The f l i g h t  condition t h a t  produces these temperatures is  Mach num- 
ber 8 a t  a dynamic pressure of.2200 psf. 
selected as a focus f o r  structures research because it produces d i f f i c u l t  prob- 
lems somewhat beyond the s t a t e  of the art. When structures and mter i31s  tee?'- 
nology i s  adequate for these conditions, it w i l l  be goo;', :nough ;u ZSGe x x z  
any optimum hypersonic cruise  condition the designer may select .  

Temperatures 

This f l i g h t  condition has been 

. .  

The variation of temperature over the surface indicates tlnat a var ie ty  of 
materials and each of the basic s t ruc tura l  approaches (hot, insulated, or coolec 

L72 ~ -m , . .  



structures) are likely to be used on the vehicle. 
shown, metallic materials have lost much of their structural efficiency. 
ever, temperatures can be varied significantly by changing the aircraft config- ~ 

uratian and performance. Blunting the nose or leading edges (from the 1/4-inch 
radius used here) can reduce the highest temperatures several hundred degrees. 
Reducing the cruising speed or the dyniunic pressure w i U  reduce the tempera- 
tures significantly and make the structural problems easier to solve, whereas 
increasing them will make the structural problems extremely formidable. 
sentative temperatures resulting from such variations are given in table I. 

At the high temperatures 
How- 

Repre- 

Figure 3,  a presentation similar to figure 2, shows surface temperatures 
at a typical cruising condition, Mach number 6 and a dynamic pressure of 
500 psf. The temperatures are substantially lower than in figure 2, with aost 
of the vehicle below 1200' F, so that the most difficult structural problems 
axe eliminated. 
alleviation. The obvious difference between figures 2 and 3 indicates the need 
for an appropriate relationship between the planned flight trajectories and the 
structural design conditions. An airplane expected to cruise at the conditions 
of figure 3 would have a more severe structural design condition, 5ur. ?mc=-z---  
xx as stringect as that of figure 2. Zsta5lishinent or' zpprq~laT;2  :ZTXZ~ZL 
design criteria f o r  hypersonic airplanes is thus an imgortant subject f o r  future 
research. The structural weight, structural configuration, and structural 
materials required vary substantially with temperature over the range shown in 
figures 2 and 3 .  Consequently, the designer of a hypersonic cruise vehicle 
must carefully evaluate these important effects on the structural weight along 
with aerodynamic and propulsion considerations to arrive at a optimum vehicle 
sys tern. 

Blunting the nose and leading edges can provide additional 

- - _  

MATERIALS 

The temperatures of figures 2 and 3 are a major factor in the selection of 
mterials for a hypersonic' cruise vehicle. 
istics must be considered when making a selection. 
on Materials Research for Supersonic Transports used 14 materials rating param- 
eters to screen candidate materials for SST research (ref. 3). These 14 para- 
eters, with appropriate modification and additions, will be required to screen 
materials for research, development, and construction of hypersonic aircraft. 
Several such parameters, supplemented by structural design criteria, have been 
used to determine temperature-time limits for high-temperature structural mate- 
rials. The maximum useful structural tem- 
perature of the better candidate materials is shown as a function of total time 
at temperature for various structural applications. The darker bands are based 
on existing data; the others are extrapolations. These limits are discussed in 
more detail by Stein, Illg, and Buckley in reference 4, which is a review of the 
status of materials for hypersonic aircraft structures. 
siaplified gresentation, bil+. it illustrates the basic charactaristics of the 
materials selection problem. 

However, many material. charae+,er- 
The NASA Special Committee 

The results are shown in figure 4. 

Figure 4 is a highly 

Time at %emperature is used as the abscissa because the hypersonic cruise 
vehicle must have a structure with a long service life to be economically fea- 
sible. High-temperature structures previously developed for vehicles such as 

472; 



--Soar and ASSET-were designed f o r  a l i f e  of 1 t o  4 flights, whereas the 
cruise  vehicle s t ruc ture  should be serviceable f o r  10 000 o r  more. Each band 
shows that the  temperature l i m i t  decreases with increasing service l i fe .  
limits are not indicative of  relative weights o r  s t ruc tu ra l  eff ic iencies  of 
these materials, but are the  combinations of temperature and time at which the  
material w i l l  be serviceable i n  a s t ructure  of the type indicated. Ceramic or 
graphite pa r t s  may be useful i n  the hot tes t  areas but should be designed f o r  
periodic replacement. Refractory metal heat shields are-useful. a t  temperatures 
above 2000’ F, but the useful l i f e  will be short. Long-life heat shields of 
superalloy appear possible f o r  temperatures t o  about 1800° F, whereas pri-nary 
s t ructures  may be l imited t o  temperatures of about 1500° F. 

These 

Structural  materials such as al loys of aluminum and titanium and the s ta in-  
* l e s s  steels a re  not l i k e l y  t o  be used on the ex ter ior  surface of hypersonic 

vehicles because t h e i r  temperature limits fa l l  below 1000° F (being approxi- 
mately 300°, 6000, and 8000 F, respectively, at 10 000 hours). 
l i g h t  a l loys of beryllium (temperature l i m i t  a t  about 500° F) w i l l  not be con- 
sidered f o r  similar reasons. Filamentary composites, which have received xuch 
a+t,on-,ics x c e n t l y  f o r  l&hTYe?Zght a i r z r a f t  a t ruc t ’~~”es ,  ere ?c,t ?:sel2:?d t;o 
have much application t o  hypersonic a i r z r d t  structures bemuss L j T i C B -  2 , a ~ ; z -  

b i l i t i e s  generally l i e  below 1000° F, too. 
because they must be replaced a f t e r  each f l i g h t .  

The in te res t ing  

. .  
Ablation materials are  unaccepa-cle 

STRUCTURAL PROBIB4 AREAS 

Figure 5 shows some of the s t ruc tura l  problem areas of a hypersonic cruise  
vehicle. The major new aeronautical problem i s  the  storage and use of l iqu id  
hydrogen fuel ,  a low-density, cryogenic l iqu id  t h a t  must be stored in te rna l ly  
a t  -42-j0 F. Because of the  high thermal-protection weights required t o  prevent 
excessive fue l  boiloff during f l i g h t  (which may be 10 t o  1-5 percent of the  f u e l  
weight, even with 8 good design) the l iqu id  hydrogen nust be store& ill areas 
where favorable surface-to-volume ra t io s  can be obtained. The fue l  tanks, 
therefore, w i l l  be i n  the fuselage of the vehicle ( fo r  a configuration such as 
t h i s  wing-body combination) ra ther  than i n  the r e l a t ive ly  ineff ic ient  spaces 
i n  t h e  wing. The need t o  s tore  large volumes of low-density f u e l  creates inter-  
est i n  configurations i n  which the wing and body are  blended f o r  more e f f i c i en t  
volume u t i l i za t ion .  
o r  all-body configurations may have s t ruc tura l  weight advantages, but t h i s  sub- 
j e c t  needs fur ther  study. Structural  technology f o r  the blended configurations 
i s  not w e l l  developed and needs additional research. Regardless of the config- 
uration, the body, including the fuel tanks, w i l l  be the heaviest s t ruc tu ra l  
component of the  hypersonic vehicle, whereas the wing i s  usually the heaviest 
component of subsonic and supersonic a i r c ra f t .  

Some preliminary studies have indicated tha t  blended-body 

The integration of the ci-yogenlc tank, i ts  thermal p r o t e c t i m  s j r s t zn ,  ax5 
t he  body s t ructure  presents another new design problem. 
this vehicle have separate tanks suspended within the fuselage s t ruc tura l  s h e l l  
o r  should in tegra l  construction be used, with the tank w a l l s  carrylng the fcse-  
lage bending loads? 

In addition, should 

A proper answer t o  t h i s  question must consider the basic 



s t ruc tura l  efficiency of prospective concepts plus the interact ion between the 
fuselage and wing structures,  which may be at  s ign i f icant ly  d i f fe ren t  tempera- 
tures. 
tanks i n  fuselage structures.  
thermal-protection system now i n  the t e s t ing  phase and Shideler and Jackson 
(ref. 6) review several  concepts fo r  integrating the  tanks, thermal protection, 
and body structure.  

Two of the papers t ha t  follow discuss technology f o r  l iqu id  hydrogen 
Jackson and Sharpe (ref. 5 )  report  on a promising 

The wing, the  second heaviest component, w i l l  probably be a hot, load- 
carrying structure.  Areas near the  leading edge may require insulation covered 
by heat shields, as indicated i n  the figure by the checkered area. These heat 
shields w i l l  be divided in to  small panels t o  minimize thermal stresses.  
the primary s t ructure  and the heat shield may have uneven surfaces and numerous 
jo in ts  which could dis turb the air flow over the  vehicle. This i s  another area 
i n  which poten t ia l  reductions i n  s t ruc tura l  weight must be weighed against  
increased heating o r  higher drag. Anderson, Robinson, and KLich describe some 
of the  s t ruc tura l  design problems of hot wing s t ructures  i n  one of the following 
papers ( re f .  7) .  

Both 

The structure inside the propulsion uni t  experiences very high heating and 
loading and requires s t ruc tura l  cooling. Hydrogen i s  an excellent coolanx and 
can be used without a weight penalty i f  the amount needed f o r  cooling does not 
exceed that required f o r  propulsion. Extensive s t ruc tura l  cooling, however, i s  
another innovation i n  a i r c r a f t  design. Some recent developments i n  regenera- 
t ively cooled s t ructures  a re  described i n  a paper by Kelly and Shideler ( r e f .  8) .  

Hypersonic vehicles w i l l  have a var ie ty  of s t ruc tura l  dynamic problems. 
A preliminary assessment of dynamic problems related to engine and boundary- 
layer  noise, f u e l  sloshing, wing f l u t t e r ,  and gust response a r e  presented i n  a 
paper by Rainey and Martin ( re f .  g), and Eohon, Anderson, and Heard (ref. 10) 
report on f l u t t e r  design of the types of stiffened-skin panels l i k e l y  t o  be 
used i n  hypersonic a i r c r a f t  structures.  

Other areas indicated here have not been the subject of recent NASA research 
and w i l l  not be discussed. Thermal protection of the crew, pessenger, and cargo 
compartments should be somewhat l e s s  d i f f i c u l t  than thermal protection of the 
l iquid hydrogen. 
s t ructures  technology. 
require special  materials and s t ruc tura l  arrangements. Only the material 
aspects w i l l  be considered i n  t h i s  conference, but much applicable technology 
f o r  these areas has been developed i n  entry-vehicle programs such as X-15, 
ASSET, and Dyna-Soar. Therefore, feasible  but heavy short- l i fe  structures can 
be b u i l t  now f o r  noses and leading edges. A s  these vehicles approach rea l i ty ,  
numerous other problems w i l l  arise. For example, w h a t  type of windshield w i l l  
the  p i l o t  have, w i l l  the  passengers have windows, w h a t  type of landing gear 
w i l l  be required, and where aEd how should it be stored? 

Design of ta i l  and control surfaces can be based on wing 
The hot tes t  areas, the nose and leading edges, w i l l  



Ffgure 6 illustrates two wing-structures research programs planned f o r  the-  
near future. 
tural design concepts for lightweight wing s t ructures  for hypersonic cruise  
vehicles capable of sustained operation a t  Mach 8 and a dynamic pressure of 
2200 psf. 
l y t i c a l  and experimental investigations of several  s t ruc tura l  concepts fo r  the 
shaded portion of the wing .  The better concepts w i l l  be validated through com- 
ponent tests t o  provide a basis f o r  select ing the optimum combination of primary 
structure,  heat shield, leading edge, and wing-fuselage attachment f o r  a repre- 
sentative wing structure.  
t o  incorporate the  selected concepts i n to  the design and fabricat ion of a wing 
panel (a l so  shown shaded) t h a t  can be flight tes ted  by NASA on the X-15-2 L i r -  
plane. A second, ident ical ,  wing section w i l l  be constructed for NASA ground 
t e s t ing  in  the radiant heating f a c i l i t y  a t  the Flight Research Center and the 
Langley 8-foot high-temperature structures tunnel. T h i s  program w i l l  advance 
wing s-xuctures techrolo,?)- 3y I1Fght -rnri:lcztl?n 22 3. t -nic9.1 STPX<I:Y? ;.-:ld 
comparison of f l i g h t  and ground t e s t  r e s u i t s .  

The first program involves the analysis  and validation of struc- 

I n  the first phase of t h i s  program, a contractor w i l l  conduct ana- 

Plans f o r  the second phase c a l l  f o r  the contractor 

The secona program-is the proposed delta-wing X-15 hypersonic research 
airplane.  Present plans include a study, by a contractor, t o  determine the 
f e a s i b i l i t y  of constructing such a research vehicle. 
an ana ly t ica l  investigation of applicable s t ructures  concepts. A NASA analysis  
of s t ruc tura l  arrangements f o r  this  wing i s  described i n  the paper by Ancierson, 
Robinson, and KLich (ref. 7) .  
manufacture, and f l i g h t  of the  de l ta  wing w i l l  provide the first experience 
with a ful l -scale ,  lightweight, delta-wing s t ructure  sui table  f o r  hypersonic 
f l i gh t .  

T h i s  study w i l l  include 

If t h i s  research airplane i s  bu i l t ,  the  design, 

TEST FACILITIES 

Finally, a few words should be said about ground f a c i l i t i e s  f o r  t e s t ing  
hypersonic s t ruc tu ra l  components. Many high-temperature f a c i l i t i e s  a re  ava i l -  
able (at the aerospace companies, the A i r  Force Flight Dynamics Laboratory, 
and the NASA Flight  and Langley Research Centers, for example), and they a r e  
capable of performing much of the  s t ructures  research and development t e s t ing  
needed i n  the Mach 6 t o  8 range. A number of modifications and additions t o  
these f a c i l i t i e s  w i l l  be required, however, and much new small-scale t e s t  
equipment w i l l  be needed, par t icu lar ly  f o r  t e s t ing  materials. 

Most structural t e s t ing  will be done i n  furnaces and radiant heating f a c i l -  

Figure 7 is  a photograph of  3. large, Slowciown-type hypersonic win2 
i t ies ,  but some problems require more complete f l i g h t  simulation which includes 
airflow. 
tunnel constructed f o r  s t ruc tura l  tes t ing,  the Langley 8-foot high-temperature 
s t ructures  tunnel. A i r  and methane, stored a t  high pressure, a re  burned i n  a 
combustion chamber, expanded t o  a Mach number of about 7 i n  the  test section, 
and then exhausted t o  the atmosphere. The design operating conditions of t h i s  



f a c i l i t y  are shown i n  figure 8. 
plot ted as a function of combustion-chamber stagnation pressure. This stagna- - 
t i o n  pressure i s  interpreted i n  terms of test-section pre 
scale  across the  top, which indicates t h a t  the  f a c i l i t y  c 
range from 80 000 t o  140 000 feet. signed t o  operate within 
the shaded area, and the darker band defines conditions tha t  simulate Mach 7 
flight. Simulation i s  defined as providing combinations of pressure, tempera- 
ture, velocity, and heating rate on the s t ructure  i n  the tes t  section that a re  
ident ical  t o  those encountered i n  f l i g h t  a t  Mach 7. 
cannot be duplicated simultaneously because this f a c i l i t y  uses the combustion 
products of a i r  and methane as the tes t  medium; t h i s  gas mixture has thermo- 
dynamic properties d i f fe ren t  from those of a i r .  
does not permit investigations of phenomena i n  which oxidation or combustion 
a re  important, but it i s  adequate f o r  numerous s t a t i c  and dynamic s t ruc tura l  
studies. 

Stagnation temperature i n  the test  section i s  

e a l t i t ude  by the 
erate over a 

The tunnel i 

A l l  desired conditions 

Testing i n  combustion products 

The symbols i n  f igure 8 indicate conditions a t  which the t m n e l  has s ~ ; e r -  
ated t o  date during F t s  shakedown and cal ibrat ion runs. 
t i o n s  are z c q l e t e d  i n  the near f.xture, the tunnel i s  expecxd ;c Se csera,’_ 
throughout the design region except i n  the small area above the Yach 7 simula- 
t i on  band. This f a c i l i t y  can be used t o  test  large specimens of a l l  types o l  
s t ruc tura l  components that may be used on hypersonic a i r c ra f t .  Tests of such 
components (which may include film, transpiration, o r  regenerative cooling sys- 
tems) i n  t h i s  f a c i l i t y  are expected t o  provide a valuable l i n k  between the usual 
laboratory t e s t s  and f l i g h t  experience. 

Tdher? ‘3. I t v  -x,Sif’l:z- 

CONCLUDING liEMARKs 

High-temperature s t ructures  and materials technology has been accruing for 
more than a decade from the develoDment of missiles ar-d er,try - i eh i c les ,  3 ’ ~  ;::e 
specific problems of hypersonic a i r c r a f t  s t ructures  a re  j u s t  now beginning to 
be studied i n  depth. USAF programs are making substant ia l  contributions in 
t h i s  area. 
report on NASA research, w i l l  present recent research r e su l t s  applicable to  
hypersonic a i r c r a f t  s t ructures  and w i l l  indicate the current state of the a r t .  

The papers that follow ( r e f s .  4 to lo), which c sns t imte  a 2r3g;ress 
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28. STRUCTURAL MATERIALS FOR HYPERSONIC A I R W T  

By Bland A. Stein, Walter Illg, and John D. Buckley 
Langley Research Center 

SUMMARY 

The low structural-weight limits and the severe operating environments of 
hyp'ersonic-cruise-aircraft structures appear to tax existing sheet materials to 
the limits of their high-temperature capabilities. Requirements for many 
repeated exposures greatly increase the severity of these problems. This 
review compares the properties of existhg and emerging materials with arbi- 
trary guidelines which appear applicable to structural requirements of these 
aircraft so as to assess the current state of the art for this application. 
Five vehicle areas are considered, namely, permanent primary structure and heat 
shields, replaceable leading edges and nose caps, and l iqu id  hydrogen tankage. 
A-mil&le skeet roa"Yerials :or prhary-structure a3pl:catioEs 7 - 7  S ~ X - : : : ~  I:: 
operation at temperatures of 1400' F for exposures up to 5000 c-mukti-ie h 0 ~ 3  
but do not appear adequate for applications at 1600' F. The newl;. i!eTfelopec? 
dispersion-stabilized sheet alloy, TD NiC, appears promising for permanent 
heat-shield requirements at temperatures from 16000 to 2000' F. 
refractory materials for leading edges and heat shields operating at tempera- 
tures up to 3100' F appear to require replacement after 1 or 2 flight cycles. 
The JTA graphite composite shows promise for a capability of at least 2 or 
3 cycles in nose caps operating at k0OO0 F. Because of the requirement for 
cryogenic and elevated temperature operation of hydrogen tankage, stainless 
steels such as extra-hard type 301 appear most promising f o r  this application. 

Current 

INTRODUCTION 

At previous NASA conferences, consideration has been given to materials 
for hypersonic applications such as orbital reentry, where one fl ight (or et 
most, two or three flights) was required. At this conference, the materials 
technology f o r  hypersonic cruise vehicles, which must withstand many repeated 
high-temperature exposures, are considered. Because of the low structural 
weight limits and the severe operating environment, material requirements for 
structures of these vehicles are so severe as to tax existing sheet materials 
to the limits of their high-temperature properties. Earlier reviews (for 
instance, refs. 1 to 3) touched on deficiencies of materials for this appli- 
cation but did not specifically examine the capabilities of newly developed 
materials, some of which have emerged in the past year. 

in the present review the properties of existing and emerging sheet mat-- 
rials are compared with arbitrary guidelines that appear applicable to struc- 
tural requirements of certain hypersonic cruise aircraft. These guidelines 
may be subject to change when results of more studies become available, but 
they presently provide an assessment of the current status of high-temperature 



sheet materials. 
required to compare these materials in the areas of interest. 

B'ecause of lack of data, considerable extrapolation was 

Application Temperatures, OF 

Primary structure Below 1600 
Heat shields 1600 to 2000 
Leading edges 2000 to 3100 
Nose cap 3100 to 4000 
Hydrogen tankage -423 to 600 

ENVIRONMENTAL FACTORS AFFECTING STRUCTURAL MATEXIIALS 

Exposure time, hr 

>5000 
>5000 

>50 
>5 

>5000 

The severe factors in the environment of the aircraft include repeated 
exposures to high temperature in low pressure air with long cumulative exposure 
times. The.ranges of temperatures are indicated in figure 1. The drawing 
shows the magnitude of equilibrium skin temperatures anticipated during flight 
Mach number M, of 8 at a dynamic pressure q of 2200 pounds per square foot 
on a typical hypersonic aircraft configuration. This flight condition is a 
severe one selected primarily as a focus for research and is not representative 
of optimum cruise conditions at Mach 8. It is severe enough to provide a 
strong challenge to current materials technology and includes ranges of tem- 
peratures which may be encountered in cruising flight in the range of Mach nun- 
bers from 6 to 12. 

Materials that meet requirements of operation at the temperatur- ps s,,?o:vT 
in figure 1 will be adequate to cope with almost all prospective cruise -:&Lele 
conditions. Large areas of the surface are primary structures oyerating at 
temperatures from l4OOo to 1600' F, indicated by the hatched area. It will 
shown that structural materials limitations appear to be so severe that heat 
shields w i l l  be required for operation in the 1600' to 2000' F regions of the 
vehicle, shown cross-hatched. The areas shown in black cover the leading-eiige 
and nose-cap regions of this aircraft, where temperatures range from 2000° 
t o  3300' F. 
that existing materials appear to be applicable. 
considered herein. One other area in this vehicle which may have materials 
problems is that of liquid hydrogen tankage, indicated by the dotted area. 

White areas operate at equilibrium temperatures below l4OO0 F so 
Internal engine areas are not 

Arbitrary minimum temperature and time objectives for -ihese - ~ k i : 2  &reas 
are indicated in table I. 

These objectives for the structural components were arrived at through consic?.- 
erations of expected equilibrium skin temperatures for cruise conditions in 



the Mach 6 t o  12 range, mission requirements, and the capabi l i t i es  of current 
and emerging high-teniperature materials. 
data presented i n  the  present review are general and can be used f o r  many 
temperature-time conditions other than those selected f o r  t h i s  par t icu lar  
evaluation. 

However, it should be noted tha t  the 

Periodic replacement of the large areas of primary s t ructures  and heat 
shield which operate at temperatures up t o  20000 F ( tab le  I) does not appear 
feasible  i n  a vehicle which may be longer than 300 feet. Therefore, these 
primary structures and heat shields, probably l imited t o  sheet thicknesses of 
0.010 t o  0.020 inch, m u s t  survive cumulative exposure times on the order of 
5000 hours or more i n  air  at free-stream pressures of approximately 8 t o r r  with 
l i t t l e  degradation of mechanical properties. 
i s  a minimum, which should be more than adequate f o r  reusable launch vehicles. 
Transport requirements may c a l l  f o r  20 000 t o  50 000 cumulative hours of 
exposure. However, extrapolation of currently available data on materials 
beyond .5000 hours becomes increasingly questionable. 

. 

It should be noted tha t  5000 hours 

7". cr*ler S;O C O - T ~ ~  ~ ~ : ~ : ~ ~ ~ ~  +ri;lii-emerts 'or -,re-",icles ;q>iz~-  ~ r ~ s p  
speeds up t o  Mach 12, i e a a i ~ ~ - e d g e  operzting temperatures up t o  31003 F and 
nose-cap temperatures up t o  4C00° F a re  l i s t ed .  
caps cover small areas of the vehicle and may be replaced periodically, but 
hopefully not sooner than the cumulative exposure times indicated. O f  course, 
the idea l  solution would be t o  have permanent nose caps and leading edges, but 
t h i s  does not appear l i ke ly  f o r  materials currently under study fo r  the tem- 
peratures l i s t ed .  

These leading edges and nose 

Liquid hydrogen tankage may operate over a temperature range from -423' 
t o  600° F. 
presence of l i qu id  and gaseous hydrogen i s  required fo r  t h i s  region. 

Long-time material s t a b i l i t y  after repeated thermal cycling i n  the 

Table I1 indicates some specific a a t e r i a l  guidelines which zppear appli-  
cable t o  the f ive  vehicle areas previously discussed. These guidelines were 
arbitrarily selected f o r  assessment of the present s ta tus  of materials f o r  the 
hypersonic cruise a i r c r a f t  application i n  the categories noted. Although 
specific i t e m s  w i l l  not be discussed separately at t h i s  point, it should be 
noted that the guidelines ident i f ied with the  c i rcu lar  symbols appear t o  pre- 
sent no problems f o r  exis t ing materials and are not discussed fur+,her. The 
areas marked with t r iangular  symbols do not appear t o  pose s ignif icant  problems, 
but data f o r  long-time environmental exposures are required t o  confirm t h i s  
assumption; the areas marked w i t h  square symbols appear t o  be major problem 
areas i n  which currently a-zailable materials a r e  marginal a t  best .  The 
remainder of t h i s  discussion is largely devuUzd to  these major prob.'.en areas. 

Very l i t t l e  data  a re  available i n  the l i t e r a t u r e  f o r  t h in  sheet a t  the 
exposures and environments of interest ,  and those tha t  ex i s t  are from ground 
t e s t s  only, since no s ignif icant  f l i g h t  t e s t  information has been generated. 



TABLE 11.- ARBITRARY MAIPERIAL-PROPERTY GUImLIWES FOR HYPERSONIC-CRUISE-VEHICLF STRUCTURAL APPLICATIONS 

[.Major problem area APossible problem area .No apparent problems] 

Notch Oxidation 
Creep Ductility 

corrosion 

Minimum 
thickness Maximum- creep 

strain elongation 
in 1 inch, 
percent 

'Primary structure 1 0.002 0.2$ at 10 ksi 5 1 .  A 
I 
1 -  

The best  estimates of the authors were used t o  account f o r  the e f fec ts  of sheet 
thickness, while sea leve l  pressure exposures were considered t o  gi-Je data 
which would provide conservati-re estiinaces of 3xiZatlmt ?ff?,cts l a  :ne I m e r  
pressure hypersonic environment. Where exposure data exis t ,  they generally do 
not cover exposure times of more than 500 hours, extending t o  1000 hours i n  
some cases, so tha t  extrapolation w a s  used t o  predict  5000-hour data. 

1 

Fatigue Stiffness,sensitivity1 Strength 

I 
I 

Minimp stress yowr imnimum m n i m m  
in 10 cycles, modulus, itensile, y i e l d ,  , 

ks i ksi %notched ksi ksi ; 

10 15 x 103 0.8 50 40 ' 

Minimum 

(a) J 
A 0 * A  0 0 

Primary Structure 

= 

The next f e w  figures are concerned with materials f o r  primary structure 
and heat shields. The two most significant p-oblems i n  primarj-strix,cC,*ae 
applications appear t o  be oxidation and creep as noted i n  figure 2. In  the 
graph at the left i s  plot ted the combination of temperature and time, the 
lat ter on a logarithmic scale, i n  which uncoated superalloys and dispersion 
s tabi l ized materials lose 0.002 inch of sheet thickness by general oxidation or 
corrosion, or  loss by diffusion of strengthenhg precipi ta tes  i n  banas adjEcent 
t o  the  substrate. 
That a rb i t ra ry  guideline is  noted at the top while the ver t ica l  l i ne  from 1400' 
t o  1600~ F a t  5000 hours gives the desired time-temperature combination. 
l ines  on the figure indicate extrapolations of data. 

This loss may be as much as 20 percent i n  minimum-gage sheet. 

Dashed 

' H I  0 r 

Nose cap 0.5 11.M at 1 ksi ! --- 
m 0 j 

0 5 
A 0 0 

Tankage 0 

A 1 ' 0  1 A ' O i  ' -- I j 103 j 0.8 5 
A j 0  \ A  O j  ! i 

I 
(b) 10 x 103 0.0 
A 0 A 



The available high strength sheet a l loy  Re& 41  ( re f .  4), which i s  a 
nickel-base alloy, and L-605 ( re f .  5 ) ,  which is  a cobalt-base alloy, f a l l  i n  
the lower band and seem t o  meet the guideline at 1400’ F. 
upper band are a l l  nickel-base alloys.  
(ref. 4), and the  lower-strength sheet alloys such as Hastelloy 
TD Nickel (refs. 5 and 7) f a l l  i n  t h i s  band along with alloys de 
engine applications, such as 713 C (ref. 8) and a newly developed NASA 
a l loy  TAZ-8A ( r e f .  9 ) .  
used i n  castings, but i f  current e f fo r t s  t o  fabr icate  the r e l a t ive ly  b r i t t l e  
TAZ-8A a l loy  in to  sheet prove successful, s t ruc tu ra l  applications i n  hypersonic 
cruise vehicles are possible. A new dispersion-stabilized alloy, TD N i C  
( re fs .  5 and lo), has ‘shown such excellent oxidation resistance i n  preliminary 
t e s t s  t ha t  the projected 20-mil sheet thickness loss l i e s  above the range of 
t h i s  figure, as indicated by the  arrow. 

The 
The newer sheet alloy, 

As of t h i s  date these engine materials have only been 

The graph on the r igh t  i n  figure 2 shows the combination of temperature 
and time t o  produce 0.2-percent creep s t r a i n  a t  a t ens i l e  s t r e s s  of 10 ksi. 
This amount of creep s t r a i n  has Seen used as a c r i te r ion  i n  sme s ~ A ~ ” E ~ - - - ”  - -  L - 
crsnspcrt stu&ies. Sone of the more promising m t e r i a l s  f m  ~ x ’ c i z - ’  bLGn r z 5 5 3 -  
t a m e  f a l l  short of the guidelines here, among them Hastelloy X ( r e f .  k ) ,  
Inconel 625 ( r e f .  4), and the dispersion-stabilized alloys ( r e f s .  4 and 10). 
Re& 41 ( r e f .  4 )  appears t o  have the required creep strength but w a s  poor i n  
oxidation resistance.  
adequate strength plus oxidation resistance.  This i s  a l so  borne out i n  f ig -  
ure 3 where yield strength i s  plot ted on the graph at the l e f t .  The yield 
strength parameter is 40 ks i .  The available sheet alloys are again marginal 
and the casting alloys the best .  
l i zed  alloys and Hastelloy X i s  so low tha t  they do not appear on the graph. 

Only the casting alloys ( r e f s .  8 and 9 )  seem t o  combine 

The yield strength of the dispersion stabi- 

The drawback of the casting alloys i s  i l l u s t r a t e d  i n  the graph at  the  
right i n  f igure 3 where t ens i l e  elongation i s  plot ted as a function of temper- 
ature fo r  materials before exposure. Although the significance of t ens i l e  
elongation as a measwe of duc t i l i t y  i n  s t ruc tura l  applications is  open t o  
question, a minimum acceptable value is  indicated because no be t t e r  measure of 
duc t i l i t y  i s  generally available for sheet materials. An acceptable value f o r  
t h i s  comparison i s  a r b i t r a r i l y  considered t o  be about 5 percent i n  a 1-inch 
gage length before exposure, as indicated by the horizontal l i n e  on the graph. 
There appear t o  be no problems here with available sheet alloys.  Furthermore, 
several  of these alloys have been shown t o  have adequate d u c t i l i t y  a f t e r  expo- 
sure. The elongation of the dispersion-stabilized alloys appears adequate but 
the TAZ-8A a l loy  exhibits poor elongation below 1500° F. 
fur ther  reduction i n  elongation a f t e r  exposure must a l so  be expected. 

The poss ib i l i t y  of 

Another c lass  of new materiais has been suggested, t ha t  of metal matrix 
filamentary composites. However, it would appear t ha t  diffusion reactions 
between filament and roafrix might severely deggrsde composite prcperties r f t e r  
long-time, high-temperature exposures so tha t  the outlook f o r  th i s  c lass  of 
materials cannot be considered promising u n t i l  long-time stability i n  a strong 
composite i s  proven. 

I n  summary f o r  primary s t ructure  materials, available sheet materials do 
not appear adequate f o r  applications at  temperatures of 1600’ F, but may suff ice  



f o r  maximum temperatures of 1400’ F. 
temperature requirement of 1600~ F appear i n  the casting d l o y s  and u t i l i za t ion -  
depends upon fabrication in to  sheet with some duct i l i ty .  
data m u s t  be generated f o r  such materials. 
investigated. 
degraded by welding processes 

The most promising compositions for  the 

course, much more 
Joining processes m u s t  a l so  be 

In many materials, fatigue l i f e  o r  d u c t i l i t y  can be s ignif icant ly  

H e a t  Shields 

Materials f o r  permanent heat shields are now discussed.’ Again, the  most 
s ignif icant  factors  appear t o  be oxidation and creep, which are shown i n  f i g -  
-ure 4. 
ness decrease of 0.002 inch and the temperatures of in te res t  are 1600~ t o  
2000° F. Now none of the existing sheet alloys or  the casting alloys appear 
adequate. Included in  these is the dispersion-stabilized alloy TD nickel. 
However, one alloy, the newly developed thoria  dispersion-stabillzed nickel- 
20 ?ernen: clnrcmim (TD X C )  ( r e f .  lo), sppears 20 be the one s ’ 1 - e ~ ~  zes?rizi 
which ca.n meet the oxidation requiremen$. The graph a t  the zigkx %o-ds :e?;?-- 
ature and time t o  produce 0.2-percent creep s t r a i n  a t  a tens i le  s t r e s s  of 3 k s i .  
This lower s t r e s s  is applicable here since heat shields are  not subjected 
t o  as high a s t r e s s  l eve l  as i s  the primary structure.  The available sneet 
and casting alloys show insuff ic ient  resistance t o  creep, but the dispersion- 
s tabi l ized alloys a re  promising, the TD N i C  being the best of the group. This 
material appears adequate i n  other requirements at temperatures up t o  at l e a s t  
1800~ F, but s l i gh t ly  low i n  yield strength and elongation at  2000’ F. 
a l loy TD N i C  i s  current ly  available i n  sheet as th in  as 20 mils. Some joining 
studies f o r  t h i s  material  a re  under way and long-time exposure t e s t s  i n  simu- 
lated hypersonic a i r c r a f t  environments must be made t o  determine whether the 
promise of TD N I C  as a prime candidate heat-shield material for  hypersonic 
cruise a i r c r a f t  w i l l  be fu l f i l l ed .  

The oxidation parameter for the  graph at the l e f t  i s  again sheet thick- 

The 

Leading Edges 

Other materials problems f o r  hypersonic cruise vehicles concern areas of 
the  structure where periodic replacement may be permitted. Consider leading 
edges which encounter temperatures from 2000° t o  3100° F during cruise.  Two 
classes of materials a re  of i n t e re s t  for  leading edges; namely, coated refrac- 
to ry  metal sheet alloys and coated graphite or graphite composites. Properties 
of these materials appear adequate for  the application except i n  the area of 
oxidation resistance. This is indicated i n  figure 5. Again, temperature Is 
plot ted as a function of exposure t i m e ,  which i s  on a logarithmic scale.  The 
guidelines are  coating failure fo r  coated materials and 0.1-inch substrate 
thickness decrease f o r  the JTA graphite composite, which foms  i t s  own coating. 
The arb i t ra ry  time-temperstun zequirement is  50 hours a t  2000° t o  3130° F 
before replacement. 

Protective coatings f o r  refractory metals have been researched extensiveljr 
f o r  t he  past  decade. 
s i l i c i d e  coatings on molybdenum (refs. 11 and 12), columbium ( refs .  13  and %4), 

Data fo r  the be t te r  commercially available aluminide and 
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and tantalum al loys (refs. 12, 14, and 15) fall  i n  the upper shaded band f o r  
small coupons under cycl ic  exposure i n  s t a t i c  air. 
other researchers a re  reported here. 
been approached recently with some r e l i a b i l i t y  with the development of fused 
slurry s i l i c i d e  coatings (ref. 14). 
a l loys a l so  f a l l  i n  t h i s  upper band. 

Both NASA data  and tha t  of - 
The top of the  upper band i n  f igure 5 has 

The new Iff-Ta a l loy  coatings f o r  tantalum 

It i s  common knowledge tha t  coatings on large fabricated par t s  do not have 

Limited experience w i t h  fabricated par t s  and w i t h  
as long l i ves  as coated coupons and t h a t  flowing air  t e s t s  give lower coating 
l ives  than s t a t i c  air  tests. 
simple specimens i n  airstreams ( refs .  15, 16, and 17) indicate tha t  the actual  
l ives  t o  be expected f o r  exis t ing coatings on refractory alloys i n  leading 
edges or  heat shields of a hypersonic cruise vehicle l i e  i n  the Qwer shaded 
band of figure 5 .  Oxidation failures f o r  s i l iconized graphite leading edges 
(ref. 16) a l s o  f a l l  i n  t h i s  lower band. 
of substrate i n  the temperature-time range indicated by the so l id  l i n e  
( r e f .  18). 

JTA graphite composite loses 0.1 inch 

, -  An assessmect of these data izdicat3s that  current caxizl~sue m m x - z ~ s  1';:- 
leading edges f a l l  short of a 50-flight cycle before replacement requiresent at 
temperatures above 2000° F.. Further developments of refractory metal coatings 
and new materials such as chromium alloys show promise f o r  30 cycles without 
replacement a t  temperatures t o  perhaps 2600' F. A t  3100' F, however, replace- 
ment may be necessary a f t e r  5 t o  10 f l igh ts .  

Nose Caps 

Consider now the par ts  of the hypersonic cruise  vehicle t ha t  a re  exposed 
t o  highest temperatures - the nose cap and some leading-edge sections around 
the engine nacelles. (See f i g .  1.) Oxidation o r  erosion resistance i s  of 
prime importance. 
ature as a function of exposure time w i t h  the parameter being e i the r  coating 
f a i lu re  on coated refractory m e t a l  or a material  loss of 0.5 inch by erosion 
o r  oxidation fo r  the other materials considered. The guideline is  an exposure 
time of 5 hours a t  temperatures from 3100' t o  4000° F before replacement. 

These properties are shown i n  figure 6 i n  a ?lot of .t,er??e.r- 

Two types of composite nose-cap s t ructures  were tes ted  i n  flowing air f o r  
the A i r  Force ASSET program ( re f .  19). 
tungsten wire mesh. 
the hafnium-oxide (hafnia) cap w a s  tes ted a t  4400' F. 
performance but data a re  not yet available on reuse capabi l i t ies .  

Both were ceramic reinforced with 
The thorium-oxide ( thoria)  cap was tes ted  a t  4900° F and 

Both showed good 1-hour 

An NASA investigation of JTA graphite composite ( r e f .  20) i n  subsonic and 
supersonic airflow has shown t h i s  material t o  have excellent reuse capabi l i ty  
and a much lower oxidation o r  erosion ra te  than tha t  of standard ; rzphiks .  
The JTA composite contains zirconim, si l icon, and boron i n  addition t o  carbon 
so tha t  it forms a protective coating on outer surfaces as it oxidizes. The 
standard graphite, ATJ, contains only carbon so t h a t  i t s  oxidation r a t e  i s  
r e l a t ive ly  high. Data f o r  the Hf-27Ta coating on tantalum a l loy  a re  shown i n  
a band f o r  coating thicknesses of 10 mils t o  20 mils. Neither the  la t ter  nor 
the ATJ graphite appears sui ted t o  the nose-cap requirements. 



Another problem area which should be mentioned concerns development of 
techniques f o r  minimizing thermal stresses i n  r e l a t ive ly  b r i t t l e  ceramic o r  
graphite nose caps o r  leading-edge segments at points of attachment t o  metall ic 
substructures e 

In summary, it would appear t ha t  the  STA graphite composite i s  the cur- 
ren t ly  available material  which shows most promise f o r  multiple flight capa- 
b i l i t y  i n  nose-cap or leading-edge applications at  4000° F. 

Tankage 

The last s t ruc tu ra l  application t o  be considered is  the coldest par t  of 
the  structure,  l i qu id  hydrogen tankage. In  the previous applications dis-  
cussed, candidate materials were e i t h e r  similar i n  density so t h a t  weights 
were comparable o r  the par t  of the a i r c r a f t  i n  question was  not weight 
c r i t i c a l .  For tankage, however, various candidate alloys of wide variatior, in 
densi5;r a re  availzble.  In f i g x e  7 ore of the xcre ixqortant factors:  %'re 
t ens i l e  strength of specimens iJith notches xnich zpproximte ehe &-*--- - . L - - - 2 3  -... 

s t r e s s  r a i se r s  i n  s t ruc tu ra l  members, i s  shown for several  materials. The 
stress-concentration fact.or fo r  these-curves i s  approximately 8. 
the notch t ens i l e  strength t o  the density i s  plot ted as a function of teAIL v e r -  
ature f o r  several  materials. The nominal requirement i s  noted as a notch 
strength-to-density r a t i o  of 600,000 inches. 

. i 

The r a t i o  of 

The most s ignif icant  indication from t h i s  plot, generated from data i n  
references 6, 21, 22, and 23, i s  tha t  the titanium alloys, which appear 
superior at  l iqu id  hydrogen temperatures, lose t h e i r  superior i ty  t o  extra- 
hard type 301 s ta in less  s t e e l  i f  high-temperature operation at s ignif icant  
tank s t resses  is required. 
sonic cruise  vehicle may be dictated by a high-temperature operation condition 
near the end of a f l i g h t  so  tha t  the high material  strengths a t  cr;rogenic t e m -  
peratures could not be ut i l ized.  I n  any event, the titanium alloys ana s-cain- 
l e s s  s t ee l s  look best  on t h i s  plot ,  whereas the all-nainum alloys and the super- 
alloy, Re& 41, do not appear as promising. 

It i s  possible that design of tankage i n  a hyper- 

Another important problem which has not received enough research t o  date 

The notch tensile strength would be most 
is  t h a t  of possible hydrogen embrittlement of these tankage materials during 
elevated temperature operation. 
affected by t h i s  phenomenon. 
figure 7. 
was exposed i n  0.1 psig hydrogen at 600' F under a s t r e s s  of 10 ks i  ( r e f .  6 j .  
This specimen f a i l e d  i n  50 minutes. Several titanium alloys have been shown 
t o  be subject t o  some degree of hydrogen embrittlement a t  temperatures above 
300' F, so t h a t  use of titanium alloys i n  hydrogen tankage may be l imited t o  
operation at  tha t  temperature or  lower. 

One r e su l t  of a study of this e f fec t  i s  noted i n  
A specimen of the extra  low i n t e r s t i t i a l  content Ti-5Al-2.5Sn a l loy  

Filament-wound tanks of glass-fiber o r  boron-fiber reinforced resins  have 
been suggested as lightweight tankage materials. For hydrogen tankage, how- 
ever, a m e t a l  inner l i n e r  i s  necessary t o  prevent diffusion through the  w a l l .  
The l i n e r  weight, plus the considerations of mismatch due t o  thermal expansion 



during cyclic temperature operation, make the combination less attractive at 
present than conventional metallic construction. 
is given in reference 24. 

A discussion of this pro'plem 

The stainless steels such as extra-hard type 301 are therefore considered 
the most promising available materials for liquid hydrogen tankage in the 
hypersonic cruise vehicle, but more research on hydrogen embrittlement of tank- 
age materials is required for cryogenic/elevated temperature cycling. 

CONCLUDTlNG REMARKS 

A state-of-the-art review of materials for structural applications in 
hypersonic cruise aircraft has been presented. The following conclusions are 
indicated: 

1. &Jailable sheet saterials f o r  pr-ry structure applicstlcns m y  s-2fL-s - .  
~ ,_-_- for opers:i.ocal keqeratues 01' 1Qc3 F t'or sxposures :.p 713 * - - & Z L - ,  ? 

hours but do not appear adequate f o r  applications at 1600~ 3'. 
ising materials f o r  operation at the latter temperature appzar ^,s 3e che C E S X ~ ~  

alloys developed for engine applications but their utilizatior, deaezds upo-sl 
fabrication into sheet with some ductility. 

The most 2rm- 

2. The newly developed dispersion-stabilized sheet alloy, TD NiC, appears 
promising for permanent heat-shield requirements at temperatures from i600" 
to 2000' F, 

3. Current refractory materials fo r  leading edges and heat shields oper- 
ating at temperatures up to 3100~ F appear to require replacement after 1 or 
2 flight cycles. lmproved coating reliability might increase this capability 
to 7 or  10 cycles, but considerable research and development is needed for 
longer intervals between replacements. 

4. The JTA graphite composite shows promise for a capability of at leas-, 
2 or 3 cycles in nose caps operating at 4000' F. 

5. Because of the requirement for cryogenic and elevated temperature oper- 
ation of hydrogen tankage, stainless steels such as extra-hard type 301 appear 
most promising for this application. 
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29. A CARBON DIOXIDE PURGE AND THERMAL PROTECTION SYSTEM 

FOR LIQUID HYDROGEN TANKS 

By L. Robert Jackson and Ellsworth L. Sharpe 
Langley Research Center 

SUMMARY 

€&-personic f l i g h t  may introduce l iqu id  hydrogen f u e l  t o  a i r c r a f t .  If so, 
t h e  problem of l imi t ing  heat t r ans fe r  t o  the  fuel  w i l l  become a p r inc ipa l  a i r -  
craft design problem. For instance,  the low temperature of l i q u i d  hydrogen 
can cause air  t o  liquefy on tank w a l l s  and cause a cryopumping act ion.  Should 
cryopumping be permitted during f l i g h t ,  excessive fuel  vaporization could 
r e su l t .  Fuselage w a l l s  both unsealed (which are gas purged) and sealed. (whlzh 
a r e  evacuated) hzve been studied t o  exclude a i r  from t h e  tanks. 
~ ~ s c u s s e s  ar i m s e d z 3  systea chat oi 'fsrs efr'nctl-re " i eAxs l  ;T~:K:: ,r, ;L:Z :';:- 
heat absorption by sublimation of Co;? f r o s t  and by t ranspi ra t ion  of %e 
resu l t ing  gas through t h e  tank insulat ion.  Research t o  date 'has estebl ished 
technology f o r  system design and operation. This e f f o r t  has indicazed. 2hat t h e  
CQ system i s  a workable so lu t ion  f o r  l imi t ing  fue l  heat load when used i n  con- 
junction with supplemental nitrogen purging f o r  periods of low heating r a t e .  
Recent t e s t s  with a representat ive s t r u c t u r a l  model have demonstrated t h e  tank 
w a l l  temperature cont ro l  e f f ec t  of t h e  Co;! thermal protect ion system. 

??is 3 s ~ ~  - -  - .  

INTRODUCTION 

Studies ( r e f s .  1 and 2 )  have shown t h a t  l i q u i d  hydrogen m2.r be %e P - ~ e l  
of hypersonic a i r c r a f t .  If so, t h e  problem of l imi t ing  neat t r ans fe r  co  -,he . 

f u e l  will become a pr inc ipa l  a i r c r a f t  design problem. The problem of l i x i t i n g  
heat t r a n s f e r  t o  t h e  f u e l  i s  not one of simply insu la t ing  tne  zank ~_pcauce  
t h e  low temperature of t h i s  f u e l  can cause any gas except helium t o  condense 
and cause a cryopumping ac t ion  (ref. 3 ) .  
w a l l s ,  because i t s  continuous cryopumping can re lease  t h e  heat of condensation 
a t  a high rate ins ide  t h e  insulat ion.  Tests (ref. 4 )  have shown t h a t  t h e  
resu l t ing  heat t r a n s f e r  t o  t h e  fue l  i s  su f f i c i en t  t o  vaporize f u e l  a t  a r a t e  
of 18 lb/hr-ft2 of tank surface area. This rate i s  not acceptable f o r  a 
f l i g h t  vehicle.  Furthermore, t h e  accumulations of water and; l iquef ied  oxygen 
f rom t h e  air  can c rea t e  problems other  than t h e  f u e l  heat load. 

A i r  must be excluded from tank 

I n  general ,  only two approaches are possible  f o r  preventing flow of a i r  t o  
tank wells. E g u r e  1 shows severa l  l i qu id  hydrogen tanks  i n  t h e  f..selage cr" 
hypersonic a i rplane.  
systems under consideration. Each sect ion has an unsealed s t ruc ture ,  insula- 
t ion ,  and a separate suspended tank. 

Enlarged sect ions of t h e  tank w a l l  i l l u s t r a t e  t he  two 



The section on the  l e f t  shows one of the  systems proposed for excluding 

Both thin metals and p l a s t i c  films have been t r i e d  
a i r  from tank w a l l s .  
by means of a container. - 
f o r  sealed surfaces. Neither material  has been successful t o  date. However, 
should an evacuated container be made, a i r  condensation would not occur because 
the  hot face of t he  container i s  at a higher temperature than that f o r  the  
l iquefaction of a i r .  

The aim of this approach i s  t o  sea l  the i p u l a t i o n  space 

The section on the r ight  shows the other approach under study f o r  the 
exclusion o f - a i r  from tank w a l l s .  T h i s  approach involves a l i gh t  pressuriza- 
t ion  with a gas of the purge space between the tank and the s t ructure  t o  pre- 
vent air  from entering the unsealed structure.  H e l i u m  has been tes ted  f o r  t h i s  
purpose ( re f .  5 ) ,  but helium i s  costly and other systems are  possible wLth l e s s  
cost and weight. 

Recent studies have led  t o  two other gas purge systems. One (described 
herein and presented i n  ref .  6) i s  the  CQ system tha t  has been under study f o r  
about 3 yeers. The second system (described i n  re f .  7) i s  a nitrogen gas > 7 z s 2  
system ';hat zesifi;?ci f r c m  the CQ systea 3r ,~dins .  ?.j:~s-$-ts 7:; - - -  
thermal protection system study a re  given and are  r"o1iowed by r s s u i x a  3: i 

simulated hypersonic f l i g h t  wi th  a representative s t ruc tura l  nodel. 

SYMBOLS 

thermal conductivity 

insulation thickness 

mass-flow r a t e  

C02 p a r t i a l  pressure 

C02 and helium mixture pressure 

fue l  heat load 

temperature 

temperature difference over insulation 

f ros t  unit-area weight 

insulation density o r  insulation-frost composite density 

f r o s t  density 

f r o s t  deposit ion t i m e  



A C@ system study has included the experimental determination of thermo- 
physical properties of C@ frost and frost deposition data. 
yses of C@ system weight and purge requirements were made. 
tests and analyses are given after a brief description of the C@ thermal pro- 
tection system. 

In addition, anal- 
Results of these 

Description 

Figure 2 shows a tank wall section similar to that in figure 1, but the 
low density-conductivity product pk insulation on the tank is shown impreg- 
nated with (2% frost. 
used because, the lower this product, the more efficient the insulation. At 
the pressures encountered arow-d the tank, C02 has no liquid phase; therefore, 

and as %he tack is f l l l t a  -ax r’ael, scme of the CQ gas condenses directijr ZG 

a frost vithin the insulaticn. The density of this frost is controlled by 
mixing noncondensable helium with the CO2 gas around the tank during frost 
depo sit ion. 

A n  insulation with a low density-conductivity product is 

4- -2 r- -*eJ- _. . .  1 -  -Then 1 s  gijr~e.’ frcz ~,,ns%~;d ~ 2 s  L,E~,: -y *-?-- “ > d  z-F =-s *LL---s =i __-_$I=‘; - *  cr+2zr5.tLzr 

Once the required amount of frost has been deposited, take-off results in 
sublimation of the frost, first by a pressure reduction with altitude, then by 
aerodynamic heating. 
prevent flow of air through the unsealed structure to the tank during hy-per- 
sonic flight, and supplemental nitrogen purging is provided for subsonic flight. 
The low conductivity of C@ and the heat it absorbs result in an efficient 
thermal protection system. Therefore, the Co;! system can limit heat transfer 
to the fuel at a weight that may be acceptable. 

Sublimation of the frost provides the purge gas needed to 

Thermophysical Properties 

To assess the performance of the CQ system, thermophysical properties for 
the frost were obtained. These data were obtained under Contract No. NAS1-4017 
to Convair Division of General Dynamics, and some results are given in figure 3. 
T h i s  figure shows plots of thermal conductivity of the frost-insulation com- 
posite and of pk for various frost densities. The frost was deposited in a 
4.5 lb/ft3 density fibrous insulation. 

As shown on the left of the figure, frost conductivity without helium 
(flight conditions) is less than with helium (preflight conditions) for densi- 
ties greater than about 10 lb/ft3. 
a pure Co;! gas environment; wherecl;, during preflight the fros-b is in an envi- 
ronment consisting of a mixture of C Q  and helium. The conductivity of helium 
is higher than that of C02 gas; this fact is in part responsible for the dif- 
ference in the conductivities at the higher densities. 
is a measure of insulation efficiency of the frost-insulation composite, and, 

During hypersonic flight, the frost is i?? 

The magnitude of pk 



as with insulat ion alone, minimum weight i s  achieved at  minimum 
minimum i s  shown a t  20 lb / f t3  f r o s t  density. A density of 25 l b / f t3  has been - 
selected for design because the f r o s t  i s  firmer a t  this density than a t  lower 
densit ies.  

pk. This 

Co;1 Frost Deposition 

To deposit f r o s t  a t  a given density and unit-area weight, cer ta in  variables 
must be controlled. Variables affecting control of C@ f r o s t  deposition a re  
shown i n  f igure 4. This figure gives Co;! f r o s t  density a s  a function of the 
r a t i o  of Co;! p a r t i a l  pressure t o  the  pressure of the mixture of CQ and helium 
which surrounds the tank. The constant deposition times a re  shown by dashed 
l i nes ,  and the  constant unit-area f ros twe igh t s  a re  shown by so l id  l ines .  
This figure provides t h e  necessary information f o r  f r o s t  deposition a t  the 
required density and weight f o r  the par t icu lar  temperature difference and 
insulation t h i c h e s s  used ?or these t e s t s  (AT = 390c F; L = 1.7 b . 1 .  S i x -  
LL.2s :-;a 52-TJ.3 >,et:: ;'ctap7-72 r',r ,.--'?,'.. --%S'C ~~::--~-:,>n:. 

The pr incipal  deposition control variable f o r  f r o s t  density i s  the  r a t i o  
That is, the density i s  

The correct C@ 

of eo.;! p a r t i a l  pressure t o  the gas mixture pressure. 
increased with increases i n  t h i s  pressure ra t io ;  a t  a par t icular  pressure r a t l c ,  
the density i s  increased with increases i n  deposition time. 
p a r t i a l  pressure r a t i o  depends on the amount of f r o s t  required and the  density 
desired. For example, t o  deposit 1.0 lb/f t2  of f ros t  a t  a 25 lb / f t3  densi",y 
requires a pressure r a t i o  of 0.25. The corresponding time f o r  deposition i s  
seen t o  be jus t  over an hour. This pressure r a t io ,  the deposition time, and 
the tank-wall cool-down r a t e  a re  the only variables actually controlled during 
deposition. 

cc2 System Weigh; 

It i s  appropriate t o  consider the manner i n  which the COz system weight i s  
affected by the selection or" a deposition time. Deposition time af fec ts  the  
turnaround time and should not constrain f l i g h t  operations. The e f fec t  of 
f ros t  deposition time on CQ system weight i s  shown i n  f igure 5.  These data 
a r e  fo r  the  lower tank surface and are  based on a 1.5-hour f l i g h t  of a cruise  
airplane at  an average surface temperatu-re of 150Oo F. 
includes vaporized f u e l  and insulation as  well as the  average f r o s t  weight 
carried during the f l i gh t .  
of about 4 hours. 
almost the  same C@ thermal protection system weight. 
a s  servicing and inspection, a t i m e  of 1 hour appears t o  be a reasonable 
rninimum f o r  airplane turnaround time. Therefore, the C@ system d q o s l t i c n  
time does not const i tute  a severe ope ra r fma i  L a s t m i n t .  

The system weight 

A mi-nimum weight i s  achieved a t  a depsi- t ion tFrr.5 
However, deposition for as l i t t l e  as  1 hour resu l t s  i n  

For other reasons, such 

504 



Purge System 

Another aspect of any purge system i s  concerned with the  question of how 
much purge gas i s  required t o  overcome the  leakage through the s t ructure  w h i l e  
maintaining a posi t ive pressure i n  the purge space. 
amount of f r o s t  available is adequate f o r  normal cruise  f l i gh t .  However, the  
c r i t i c a l  s i tua t ion  would develop during periods of low heating rate such as 
could occur i n  an aborted f l i g h t  wherein, at  the  halfway point, plane must 
f l y  one-half t h e  range a t  subsonic speeds. The absence of aerodynamic heating 
a t  subsonic speed great ly  reduces the amount of CQ gas from f r o s t  sublima- 
t ion  which i s  available f o r  purging. 
temperature t i m e  his tory of a selected abort mission and the  r ight  side shows 
the gas flow ra t e s  during the  time of f l i g h t .  

Calculations show that the  

The l e f t  side of f igure 6 shows the 

The aerodynamic surface temperature i s  shown t o  r i s e  rapidly during climb, 
t o  remain l eve l  during cruise,  and then t o  f a l l  rapidly a f t e r  abort. During 

1 
2 abort the Mach number changes from %.O t o  0.8. To return t o  base, a 2-- hour 

subsonic cruise i s  assumed. The tank upper surface tenFerature i s  increeslrg 
i~rizg the  f i igh;  t h e .  The Z.ir’ference i n  ZE-CI~~CGL? TLZ-?~:~ 2-2 ::25 -cz.-- 
temperatures i s  an indication of the heat-transfer r a t e  7;o the frost on ;ne 
tank wall. 

. -  

The heat-transfer r a t e  i s  high during Mach 8 f l i gh t ;  consequently, the 
mass-flow r a t e  of C% gas i s  also high from sublimation of f r o s t  ( f ig .  6, r i gh t  
side).  
dot curve, and it varies  because of changes i n  aerodynamic heating and atmo- 
spheric pressure. 
achieved by a t ten t ion  t o  sealing during construction. 
representative s t ruc tura l  model w a s  about twice the  sea-level value shown a t  
take-off; however, no attempt was made t o  minimize leakage with the model. 

The leakage r a t e  through the  unsealed s t ructure  i s  shown by the dash- 

This par t icu lar  i n i t i a l  leakage r a t e  (0.4 lb/hr-ft2) may be 
Measured leakage from a 

After abort t he  sublimation r a t e  drops below the leakage rate:  actual ly ,  
sublimation provides l e s s  gas than the  amount needed t o  achieve the indicated. 
redeposition flow. 
would conder-se on the  lower tank surfaces i n  contact w i t h  l iqu id  hydrogec, 
i f  suff ic ient  C@ gas were available. This analysis indicates t h a t  a sup- 
plemental purge system i s  required t o  prevent cryopumrping of a i r  through 
the s t ructure  t o  the  tank during periods of low heating rate.  
shown t h a t  nitrogen may be used f o r  purging during such periods. 

The redeposition-flow r a t e  i s  the  r a t e  a t  which C@ gas 

Tests have 

STRUCTURAL MODEL TEST 

The f i rs t  simulated f l i g h t  t e s t  of 8 representative fuselage s t ructure  of 
a hypersoni- airp,ate has been recently ?ompleted. This t e s t  ;ras 2erfGLme< 
with simultaneous loading and heating while the  tank contained l iqu id  nitrogen. 
The model used w a s  designed f o r  Mach 8 f l i g h t  and incorporated the  C@ thermal 
protection system. 
stage-to-orbit airplane. 

The model design w a s  based on the first stage of a two- 
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Model Description 

The model i s  seen i n  figure 7. The top photograph shows the  rear view of - 

The hydrogen tank is made of 2219 aluminum al loy and is waffle stiff- 
the  assembled s t ruc tura l  model. 
assembly. 
ened. 
kets  of f ibrous insulation, bonded t o  the  tank, are shown i n  the  f i n a l  assembly 
view. 
the Convair Division of General Dynamics (ref. 8). The contractor reported 
tha t  with an allowance f o r  s i ze  difference, the construction shown could be 
b u i l t  i n to  a hypersonic airplane without fur ther  extensions of the a r t .  

Under the  model are components b 

The structure  is made of Re& 41 superalloy and i s  Z-stiffened. 

The model w a s  designed at  the Langley Research Center and fabricated by 

Blan- 

Apparatus 

Laboratory experiments with the model were performed with the  apparatus 
This apparatus i s  used a t  the  Langley Research Center t o  shown i n  f igure 8. 

t e s t  fuselage structures for hypersonic airplanes. The s t ruc tura l  model, sup- 
;cr?ed j y  2 frrane 2 s  a cantilever,  i s  a calikra2lcn aodel  LIS& :; 25~ck c : ~ t  -kc 
components of the apparatus and to  seme as a t e s t  bed f o r  exzemal h e ~ c  
shields.  

A bending moment and a shear force a re  applied t o  the front of the  model 
by the  hydraulic-load system. Radiant heaters surround the  model. For t es t ing ,  
the  clam-shell heater frames a re  ro l led  i n  toward the model so tha t  the heaters 
enclose the  model. Five banks of heaters a r e  individually program controlled. 

Cryogenics a re  stored i n  the Dewar vessels shown behind the  model. Liquid 
nitrogen and l iqu id  helium may be used successively i n  the t e s t s .  

Test Results 

Actual test results i n  which l iqu id  nitrogen w a s  used a re  shown i n  f ig-  
ure  9. T h i s  f igure shows surface temperatures against time f o r  a simulated 
f l i g h t  performed i n  the Langley structures laboratozy. Temperatures on tne 
upper and lower aerodynamic surfaces are  seen t o  r i s e  rapidly a f t e r  take-off; 
the surfaces then cool gradually before landing some 30 minutes l a t e r .  Stage 
separation occurred a t  about 10 minutes a f t e r  take-off; a return gl ide a t  
constant angle of attack, used i n  the analysis, i s  responsible for the  tem- 
perature osc i l la t ions  shown. The lower tank surface i s  a nearly constant 
-323' F f o r  20 minutes a t  which t i m e  the tank i s  empty. 
t o  r i s e  on the upper surface a t  take-off since the  l iqu id  l eve l  begins t o  
recede a t  take-off and the  tank wall. absorbs the  heat t ransferr ing through the  
thermal protection. 

The temTerature s t a r t s  

The curves shov calciaczted resu l t s ,  vhereas the symbols show x s s u r s d  
values obtained during the  test. 
t he  correctness of both the  thermophysical property data used i n  the  analysis 
and deposition data used i n  the experiment. 

The agreement between these results confirms 



Both the  upper and lower tank surface temperatures l eve l  off a t  about 
- U O 0  F (the CCQ f r o s t  sublimation temperature) a t  12 minutes and 27 minutes, 
respectively. Then after a l l  f r o s t  has sublimed from the  upper tank-surface,  
a t  15 minutes, the measured temperature r i s e s  t o  a maximum of 4 5 O  F a t  landing. 
This test  c lear ly  demonstrates t he  tank w a l l  tpsrperature control e f fec t  of the  
Go2 s y s t m .  

CONCLUDING REMARKS 

The Co;! purge and thermal protection system f o r  hydrogen tanks of hyper- 
sonic airplanes has been summarized. 
nology f o r  system design and operation and indicates that the Co;! system i s  a 
workable solution t o  the prevention of cryopumping of air  and the  l imit ing of 
heat t ransfer  t o  the  fuel.  During periods of low heating ra tes ,  such as occur 
i n  an aborted f l i g h t ,  a supplemental nitrogen system supplies the purge gas 
required. Future e f fo r t  includes Mach 7 wind-tunnel tes t ing  cf the CQ systen 
s t ruc tura l  model. 

Research t o  date has established tech- 
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30. FUSELAGE AND TANK STRUCTURES FOR HYPERSONIC AIRCRAFT 

By John L. Shideler and L. Robert Jackson 
Langley Research Center 

S- 

Results of recent analyt ical  studies on primary st ructure  and thermal 
protection systems f o r  hypersonic airplane fuselages containing hydrogen fue l  
are reviewed. 
structures under axial compression are shown f o r  three new e f f i c i en t  s t ruc tura l  
concepts. Four thermal protection systems are  described ranging from 'a sealed 
vacuum system which required fur ther  fabrication advances t o  a new nitrogen 
purge system. Unit-area weights f o r  t o t a l  fuselage systems combining load- 
ca2rying s tmctures ,  thermal-protection system, tank, and heat shield are  
tabulated. The nitrogen system, which has potent ia l  cost and operat,Ion-.l 
advantages, compares I'avorabl-y V i Z h  ozher cur renz ly  r'easible conc,asa.  

Weight-strength comparisons of cyl indrical  fuselage w a l l  

This report reviews results of recent studies on primary s t ructure  and 
thermal protection systems fo r  hypersonic airplane fuselages containing hydro- 
gen fuel .  
heating environment associated with hypersonic f l i g h t  impose several  new prob- 
lems on a i r c r a f t  structure.  For example, an exceptionally 
strong incentive exists t o  minimize the fuselage weight per u n i t  area because 
large surface areas w i l l  be required t o  contain the  low-density hydrogen. In 
addition, the fuselage tank s t ructure  m u s t  prevent undesirable cryoymping and 
must accommodate a large temperature difference from the aerodynamicaliy 
heated surface t o  the  liquid-hydrogen tank w a l l  (about 2000' 2'). 

The use of l iqu id  hydrogen as a fue l  and the severe aerodynamic 

(See ref. 1.) 

Figure 1 shows schematics of two types of liquid-hydrogen t a n k - w a l l  con- 
figurations which consider these new problems. The nonintegral tank config- 
uration provides separate components t o  sa t i s fy  the primary functions of the 
fuselage. For instance, an external hot structure, shown as a ring-stiffened 
truss-core sandwich, i s  the  primary load-bearing structure.  An insulated tank 
i s  suspended within the hot fuselage structure.  To a l lev ia te  thermal s t ress ,  
suspension is  such tha t  the  tank can contract upon cooling and the s t ructure  
can expand upon heating. I n  t h i s  configuration the s t ructure  may be oper- 
a t ing at  the upper temperature l i m i t  of available materials. 
tank-wall configuration, the s t ructure  serves as the tank, thereby inte-  
grating two functions in to  one soqonent and l imit ing the strgc+,;u-% t o  a l o w  
operating temperature. Both of these features tend t o  improve efficiency. 
Thermal protection i s  added outside the structure,  and heat shields are needed 
t o  protect the insulation. 
f lex ib le  c l ip s  tha t  penetrate the insulation and leave each shield f ree  t o  
expand with l i t t l e  r e s t r a in t  as it i s  heated. 

I n  the in tegra l  

The heat shields a re  attached t o  the s t ructure  w i t h  

Although f lexible  attachments 
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- 
alleviate thermal stress caused by the  temperature difference, they produce heat 
shorts causing the heat t ransfer  t o  the f u e l  t o  be greater with t h i s  configura- 
t i o n  than with the  nonintegral tank configuration. 
problem posed by in t eg ra l  tank construction i s  the  attachment of a nonfueled hot 
Wing t o  the fuselage tank structure.  
the fuselage and the wing s t ructure  and w i l l  require fur ther  research before the  
merits of the in tegra l  tank s t ructure  can be properly assessed. 

Probably the most s i g n i f i c b t  

The solution t o  t h i s  problem af fec ts  both 

S M O L S  

E Young's modulus 

k thermal conductivity 

Nx cylinder buckling load 

R cylinder radius 

t' effect ive thickness 

P density 

yield s t r e s s  aY 

LOAD-CARRYING STRUCTURE 

In the past  few years several  buckling analyses have been developed f o r  

These analyses have 
cylinders, such as shown i n  figilre 2, which have ring- and stringer-tTfle c x -  
st ruct ion and which are subjected t o  ax ia l  compression. 
included the effects  of r ing eccent r ic i t ies  and s t r inger  eccentr ic i t ies ,  where 
the eccentr ic i ty  i s  the distance from the r ing or s t r inger  centroid t o  the s k i s  
centroid. 
a weight-strength evaluation of fuselage structures i n  bending. 
weight-strength analyses, the e f fec ts  of r ings and r ing  and s t r inger  eccentric- 
ities were e i the r  not accounted f o r  or  were accounted f o r  i n  an approximate 
manner. The present analysis considers i n t e rna l  or  external rings, in te rna l  
or external s t r ingers ,  and a rb i t r a ry  skin, str inger,  and r ing geometries. As  
the basis f o r  a weight-strength evaluation, t h i s  analysis considers l oca l  
i n s t a b i l i t y  of the skin and s t r ingers ,  panel instabil i ty of the skin-stringer 
combination between rings, and general i n s t a b i l i t y  of the t o t a l  s t ructure  
including rings. This analysis has been used t o  calculate  weights of three 
fuselage s t ractures  which are  sh0.m ir: figme 3. 

This type of buckling analysis ( re f .  2) has been applied herein t o  
In many e a r l i e r  

The beaded skin s t ructure  (upper l e f t  i n  f i g .  3 )  i s  made of two skins that 
are joined t o  one another along s e a s  betxeen beads. Circumferential t h e m 1  
stress from expansion of the skins re la t ive  t o  the cooler r ing i s  minimized 
by the beading. However, the outer skin i s  beaded only s l igh t ly  so that the  
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st ructure  provides a r e l a t ive ly  smooth outer surface and can serve as the  aero- 
dynamic surface of the, fuselage. 

In the  corrugated skin s t ructure  ( f ig .  3, center), the  corrugation i s  made 
of a l ternat ing c i r cu la r  arcs  and flats. Because it i s  a single skin, it has 
l e s s  weight f o r  minimum gage applications than s t ructures  made of two o r  more 
skins. 
but it may be used as a protected s t ructure  where thermal protection i s  used on 
the s t ructure  t o  control  i t s  temperature. 
external r ing s t i f fen ing  t o  be stronger than in t e rna l  r ing stiffening, and since 
t h i s  s t ructure  would not be exposed t o  the airstream, external r ings nay be used 
advantageously. 

A rough corrugation of t h i s  type cannot serve as the aerodynamic surface, 

Recent analyses ( r e f .  2) have shown 

With the s t r inger  s t ructure  ( f ig .  3, lower r igh t ) ,  the load-bearing mate- 
rial near the s t r inger  webs operates at a stress approaching the yield strength 
at  cylinder buckling. Skin material between s t r ingers  i s  permitted t o  buckle 
at  low axial load; however, these buckled skins do provide shear s t i f fness .  
Buckles i n  the skins may afford too rough a surface f o r  e x t e r n d  use, so zg?ic 
external rings are  shown. 'F-e pr inci3le  u t i l i zed  13 .iesig?i-ig :E:: :::-'.z 
i s  tkaz ir; is more e f f i c i en t  t o  l e t  large surlace areas SuckLe LIZ ;; ;r 
the material  necessary t o  s t ab i l i ze  these large areas. 

. .  

Structural  eff ic iencies  of each of the s t ructures  i n  f igure 3 have been 
calculated by the analysis previously discussed. The results of t h i s  analysis 
are  shown i n  figure 4 which compares eff ic iencies  of the three s t ructures  w i t h  
t ha t  of an e f f i c i en t  honeycomb-core sandwich. Limits i n  efficiency are  indi-  
cated by the upper l i n e  f o r  an unstiffened skin, which is  not very e f f ic ien t ,  
and by the  lower line f o r  the yield strength. The yield strength l i m i t  i s  f o r  
s t ruc tura l  materials having a r a t i o  of yield s t r e s s  t o  Young's modulus of 0.005, 
which is  appropriate f o r  most materials near room temperature. 
strength l imi t  is not a t ta inable  by any known structure i n  the range of s t ruc-  
tural index of 10-7 t o  10-6, which i s  the range of i n t e re s t .  

The yield 

Both the beaded and corrugated skin structures a re  e f f i c i en t  because of 
the high loca l  buckling strength of t h e i r  pr incipal  load-bearing element - the 
circular-arc portion of the skin. The s t r inger  s t ructure  has high efr 'iciemy 
because of i t s  very low core density of 0.2 percent. This cgre density i s  one- 
tenth t h a t  of the 2-percent-density honeycomb-core sandwich shown f o r  compari- 
son. The low den- 
s i ty  of the s t r inger  s t ructure  i s  possible because the core material i s  
concentrated at  the  web of spaced stringers;  t h i s  concentration tends t o  make 
the web thicker than tha t  of the honeycomb-core. 

The 2 percent is  selected as a minimum prac t ica l  density. 

The curves shown i n  f igure 4 indicate tha t  f o r  low tank pressures i n  the 
s t ruc tura l  index range of in te res t ,  the  s t r inger  s t ructure  i s  nearly as e f f i -  
c ient  as the very e f f ic ien t  corrugated skin structure.  The efficiency of the 
s t r i cge r  s t i x c b x e  i s  a func+,ion of in te rna l  pressure i f  it is also USE: as a 
tank, and the gage of the skins i s  governed by the in te rna l  pressure t o  be sup- 
ported. 
s t ructure  supports bending loads without assistance from the skins which sup- 
port  i n t e rna l  pressure, the weight of the s t r inger  s t ructure  increases with an 
increase i n  in te rna l  pressure from 5 ps i  t o  25 psi .  

Because the weight-strength analysis i s  based on the fac t  tha t  the 
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THERMAL PROTECTION SYS- 

There are two general types of thermal protection systems f o r  l iqu id  hydro- 
gen tank w a l l s .  
included each type; two examples a re  shown in  figure 5 as schematics - the 
helium transpirat ion purge system, and the evacuated m u l t i w a l l  system. 

They are  gas purged and evacuated systems. This study has 

The helium transpirat ion system at the upper l e f t  i n  figure 5 employs two 
improvements over previously studied helium purge systems. With the preydousLy 
studied systems, the  space around the insulation i s  supplied and l i g h t l y  pres- 
surized with helium. One impmvement i s  the t ranspirat ion of the cold leakage 
flow of helium through the tank insulation. The purge gas then serves as 
thermal protection by absorbing heat. In addition, any heat which reaches the 
tank i s  absorbed by circulat ing the f u e l  on the tank w a l l s  through the indicated 
tubes as the f u e l  i s  pumped t o  the engines. 
par t  of the heat absorption capabi l i ty  of the f u e l  and c m  prevent f u e l b o i l -  
off which has been shown to  be quite hlgh with helium purge systems previouzl;r 

This c i rculat ion uses a very small 

-’.-<j 
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I n  the evacuated m u l t i w a l l  sandwich (lower r ight  in  f ig .  5 ) ,  a multi32.2L::: 
of polished f o i l s  are  welded t o  one another at dimpled c res t s .  The resul t icg 
voids are evacuated t o  form e f f i c i en t  insulating layers.  Experience obtained 
while trying t o  fabr icate  a s t ruc tura l  model based on t h i s  concept ( r e f .  3 )  has 
shown tha t  sealing surfaces enclosing the spaces t o  be evacuated i s  exceedingly 
d i f f i c u l t  and, i n  fact ,  i s  beyond the present s t a t e  of the art.  

‘ 

Schematics of two purge-type thermal protection systems are shown i n  f i g -  
ure 6. 
reference 4. 
and low weight, t h a t  warrant i t s  consideration. 

The carbon dioxide f r o s t  and purge system (upper l e f t )  was discussed i3 
This s y t e m  has features, such as tank w a l l  temperature control 

The nitrogen purge system (lower r ight  i n  f ig .  6 )  i s  a nevtr :onceL’.-~?li_ 
system which shows promise of being very effective.  The entrance of air and. 
water vapor i s  prevented by l i g h t l y  pressurizing the purge space with n i t rogen  
gas. Some of the nitrogen does cryopump t o  the tank w a l l ,  but the innem-cs, 
layer  of fibrous insulation on the tank is  densified and has a very small z e a  
pore s ize .  Consequently, the l iquefied nitrogen does not flow on the tarrk w a l l s  
and continuously release i ts  heat of condensation t o  the tank w a l l ,  but instead 
is  trapped and freezes within the densified insulation. 
nitrogen cryopumping diminishes as an equilibrium pref l ight  condition i s  
ateained. 
1/4 lb/ft2) w i l l  be deposited. ,No attempt is  made i n  t h i s  concept t o  use t h i s  
deposit f o r  thermal protection; consequently, take-off can commence independent 
of the t i m e  of cryopmping o r  of the amount of nitrogen deposited. 

The t o t a l  amount of 

Tests t o  date indicate tha t  only a small weight of nitrogen (about 
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TOTAL FUSELAGE SYSTEM WEIGHT 

The four  thermal protection systems just described may be combined with 
the types of s t ructure  discussed earlier t o  form a t o t a l  fuselage-ta.nk w a l l .  
Four such combinations are shown i n  figures 7 and 8. 

Figure 7 displays two in tegra l  l i qu id  hydrogen tank s t ructures .  The fuse- 
lage w a l l  at the l e f t  incorporates the helium transpirat ion thermal protection 
system and the s t r inger  s t ructure  with external rings. The insulat ion i s  pro- 
tected by heat shields tha t  have omega seals t o  minimize purge gas leakage. 

The fuselage w a l l  on the r igh t  incorporates the evacuated m u l t i w a l l  thermal 
protection system. For t h i s  configuration, the s t ructure  i s  provided by the 
use of two thickened inner sheets separated by dimpled core t o  s t ab i l i ze  the  
faces and t o  provide a sandwich s t ructure  which i s  a convenient extension of 
the thermal protection system i tself .  
about the same as that of the honeycomb-core sandwich used 3s a basis for com- 
oc-isc:: 13 f i F z e  L. 

The efficiency of t h i s  s t ructure  i s  

Figure 8 shows two nonintegral l iqu id  hydrogen tank structures.  The carbon 
dioxide f r o s t  and purge system i s  incorporated with the corrugated skin s t ruc-  
tu re  which i s  s t i f fened by external rings. The s t ructure  i s  protected by insu- 
l a t ion  and a heat shield.  A separate insulated tank i s  shown suspended within 
the structure,  and the carbon dioxide f r o s t  i s  shown deposited i n  the tank 
insulation. 

The nitrogen purge system i s  incorporated with the beaded skin s t ructure  
which i s  s t i f fened with in te rna l  rings. A separate tank i s  again suspended 
within the s t ructure  and the  space between the unsealed structure and tank i s  
nitrogen purged. 

The tank vall system shorn in figures 7 .and 8 are t)Ti.=al ccEbinacLons si 
st ructure  and thermal protection systems. 
systems can be applied, w i t h  d i f ferent  load carrying structures,  t o  e i the r  an 
in tegra l  o r  a nonintegral fuselage. For s inpl ic i ty ,  o n l y  these four combina- 
t ions a re  considered. 

Each of the  four thermal protection 

The weight and performance of these systems has been analyzed by using 
w e l l  established equations from l i t e r a tu re  (refs. 2, 5,  and 6).  
t ions of thermal protection system weights take in to  account the time dependent 
flow of heat by conduction through insulation layers, and heat a b s o q t i m  by 
sublimation, by purge gases, and by boiling fuel .  Tank and heat-shield weights 
(where needed) a re  also accounted for. The basis  f o r  these weight analyses f o r  
a Mach 8 hypersonic cruise  airplane are as follows ( the values given represent a 
selected cruise  mission). Primary s t ructure  weight i s  affected pr incipal ly  by 
the bending load ghicn i s  due f,o bUbLi applied and thermai loads and. wnich i s  
taken t o  be 1500 lb/in.  Joints ,  reinforcements around openings, bulkheads, and 
so forth,  a r e  estimated t o  weigh 0.75 lb/ft2.  Thermal protection weight f o r  
each system depends pr incipal ly  on f l i g h t  t i m e  (1.5 hr) and on aerodynamic sur- 
face temperature (1500' F). 
(350 lb/in.)  o r  in te rna l  pressure (15 p s i ) .  

The calcula- 

Tank weight i s  determined e i the r  by bending loads 
For t h i s  analysis, the bending 

r T >  - - .  



loads are supported without dependence on in te rna l  pressure. 
length were taken t o  be 20 feet and 50 feet ,  respectively. 
sustain t ransient  pressure loads caused by lags  
sure i n  the  purge space. An additional 0.25 l b  
seals used t o  l i m i t  purge gas leakage. 

Tank diameter and 

the system controll ing -pres-- 
Heat shields must 

i s  allowed for  the omega 

protection 
system 

The r e su l t s  are shown i n  table I where calculated unit-area w e i g h t s  f o r  
both in tegra l  and nonintegral tank structures  a re  l i s t e d  f o r  the various ther-  
mal protection systems. Other possible combinations of the thermal protection 
systems and primary s t ructure  concepts t ha t  have been studied r e su l t  i n  no 
s ignif icant  reduction i n  weight. 

jl Total  I Shield 1 T.P.S. Tank S t ruc t w e  

TABU I.- STRUCTURAL WEIGEI' CWARISONS 

Helium 1.0 3.9 , 

t ranspirat ion 

Evacuated 0 . 3  2.0 --- 
m u l t i w a l l  

2.0 

2.0 

C02 frost 1.0 2.5 1.2 

N2 Purge --- 2.9 1.5 

i 

I 
i 

4.3 

1 1  
' h  ,- / 1.5 , i.- 

I 
2.4 6.3 I 

Least t o t a l  weight i s  shown f o r  the evacuated m u l t i w a l l  sandwich struc- 
ture. However, sealing of l i g h t  gage metals f o r  th i s  s t ructure  i s  beyond the  
s t a t e  of the art, and the r e l i a b i l i t y  of maintaining vacuum sealing of l ight-  
gage metals fo r  the environment has t o  be established. 

The t o t a l  weights of the three purge systems are between 6 and 7 lb/ft2. 

(See r e f .  4. ) Prelim- 
A l l  three of these thermal protection system weights include the weight of a 
purge system that can accommodate an aborted mission. 
inary tests ( re f .  7, for example) show that leakage f o r  the helim purge sjr3te.p 
may require much helium and unaccepLdble expense. Earlier h e l i m  purging 
systems would have the same helium requirements as the helium transpiration 
purge system, but would r e su l t  i n  a w e i g h t  increase from 6.9 t o  about 
10.0 lb/ft2. 
s ign i f icant ly  beneficial ,  

Thus, with helium purging, t ranspirat ion and fue l  c i rculat ion are 

rnn 
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In the  C02 f r o s t  and purge system, helium used during f r o s t  deposition 
time would be considerably less than with helium purging. 
helium w i l l  s t i l l  be s ignif icant .  
puree system - has a cost  advantage not shown here. 
of t h i s  concept, i t s  w e i g h t  i s  comparable t o  the  helium purge and C02 systems. 
Moreover, fur ther  research on t h i s  system may lead t o  a s ignif icant  weight 
reduction from tha t  shown here. 

However, cost  f o r  
Thus, the  remaining system - the  nitrogen 

In s p i t e  of the newness 

CONCLUDING FGMARKS 

Results of recent ana ly t ica l  studies on primary structure and thermal pro- 
tec t ion  systems f o r  hypersonic airplane fuselages containing hydrogen f u e l  have 
been reviewed. Weight-strength comparisons of cy l indr ica l  fuselage w a l l  s truc- 
tures  under a x i a l  compression have ident i f ied  three new e f f i c i en t  s t ruc tu ra l  
concepts. 
sealed vacuum system which requires fur ther  fabr icat ion advances t o  a new 
nitrogen 9wge system. Vnit-area xeights for t o t a l  r " . ~ s e l z g ~  z ~ s ' i t f n ~  ZSXZLEIZ-J 

load-carrying structures,  thermal protection system, tack, and heat shield haTie 
been tabulated. The nitrogen system, which has poten t ia l  cost  and operational 
advantages, compares favorably with other currently feasible  concepts. 

Four thermal protection systems have been described ranging from a 

. .  . 
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31. ANALYSIS OF W ~ G  STRUCTURES FOR HYPERSONIC AIXCRAFT 

By Melvin S. Anderson, James C. Robinson, 
and George F. Klich 

Langley Research Center 

SUMMARY 

The study considered the effect of air load, temperature distribution, 
panel concept, and structural arrangement on stresses and deflections. Several 
wing structural concepts for hypersonic flight were studied for use on the 
delta-wing X-13. 
wing-fuselage attachment does not eliminate thermal stress. 
wing covers reduce thermal stresses and appear to be an attractive structural 
concept for delta wings subjected to large temperature differences provided 
that flutter can be prevented. 

The study indicates that the use of a statically determinate 
Spanwise-stiffened 

ITFRODUCTION 

A number of wing structural concepts may be found which have the apparent 

Since economically feasible hypersonic vehicles must have a l o w  
potential to cope with the aerodynamic heating and loading imposed by hyper- 
sonic flight. 
structural mass fraction, such concepts incorporate fairly efficient load- 
carrying structures. 
the thermal stresses induced by temperature differences throughout the struc- 
ture. Without relief, these stresses can be a large part of the allowable 
stress, particularly at the high operating temperature for the cruise vehicle. 
Proposed concepts, however, must be analyzed in sufficient detail to establish 
their capabilitj. to meet h-JpersovAc-flight Tequirements. 

They also have provisions to alleviate a large part of 

Several concepts currently being considered for the proposed delta-w2ng 
X-15 have been studied in some detail with the aid of a structural analysis 
computer program. This paper presents some of these 
results and a discussion of the performance of some of the concepts. 

(See refs. 1 and 2.) 

SYMBOLS 

b 

E 

g 

2. 

N 

panel width 

Young ' s modulus 

acceleration due to gravity 

ving span (see fig. 9) 

stress resultant 
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HX chordwise stress resultant 

spanwise stress resultant NY 

T temperature 

A!r temperature difference 

t equivalent panel thickness 
- 

Y spanwise coordinate 

Z coordinate normal to wing plane 

compressive yield stress =Y 

DSSIGX CONDITIOXS 

Although the study was specificsUy for the delta-wing X - l 5  (hereafter 
designated A X-15), much of the knowledge gained can be applied to the hner- 
sonic cruise vehicle case. 
cruise vehicle can be simulated by the A X-15 is indicated in figure 1. 
left are indicated possible design conditions for a hypersonic cruise vehicle 
and on the right are the design conditions for the A X-15. 
dynamic pressure can be identical. Design acceleration and "nominal" wing 
loadings are such as to produce the same maximum air load. The most critical 
combination of loads and transient temperature differences occurs for both 
vehicles during a maneuver lasting about 30 seconds or less. Although the 
AX-15 has no time at cruise, only those concepts which could survive in the 
cruise condition were considered for this study; thus, ablator's and heat sinks 

the useful value for the superalloys, which is about 16000 F. 
some areas where the temperature exceeds this value but these areas will haTre 
some form of heat protection excernal to the primary structxre. 

The degree to which zhe wing design of a hypersonic 
On the 

Mach number and 

were not considered. Primary semperatilre for bc-ch Ls ssszmed to -ze L h 2 = , 4  4L. I  - -  
There will be 

The A X-15 trajectory which produces this environment is indicated in fig- 

1 
2 
"here is sone re3uctim 

Such a maneuver also produces the very 

ure 2. Altitude, angle of attack, and velocity are plotted as functions of 
flight time. Limit loads and heating occur during a 4-g turn performed at an 

essentially constant altitude of around 80 000 feet. 
in velocity from the maximum of Mach 8 as a result of thrust termination which 
occurs at the initiation of the turn. 
high local Reynolds numbers which are of interest to the aerodynamicist. 

STRUCTllRAL CONCEPTS 

The A X-15 airplane and a possible structural arrangement for the wing are 
shown in figure 3. The wing consists of surface panels supported by ribs and 

,-. I p. -. ;3 
1L-l 



spars having corrugated webs. 
they are structurally efficient, have desirable thermal stress characteristics: 
and are relatively simple to fabricate. 
however, for the wlng surface panels, and a preliml screening of these was 

ed and their 
relative weights are shown in figures 4 and 5. In figur lues of t/b 
are plotted as a function of structural index for square panels of width 
b subjected to an applied compressive load per unit width N. The equivalent 
panel thickness t is a measure of weight. The structural index is made non- 
dimensional by dividing by Young's modulus 
configurations can be made independent of material. The curves are terminated 
at the yield stress limit which is taken as 
cal of superalloy materials in the required temperature range. 
portion of the curve for honeycomb represents face yielding wh;ich can occur 
even though the average stress N x / t  is below yield, since t 
effective thickness of the nonload-carrying core. 
configurations referenced t o  the weight of the honeycomb sandwich are given in 
fi,o;ure 5 for a structural index N/E% 
olis we!.&% differences. The stcciy consizered 5 i ~ ~  q y x s  2f' sa~dwi 2 m z e k  2- 

machined panel, and several or' sheet-metal construction. The sazsxzc. 2r-z x z  
machined waffle grid panel have biaxial load-carrying ability; however, che 
stiffened sheet-metal panels can carry principal loads in one direction only. 
The relative weight of the unstiffened skin indicates that significant weigh; 
savings result from the use of stiffened panels; however, the differences in 
weights between various types of stiffened panel construction are much less. 
These results should be used with caution because relative total wing weights 
utilizing these same panels with optimum spar and rib spacing will show less of 
a difference than relative panel weights. 
correct and the numbers do indicate relative merits. 

Corrugated webs were chosen for the study because 

Several alternatives are available, 

mde with the aid of weight-strength analyses. The - 
N/E% 

E so that comparisons of different 

This value is typi- 
The dashed 

includes the 

uy/E = 0.003. 

The weights of the various 

of loe6 in order to illustrate the vaz-2- 
3 . .  

However, the trends are generally 

For the present wing study, three different approaches to the design prob- 
lem were selected by using the panel configurations enclosed by the dashed lines 
in figure 5. The waffle gr2d panel is typical of rnonocGque sr,r~;etixe tks;  1)~:: 

carry load in two directions and has a relatively smooth surface. 
selected over the two sandwich panels despite its higher relative weight in 
order to avoid the more complex fabrication processes of sandwlch consxucc2.cn. 
Moreover, since the waffle has only one skin, it exhibits more favorable radi- 
ative heat transfer, and hence less temperature difference, between the upper 
and lower surfaces as compared with most of the other stiffened panels which 'm.ve 
two skins. As a representative of semimonocoque construction having load- 
carrying ability in one direction only, the beaded skin stiffened by circular- 
arc corrugations m s  chosen over the zee- or straight-segment corrugation- 
stiffened skin because of its structural efficiency. The surfaces of the zee- 
and corrugation-stiffened skins.wmld probably buckle under thermal stress and 
thus not remain flat. For such a case it is probably more desirable to provide 
a controlled regular surface pattern as in the more efficient beaded skin. The 
sii-,le corrugation and tubular Ianels require the adaizion Oi' an ~ e r o d y n  
surface; thus, they have application where external heat shields are required 
for temperature reasons. The tubular panel was selected for the present study 
because it offers enough weight-saving potential that it might be considered to 
compete with these other configurations in all areas even with the addition of 

It was 
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a heat shield. However, for areas of minimum gage construction, the single 
corrugation would be advantageous. 

The application of these panel concepts to wing structure is shown in fig- 
The waffle has a relatively smooth extend. surface and requires no ure 6. 

special orientation. 
stream to minimize the adverse roughness effect on heating and loading. 
orientation causes thermal stresses in the chord direction and does not provide 
load-carrying material for the primary spanwise bending loads. 
panel is more favorably oriented, since it is flexible in the chord direction 
and, as a result, the thermal stresses are reduced. Also it is an efficient 
structure for carrying spanwise bending loads. Since this configuration has 
low stiffness in the flow direction, flutter characteristics will have to be 
examined closely in order to insure adequate flutter margins. 
co&gated heat shields are alined with the airstream presenting a surface very 
similar to the beaded-skin-panel configuration. 

The beaded skin, however, must be alined with the air- 
This 

The tubular 

The slightly 

TEMPERATURE DISTRIBUTION 

One of the first steps in a detailed analysis of the wing structure is the 
determination of the temperature distribution throughout the wing. Figure 7 
presents typical temperature distributions through the depth of the wing for 
the critical thermal stress condition and for the three panel concepts of fig- 
ure 6. 
difference through the wing approach a maximum simultaneously. Temperatures 
for various locations through the depth of the wing are plotteh on the hori- 
zontal scale. The values af LST shown are the differences between the average 
structural panel temperatures of the upper and lower surfaces and are indica- 
tive of the relative magnitude of possible thermal stresses due to restraint of 
chordwise bending. Even though the temperature difference is about the same 
for the waffle and beaded skins, there is 2 considerable tempera%ure drop in t h e  
beaded-skin panel itself and the surface temperature is almost looo greater than 
the surface temperature of the waffle because of the presence of the additional 
skin. 

For this condition, the lower surface temperature and the temperature 

The presence of the heat shields on the tubular panel significantly reduces 
the transient structural temperature level; however, the temperature difference 
and surface temperatures are simila,r to those of the beaded panel. 

Inasmuch as the waffle grid panels and beaded panels have very thin outer 
skins, they respond rapidly to aerodynamic heating changes and the temperatures 
indicated are representative of those for the cruise vehicle maneuver. 
tubular panel, however, because of the heat shingle will not respond as rapidly 
and the steady-state temperatures will be higher than those indicated. 

The 

The tubular panel has a slight advantage in reduced AT. The orientation 
of this panel, however, effectively eliminates the restraint of the panel to 
chordwise bending; hence, this temperature difference is not a large factor in 
establishing the thermal stress level for the wing. For this panel, the chord- 
wise thermal stresses are generated by temperature differences of about 200° F 
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between the upper and lower rib caps and is.no;t as severe a thermal stress 
problem. 

An indication of the spatial distribution of these maximum primary struc- 
ture temperatures is shown in figure 8. 
the wing that exceed 16000 F in surface temperature. 
to be protected with heat shields designed to control the structuraltempera- 
tures within acceptable values during the design maneuver. 
constant structural temperatures are shown for the maxhum load condition for 
the upper surface of the wing on the top half of the figure and for the lower 
surface on the bottom half. 
temperatures, not necessarily surface temperatures. Note that the structural 
temperatures actually are lower toward the leading edge because of the insu- 
lating effect of the heat shield. 
beaded skin; the tubular panel configuration has somewhat lower temperatures. 

The shaded areas represent portions of 
These areas are considered 

Contour lines of 

The contour lines are panel average structural 

The results shown are for the waffle or 

DEFORMATIONS AND STRESSES 

The effects that these temperatures and the associated air loads have on 
the wing structure are being investigated through the use of a large, finite- 
element computer program. (See refs. 1 and 2.) The nonlinear thermal gradients 
in the wing surface and the substantial temperature differences between the two 
surfaces can produce thermal stresses and deflections. The higher temperature 
lower surface tends to make the wing bow up as shown by the deflections plotted 
in figure 9. 

The vertical deflection of the wing is plotted as a function of distance 
along the root chord for various spanwise locations. The solid curves are 
deflections due to temperature differences and are plotted for the root, one- 
third, two-thirds, and full-span locations. The total thermal and load deflec- 
tions for the tip are shown as a dashed curve; note that Ica& d e f k c t L o n s  are  
only about one-third of the thermal deflections. 
the wing is held relatively flat as it is supported all along its length in 
this example. This restraint can produce appreciable thermal stress. One 
proposal to alleviate thermal stress is to provide only two wing-fuselage 
attachments and let the natural bowing take place. 
from this support condition are shown in figure 10. 
increase in deflections as would be expected, especially in the forward portion 
of the wing, and the entire wing is curved rather than just the aft end. The 
deflection due to load is again about one-third af the thermal deflectloc. The 
large thermal deflections indicate the necessity for integration of the struc- 
tural and aerodynamic design to achieve the desired overall performance. 

TTI the vicinity of the root, 

Wing deflections resulting 
There is a significant 

The effect of changing wing support conditions on the wing-panel stress 
resultants is shown in figures ll and 12 where the inplane stress resuitanzs 
in the lower surface of a monocoque wing are plotted for a section near the 
root chord. Figure 11 shows the spanwise stress resultant Ny. Tension is 
positive and each graph shows a curve for air loads and a curve for temperature 
loading. Figure 12 shows the chordwise stress resultant Nx. For reference it 



is noted that a thermal stress resultant of a little over 2000 lb/in. results 
in an average stress of around 5 C W O  psi for a minimum ga 
having an equivalent panel thickness 5 of 0.045 inch. From figures 11 and 12 
it can be seen that the two-point support results in peak concentrations of 
load stress which are much higher than those for the fairly smooth results of 
the full support case. 
wise thermal stress for the full support case. Tt should be pointed out that 
complete freedom of fore-and-aft thermal expansion was permitted; otherwise, 
the thermal stresses would be much higher. Some alleviation of the thermal 
stress is obtained by relaxing the support conditions; however, in view of such 
factors as increased deflection and flexibility, the reduction in thermal loads 
probably does not warrant.the use of a two point support. 

waffle panel 

The largest stress resultant by far is the large chord- 

Another factor which can affect internal stress distribution, especially 
that due to temperature differences, is the type of construction used in the 
wlng. Figure 13 ?resents wing-Danel stress resultants for the monocoque or 
waffle-stiffened construction, the choravise-axl2fened semimonocoque or t ? a ~ z - i -  
panel construction, and the spanwise-stiffened semimonocoque or tubular-panel 
construction. The upper curyes are the chordwise stress resultants N,, and 
the lower curves are the spanwise stress resultants These curves again 
are for the root chord of the wing. 
supported at the root; thus, the waffle panel results are identical to those just 
shown in figures 11 and 12. 

Ny. 
A l l  the curves correspond to a wing fdbj 

The chordwise thermal stress distribution is similar for the monocoque and 

However, thermal stress resultants are much 
Orientation of the weak 

chordwise stiffened semimonocoque, the thermal stress resultants being much 
larger than those due to airloads. 
smaller for the spanwise-stiffened semimonocoque. 
stiffness in the chord direction greatly reduces the chordwise thermal stress 
resultant vhich otherwise would tend to be the predominant one. A comTarison 
of the various forms of construction was obtained by calculating wing weight 
per unit area for a point toward the aft end of the chord where the stress 
resultants tend to be the highesC. The results of these calculations are shovn 
in figure 14. These weights are based on the stress resultants at a root chord 
station of 300 inches and are not necessarily representative of the whole wing. 
The stress resultants do not include the local effects of airload on the panel 
or thermal gradients within the panel. The weights of ribs, spars, and upper 
and lower surface panels are included but no provision has been made for pro- 
duction constraints excepting minimum material thickness. A l l  configurations 
were affected greatly by minimum gage' considerations and thus the more ligntiy 
loaded areas will not have appreciably lower weights than those shown.. 

There is not much difference in the weights shown; however, the spanwise- 
atiI'fened concept shows a slidht advanmge even kho-~&!c. ',he :rei&% sk=,3';;;! !-zzL:&e5 
the weight of the nonload-carrying shields to provide the aerodynamic surface 
(approximately 1 lb/ft2). 
stiffened concept is only about one-third of that of the other two concepts and 
the consideration of local stresses should not require a weight increase for 
this concept. The lower stress level is of prime importance in creep lifetime 

However, the maximum stress level for the spanwise- 



which would be severely curtailed in the first two concepts using present-day 
materials. 
stress resultants are larger and cequire more than minimum gage construction) 
were being considered, the weight advantage of the spanwise-stiffened concept 
would probably be greater; therefore, it represents an attractive candidate for 
a cruise vehicle as well as the A X-15. 

If' a larger wing (such as that for a cruise vehicle where panel 
. 

CONCLTIDING RENARKS 

In summary, a study including a computer-aided analysis of wing structures 
f o r  hy-personic flight and, in particular, of the wing of the delta wing X-13 
has revealed the following: 

First, attempts to eliminate large thermal stresses by supporting the wing 
at only two points and thus permitting thermal deflections to occur met with 
only partial success. The thermal stresses were still significznt and o t h e r  
c?i  sedvsntzges such as increased f l e x i b i l t t y  acd concentrat& lcz53 . ~ r z k ? k ; ~  
xske such zr, apprzecn iucieslrabit. 

Secondly, the results of the structural analysis show that thernai stresses 
due to temperature differences throughout the wing w i l l  have a signl3cant role 
in design. For concepts which have chordwise panel stiffness, thermal stresses 
are several times those due to air loads. The spanwise-stiffened semimonocoque 
greatly reduces thermal stress and appears to be an attractive stractwal con- 
cept for delta wings that have large temperature differences throughout the 
structure. 
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WING STRUCTURE STUDIES 
DESIGN CONDITIONS 

LIMIT 
CONDITIONS 

. MACH NUMBER 

DYNAMIC PRESSURE, psf 
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32. FU3GENERATIM;Y C00T;ED S ~ C T U R E S  FOR HYPERSONIC AIRCRAFT 

By H. Neale Kelly and John L. Shideler 
Langley Research Center 

SUMMARY 

The results of recently completed analytical studies leal ing to the des-gn 
and fairication of minim-weight, hydrogen-cooled structures are reviewed. 
Three basic conceptual designs with varying degrees of integration of the 
thermal protection and structural functions of the composite structure are 
examined. Optimized weights for these conceptual designs are presented for 
wide ranges of heat flux, external pressure loading, and coolant outlet tem- 
perature; and the ranges of applicability of the various concepts are deline- 
ated. Typical design trade-offs between coolant-flow requirements and. configA- 
ration weights are indicated f o r  various pernutations of m e  of' ",ese Sasi- 
Cesigs. LC 1 s  mr-ciuLea that h@zogzn-c=oled ganels af rehz:-;?L;- -zTV .?:gx:. 
which appear practical from an engineering and manufacturing standpoint, can be 
designed to meet the requirements of hypersonic-cruise aircraft. 

-, . 

INTRODUCTION 

It currently appears that major portions of hypersonic-aircraft structure 
will be radiatively cooled; however, areas exist where radiative cooling is not 
sufficient and some form of active cooling is required. 
fueled, hypersonic-cruise vehicle, use of the fuel to cool the structure in 
these areas appears to be the most suitable form of t h e m 1  protection. 

For the hydrogen- 

Under NASA contract NASl-5002, the AiResearch Manufacturing Camsany is 
conducting an analytical and experimental investigation of problems associated 
with the design and fabrication of hydrogen-cooled structural panels. 
course of the initial analytical studies, procedures for correlatins and opti- 
mizing the thermal and structural design of such panels have been developed 
and applied to various conceptual designs. These procedures are based on 
available experimental heat-transfer data and are tailored to present-day 
material and fabrication technology. The present paper presents a brief review 
of some of the results of the initial analytical studies. 

In :he 

SYMBOLS 

hf 

2 

P 

fin height, in. 

flow length, ft 

external pressure loading, psi 



#Z!xNE!!rnrn 

Q heat flux, Btu/sec 

Q/A 

(Q/A)- maximum heat flux per unit surPace area, Btu/sec-ft2 

tf f i n  thickness, in. 

heat flux per u n i t  surface area, Btulsec-ft2 

temperature of hydrogen coolant a t  ou t le t  of heat exchanger, ?F 

T r  hot-gas recovery temperature, 9 

W 

Abbreviation: 

*2 hydrogen 

w e i g h t  per un i t  surface area, lb / f t2  

TYPICAL APPLJCATION 

Regenerative cooling w i l l  probably be used f o r  most of the in t e r io r  sur- 
faces of hypersonic-aircraft propulsion systems. In  a typical  propulsion sys- 
t e m ,  such as is  depicted i n  the sketch at  the top of figure 1, entering airflow 
is  campressed t o  high pressures and temperatures, with additional temperat-ue 
increases occurring i n  the engine combustor. 
heat fluxes on the order of 500 Btu/sec-ft2 may be experienced within such pro- 
pulsion systems. 

Pressures as high as 250 ps i  and 

The in t e r io r  walls of the  propulsion systems w i l l  probably consist  of a 
mosaic of hydrogen-cooled panels mounted i n  such a way as t o  allow the rm1  
expansion. Functionally, as shown by t h e  sketch at  the bottom or" fi&re i; ;:-t 
panels consist of a thermal protection system and a load-bearing structure.  
The thermal protection system includes a hydrogen-to-air heat-exchanger su-Tace, 
a manifold system for dist r ibut ing the hydrogen t o  and from the heat excizacger, 
and possibly (although not shown) a layer  af insulation on the surface adjacent 
t o  the  hot gas. The s t ructure  consists of a load-carrying panel supported by a 
system of beams. (The exter ior  surface shown i n  f igure 1 i s  f o r  reference only 
and is  not par t  of the hydrogen-cooled structure, although i n  an ac tua l  appli-  
cation the heat input from the exter ior  surface would have t o  be considered.) 

COOLANT-PASSAGE GEOMETRY 

A number of coolant-passage geometries w e r e  investigated i n  ;he course oI' 
the  study. Sketches of four typical  configurations are presented i n  figme 2. 
Three of these configurations (the plain-rectangular-f in ,  rectangular-off se t -  
f in ,  and pin-fin configurations) may be classed as plate-fin heat exchangers 
and are fabricated by brazing formed f i n s  between two face sheets. The other 



configuration is a tube sheet formed by brazing discrete tubes together. 
of these configurations can be designed to perform satisfactorily as a heat 
exchanger; however, each has advantages and disadvantages when nsidered from - 
an overall point of view. For example, coolant-press osses are lower for 
the smooth-passage configurations than for the offset 

s. The latter configurations, however, are capable of mai ning a lower 
temperature difference across the depth of the passage and of thereby reducing 
thermal stress and increasing the thermal-fatigue life of the structure. 
pin fin, although highly desirable from heat-transfer considerations, is diffi- 
cult to fabricate. 
heavier than the plate-fin configurations. 
the increased surface area exposed to the hot gas; the wei@;ht disadvantage 
arises f r o m  minimum-gage restrictions. (For this study, minimum gages were 
set at 0.010 inch for exposed surfaces and 0.003 inch for interior surfaces. 
Thus, for the plate-fin configurations, fin thicknesses of 0.003 inch were 
permissible, whereas a minimum effective fin thickness equal to twice the wall 
thickness, or 0.020 inch, was required for the tube-sheet heat exchangers.) 

Any 

pin-fin conf'igura- 

The 

The tube-sheet configuration requires nore coolant and is 
The coolant disadvantage is due to 

As 2 T-SIIL~  ID^ zazy such csnsiderations -,he 2iain fLns ;he cl';'az-; r'L-s 
were chosen for the bulk of the calculations, since they appeared to have the 
best all-around potential. For designs which required the heat-exchanger paEel 
to support the bending loads due to external pressure loading or which required 
discrete passageways, the plain fins were used. 
thermal performance, the offset fins were used. 

For designs which required high 

F3B SELECTION 

From a consideration of fabrication limitations and of the heat-transfer 
and structural properties of the fins, it is possible to define completely the 
range of fin geometries that will perform acceptably for a given set of oper- 
ating conditions. 
thick Hasteloy X fins operating at a uniform heat flux of 250 Btu/sec-ftZ and 
a coolant outlet temperature of ll400 F are presented in figure 3.  

Such 3oundasies ;'or a 2-foot-long panel ;rith O.9Oj-inck- 

The right-hand boundary represents the practical limit on the number of 
fins per inch that can be fabricated for the particular material and material 
thickness. Past experience indicates that the limiting value of the product of 
the number of fins per inch and the material gage for superalloys is about 0.12. 

The lower boundary is a minimum-fin-height limit which was set to avoiz 
fabrication problems and to avoid the excessively high coolant inlet pressures 
associated with shorter fins. For this study coolant inlet pressures were not 
allowed to exceed 1000 pi. 

The left-hand 3ounuaz-y is determined from CL considera%ion of the effects 
of the number of fins per inch and fin height on the coolant inlet pressure and 
structural capacity of the fins. 
coolant inlet pressure required to maintain the coolant flow rate, but also 
decreases the pressure load-carrying capability of the panel. 

(Decreasing the number of fins decreases the 

Increasing the 



fin height reduces the inlet pressure requirements, but the accompanying 
increase in metal temperature decreases the strength of the fins.) This bound- 
ary represents the point at which the allowable the fins at - 
the maximum temperature for the particular fin imum tensile 
load due to coolant pressure are equal. It sho d that this represen- 
tation is highly conservative since maximum temperature and maximum pressure 
loading occur at opposite ends of the heat-exchanger panel. 

The upper boundary limits the maximum fin temperature. This limit is set 
in order to avoid excessively high temperatures and temperature differences 
which would reduce the life of the heat exchanger. 

Similar complete boundaries could be constructed for other fin thicknesses 
and for other operating conditions. 
gressively smaller as the heat flux and flow length are increased. 
length of 3 feet and a heat flux of 500 Btu/sec-f@, the boundary shrinks to a 
single point, as indicated by the symbol in figure 3. At higher heat fluxes 
acceptable desigm can %e obtained only by re&xi.ng ?be ?low lemgtn. 

The range of usable designs becomes pro- 
At a flow 

It was found necessary to mainzain relatively small temperature CiSfPr- 
ences across the depth of the heat-exchanger passages in order to minimize the 
thermal stress levels. In order to minimize the stresses and to achieve low 
weight, minimum permissible fin heights were generally used. Minimum f i n  
heights resulted in large coolant-pressure losses and necessitated very high 
inlet-pressure levels. However, even for minimum-gage configurations, pressure 
containment was not a problem for the fins or the hot face plate since the fins 
provided very closely spaced structural support. 

The close spacing of the structural support is illustrated by figure 4, 
which is a photograph of a cutaway sample of a minimum-gage, offset-fin heat 
exchanger. 
thick fins. The fins are 0.025 inch high, and there are 20 of them to the inch. 
(As indicated in figure 3,  as many as 40 fins Ser inch vere -IS?& f"cr a ~ z e  
designs.) The paper clip, which is shown in figure 4 for comparison, was 
formed from 0.041-inch-diameter wire. The cross-sectional area of the wire is 
therefore slightly larger than the cross-sectional area of the individmi 
passageways. 

"he heat exchanger has 0.010-inch-thick face plates and 0.003-inch- 

Fins, of the geometries considered, have been formed from a variety of 
materials 
sures for 
fins were 
exchanger 

including the superalloys. 
small brazed samples fabricated with 0.004-inch-thick Inconel 625 
in excess of 2000 psi, the indication being that satiafacxsrJ- k a 5 -  
panels of the design .shown in figures 3 and 4 can be fabricated. 

At a temperature of 1600~ F, burst pres- 

- 
COHPOSITS-SPXJCTURE DESIGN CONCEPTS 

Three basic concepts have evolved from the study of hydrogen-cooled com- 
posite structures. These concepts are shown in figure 5. 



In the integral concept the webs of the sandwich panel form the passages 
through which the coolant flows; thus, the sandwich panel serves as both the 
heat exchanger and the load-carrying panel. Therefore, the panel must with- 
stand both the bending stress due to the external pressure loading and the 
thermally induced stress. 
bility, the temperature differential between the top and bottom plates must be 
limited to values on the order of looo, as indicated in the figure. 

In order to afford the desired load-carrying capa- 

In the bonded concept the heat-exchanger and structural functions of the 
composite panel are separated; consequently, the design of the bonded-concept 
panel is less restrictive. 
required to carry any bending load, a larger temperature differential between 
the top and bottom plates, as shown by the figure, is permissible. ‘Phe thermal 
stresses associated with the temperature differences indicated, however, cause 
plastic strains in the hot face plates. Consequently, thermal fatigue life 
becomes a critical factor in the design of the bonded-concept panel. 
purposes of this study a minimum acceptable life of 2000 thermal cycles was 
established. 
p h t e  05 tne bad-carryicg sandvi,cn panel. merefore, ;he l sad-csr r : - i~~  :“”“1 
operates at a relatively high temperature and mast be fabricated 01’ ’nes-rj, !I:;:-- 
temperature materials. 

Inasmuch as the heat-exchanger surface is not 

For the 

In this concept the bottom plate of the heat exchanger is the zop 

In the attached concept the heat exchanger and the load-carrying panel are 
physically separated. A s  a consequence, advantage can be taken of the higher 
strength-weight ratios of lower temperature materials. 
exchanger design features a nonload-bearing, high-temperature heat-exchanger 
shingle which absorbs the majar portion of the thermal load. The shingle is 
mechanically attached to a low-temperature, load-bearing panel which is pro- 
tected by a secondary heat exchanger. 

The attacQed heat- 

The designs of the three basic concepts have been optimized f o r  a wide 
variety of loading conditions; some of the resulting calculated weights are 
presented in figure 6. 
shown as a function of pressure loading f o r  a heat flux of 30 Btu/sec-ft2. 
data are based on a 2- by 2-foot panel and are for a hydrogen outlet tempera- 
ture of 1140° F. 
include the weight of the heat exchanger, the weight of the structural panel 
and supporting beams, and allowances for the manifolds, plumbing, and pressure 
seals between panels. 
assumed to be uniform over the surface of the panel. 

The weight per unit area for each of the concepts is 
The 

The weights shown in figure 6 and in subsequent figures 

The heat flux and the external pressure loading are 

It can be seen from figure 6 that the choice of concept f o r  the lightest 
weignt design is dependent upon the particular loading conditions. 
lower pressure loadings, the integral panel design is indicated to be the 
lightest by a very small margin. 
panel-web-face-plate material distribution for bending cannot be attained 
because the fin heights for this concept are limited by heat-transfer con- 
siderations. Consequently, the bonded concept, which is not subject to this 

At the 

At the higher pressure loadings, the optimum 

mwmmEAcz ill5 



res t ra in t ,  affords the l i gh te s t  w e i g h t  over a sma 
range. A s  t he  pressure loading increases, the w e i g h t  penalty f o r  operating 
the  prime structure  of t he  bonded design a t  high temperatures becomes more 
severe. A t  the  highest pressure loadAngs, t h i s  weight penalty more than off-  
sets the  weight of the secondary heat exchanger with i t s  additional plumbing, 
and the attached desi@ becomes the  lightest. Although the  trends indicated 
by figure 6 are typical, the  regions and magnitude of the  superiority of the 
various designs vary with heat flux and coolant out le t  temperature. 

intermediate pressure 

7NTERE_FLATED EZ'FlETS OF HEAT FZUX AND PRESSURE LOADING ON WEPGEtT 

-The in te r re la ted  e f fec ts  of heat f lux and external pressure loading on 
w e i g h t  are indicated i n  figure 7. These p lo t s  were formed from a series of 
curves, such as shown i n  figure 6, f o r  various values of 
ve r t i ca l  constant-heat-flux l i nes  indicate tha t  the configuration weights a re  
strong functions of the pressure loading, whereas the nearly horizontal 

weak functions of heat flux. The sens i t iv i ty  of the weight t o  both of these 
variables varies somewhat from configuration t o  configuration as indicated by 
the general slopes of the curves, the in tegra l  design being the most sen- 
s i t i v e  t o  both variables and the attached design being the least sensit ive.  

Q/A. The nearly 

constant-pressure-loading l i nes  indicate t h a t  the coni'i=grstlon v e i ~ b F -  --A"..a ZZ? 

The shaded areas i n  figure 7 indicate the  regions i n  which a given concept 
provides the l i gh te s t  weight design. 
in tegra l  design is  indicated t o  be l i gh te s t  i s  l imited t o  low pressure loadings 
and low heat fluxes; the  bonded design is  l i gh te s t  a t  moderate pressure 
loadings over a wide range of heat flux; and the  attached design is  l i gh te s t  
a t  the higher pressure loadings regardless of heat flux. 

It can be seen tha t  the region where the 

Overall minimum weights f o r  the three configurations range from approxi- 
mately 2.5 lb / f t2  t o  approximately 8 lb / f t2  a t  the  most severe c o n d i t i x s .  
thermal protection system fo r  the bonded design accounts f o r  about 1 .5  lb / f t2  
of this weight. For the attached design the  thermal protection system weigh 
approximately 3 lb / f t2 .  

?-e 

AND PRESSWE WADING ON WEIGHT 

Plo ts  which i l l u s t r a t e  t he  in te r re la ted  e f fec ts  of coolant ou t le t  temper- 
ature and external pressure loading on weight are shown i n  f igure 8 f o r  
Q/A = 10 Btu/sec-ft2. 
the  miniam-weight design a t  the lowzr pressure loadings. 
between 50 and 100 p s i  the selection of t he  minimum-weight design i s  dependent 
upon the  out le t  temperature. The bonded designs are the  lightest over a small 
region a t  temperatures below about 1.2800 F, and the attached designs are the  
lightest at higher temperatures. 

It can be seen that the  in tegra l  heat exchanger provides 
A t  pressure loaair,gs 

A t  the  highest pressure loadings, the  attached 



designs are the l i gh te s t  regardless of ou t le t  temperature. 
of the attached designs t o  ou t l e t  temperature might be expected since the  heat 
exchanger and the load-carrying panel are completely separate and the  structure,- 
which is the  major contributor t o  the weight, remains at a constant temperature 
i r respect ive of the  ou t l e t  temperature. 

The insens i t iv i ty  

The high degree of sens i t iv i ty  of the bonded design t o  out le t  temperatures 

The temperature of the face 
compared with the sens i t i v i ty  of the in tegra l  design is  due t o  the  higher tem- 
perature d i f f e ren t i a l s  used for the  bonded design. 
p l a t e  of the bonded design i s  actual ly  higher than t h a t  of the face p la te  of 
the in tegra l  design operating a t  the same coolant ou t le t  temperature. 
quently, because of the deterioration of t h e  material  properties a t  t h e  higher 
temperatures, heavier gage materials a r e  required t o  contain the coolant and the 
resul t ing configuration i s  heavier. 

Conse- 

It should be noted that selection of the proper concept becomes increasingly 
important a t  the higher pressure loadings and higher coolant ou t le t  temperatures. 
A t  pressure loadings of 250 p s i  and ou t l e t  temperatures of 1440' F, the j r e i a t  
f m  the bonded design i s  12.75 Ib / f t2  comFared w i t h  approximately 8 1%!ft2 f%- 
the attached design. h incorrect choice of concepts trouid, therefme,  res--; 
i n  a weight penalty of almost 60 percent. 

DESIGN TRADE-OFFS 

The final select ion of a cooled-panel concept f o r  an ac tua l  application 
involves trade-offs between panel weight, coolant flow rate, panel l i f e ,  and 
other fac tors  which a r e  functions of the  specif ic  design mission requirements. 
The f ina l  concept selection is  dependent upon the specific de t a i l s  of a par- 
t i c u l a r  application and is beyond the  scope of the present investigation. 
However, an attempt has been made t o  provide some of the tools  required t o  make 
such selections.  In particular,, studies have been made which indicate pssibLe 
trade-offs between configuration weight and coolant requirements. Some t m i c a i  
r e su l t s  of these studies are indicated i n  f igures  9 and 10. 

The results shown i n  figure 9 i l l u s t r a t e  the e f fec t  of coolant ou t le t  
temperature on configuration weight per un i t  area and coolant flow requirements. 
These results a re  f o r  t he  bonded design with a minimum-fin-height heat exchangey. 
They a r e  based on a 2- by 2-foot panel operating under an external pressure 
loading of 100 psi ,  a max imum heat flux of 250 Btu/sec-ft2, and a hot-gas 
recovery temperature of 45400 F. For the calculations it w a s  assumed tha t  the 
panel was exposed t o  a f ixed hot-gas environment and that the heat flux varied 
with the differences between the .external-gas recovery temperature and the  sur- 
face temperature of the heat exchanger. Increasing the coolant ou t le t  tempera- 
tu re  frorn 940' F t o  1140' F re su l t s  i n  s ignif icant  savings i n  coolant with only 
a small wirgh-6  penalty. Bowever, as zne ixmpxa-care Ls iiicrzssed furfher,  t h e  
weight penalty becomes progressively more severe. 
penalty, the higher operating temperatures have a detrimental e f fec t  on panel 
l i fe .  

In  addition t o  the weigh-c 
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Figure 10 illustrates the results of studies of various permutations of 

the basic bonded design that can be used to effect reductions in coolant 
requirements. 
ture of U4Oo F. The results for the basic short-fin 
cated by the symbol on the curve. 
has been repeated, for reference, from figure 9. ) The results for each pennu- 
tation should be compared with the results for the basic configuration. 
increasing the fin height the temperature of the hot face is increased, with a 
resulting decrease in coolant requirements for a small weight penalty. However, 
the panel life is decreased. Flow routing can be used to conserve coolant. One 
of the best means of flow routing to conserve coolant involves flowing the cool- 
ant the length of the panel through one passage and then back through an adja- 
cent passage to the outlet (see folded-flow configuration in fig. 1.0). Although 
somewhat complicated manifolding is required, the weight and panel-life penalty . 
associated with this configuration are small. 
configuration illustrate the effects of adding insulation to the surface of the 
heat exchanger next to the hot gases. For this configuration, both the coolant 
reductions and the weight penalties are relatively large. 

A l l  data indicated by symbols are for a let tempera- ~ 

n are indi- 
(The curve for va 

By 

The results for the insulated 

CONCLUDING REMARKS 

An analytical and experimental investigation of some of the problems asso- 
ciated with the design and fabrication of hydrogen-cooled structural panels is 
in progress. In the course of the investigation, analytical procedures for 
analyzing and optimizing the design of such panels have been developed. These 
procedures have.been applied to various conceptual designs, and configuration 
weights and coolant requirements have been determined. The results indicate 
that hydrogen-cooled panels of' relatively low weight, which appear practical 
from an engineering and manufacturing standpoint, can be designed to meet the 
requirements of hypersonic cruise aircraft. Experimental investigations are 
being continued in an effort to verify the analytical resulzs am2 z=?sfl:--, 'Ax 
practicality of these designs. 
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33. DYNAMIC AM, AEROELASTIC CONSIDEBXL'IONS 

OF HYPERSONIC A l R C W  

By A. Gerald Rainey and Dennis J. Martin 
Langley Research Center 

SUMMARY 

A review of several  dynamic and aeroelast ic  considerations pertinent t o  
the development o f  a hypersonic transport. has indicated the following prelimi- 
nary assessments. 

Engine noise levels  f o r  the hypersonic transport  (HST) will be high but 
probably not as much a problem as indicated by thrus t  levels  alone because of 
the beneficial  e f fec ts  of low-density exhaust gases. Aerodynamic noise w i l l  
3e s b i l a r  IG tntensi ty  2nd frequency content t o  boundary-layer noise 03 

previous transpoms. X recent development of f iexible bar'llzs "or 2 z q : z ~  
f u e l  motions may have an application t o  hydrogen-fueled hy-personic cruise a i r -  
c ra f t .  
technology have been uncovered. Additional information regarding the charac- 
t e r i s t i c s  of atmospheric turbulence at high a l t i tudes  and long wavelengths 
i s  needed and careful  a t ten t ion  will be required t o  handle properly the  elas- 
t i c  mode contributions t o  a i r c r a f t  response t o  turbulence. 

No new. f l u t t e r  .problems beyond the capabi l i t i es  of exis t ing f l u t t e r  

INTRODUCTION 

. 

the point where a preliminary assessment of cer ta in  dynamic ar,d aeroelast ic  
character is t ics  of such a i r c r a f t  might serve a useful function. The purpose 
of t h i s  paper is t o  review some of these problem areas i n  re la t ion  t o  the 
technology requirements fo r  a hypersonic a i r c r a f t  t o  point out those areas 
which w i l l  require careful  a t tent ion i n  future development work as well as 
those areas for which current technology appears t o  be adequate. 

The development of technology f o r  hy-personic cruise a i r c r a f t  has reached 

There are many dynamic and aeroelast ic  aspects of importance t o  hyper- 
sonic a i r c ra f t ;  however, t h i s  paper w i l l  be confined t o  a discussion of the 
following: 

Engine noise 

Boundary-layer noise 

Fuel sloshing 

F lu t t e r  

Gust response 
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The important related topic of panel f l u t t e r  is  the subject of a separate paper 
(ref. 1) presented at t h i s  conference. 

In  consideration of these topics a need arose f o r  reference t o  character- 
i s t i c s  of a typ ica l  hypersonic transport aircraft. 
character is t ics  and t ra jec tory  parameters used i n  t h i s  paper have been taken 
from the resu l t s  of the study performed by General I)ynamics/Convair f o r  the 
NASA Mission Analysis Division. 

Such properties as engine 

(See r e f .  2. ) 
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SYMBOLS 

aspect rat i o  

semi cho rd 

w i d t h  of baff le  

modulus of  e l a s t i c i t y  

f l e x i b i l i t y  parameter. 

f requeneg 

free-stream Mach number 

pressure 

dynamic pressure 

cylinder radius 

period of l iqu id  osc i l la t ion  

thickness of baffle 

veloci ty  of l iquid at baffle location 

velocity 

ve r t i ca l  velocity fluctuation 

mass r a t i o  parameter 

Poisson's r a t i o  

l iquid mass density 
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root mean square of v e r t i c a l  acceleration at p i l o t  s ta t ion  

root mean square of pressure 

root mean square of v e r t i c a l  velocity 

power spec t ra l  density of v e r t i c a l  acceleration at p i l o t  s ta t ion  

power spec t ra l  density of fluctuating pressure 

power spec t ra l  density of ve-rtical velocity 

frequency, U/V 

natural  to rs iona l  frequency 

ENGINE NOISE 

One of the most c r i t i c a l  problems requiring solution for  the csn”,?ied 
advancement of aeronautics is the airport  community noise problem. It seems 
appropriate, therefore, t o  consider at t h i s  ear ly  date some of the poten t ia i i -  
t ies f o r  engine noise of a typ ica l  hypersonic transport .  Estimates of the 
perceived noise leve l  have been made f o r  such a vehicle; these estimates a re  
shown i n  figure 1 as a function of a l t i t ude  and are compared with those f o r  a 
typ ica l  subsonic jet  transport  and a supersonic transport .  These estimates 
were made fo r  engines operating at  f u l l  thrust  by the  methods of references 3 
and 4. 
beneath the f l i g h t  path. 

The estimates are applicable t o  an observer on the  ground d i rec t ly  

The curve fo r  the hypersonic transport  (HST) i s  shown as dashed t o  indi- 
cate the uncertainty of the estimate since present knowledge conczmicg % e .  
character is t ics  of engines required f o r  an HST i s  limited. The interest ing 
resu l t  shown i n  figure 1 is  the s ignif icant ly  lower predicted noise le-re1 fcr 
the HST i n  re la t ion t o  the SST. The noise levels  f o r  the HST are indica-led Lr. ‘4 ” 
be about 3 decibels lower than those of the SST i n  sp i t e  of the fac t  t ha t  the 
t o t a l  th rus t  l eve l  f o r  the  HST engines i s  356 000 pounds as compared w i t h  only 
232 000 pounds f o r  the SST. 
re la t ive ly  low density of the e a a u s t  gases f o r  the hydrogen-fueled HST engines. 

This lower noise l e v e l  is  associated with the 

A curve is shown i n  figure 1 fo r  the subsonic j e t  equipped with noise 
suppressors t o  indicate the magnitude of noise reduction which i s  available 
with present noise suppressor technology. It can be anticipated tha t  continued 
development of suppressor technology could provide even greater  noise reduc- 
tions Sy the t i x e  p r i g d  fo r  the  advanced a i r c r a f t .  
suppressors, another effect ive means of a l lev ia t ing  >he annoyance problem is 
the selection of take-off and climb operating procedures which tend t o  minimize 
the problem. 

In addition t o  the m e  of  



Another aspect of t he  engine noise problem aside from these considerations 
of overa l l  noise l e v e l  is  the  frequency content of the noise. 
of engine noise f o r  the three classes of transports are shown i n  figure 2. 
broad peak i n  the  spectra is seen t o  s h i f t  t o  lower frequencies f o r  the HST 
because of the  increase in effect ive diameter of the j e t  exhaust. 
overal l  l eve l  is lower, t h i s  s h i f t  t o  lower frequencies means tha t  the EST 
noise might be more effect ive i n  producing response i n  buildings - window 
ra t t l i ng ,  f o r  example. 

Predicted spectra  
The- 

Although the  

BOUNDARY-LAYE;R NOISE 

Aerodynamic noise produced by the  turbulent boundary layer i s  of concern 
in  re la t ion  t o  fatigue of skin panels and i n  re la t ion  t o  passenger comfort. 
Both of these aspects require a b e t t e r  def ini t ion of the s t ructure  of the HST 
than ex is t s  at present; however, some estimates can be mde of the character- 
i s t i c s  of the external boundary-layer noise which serves as the input t o  boz8 
of these 2roSiems. Such estimates zre  shosm i n  2 g x e  3 .  " k s e  ?es-iL;a -;e:? 
obtained by use of the methods of references 5 and 6. The overal l  leveis  shG-..rr, 
on the  l e f t  of f igure 3 i n  terms of  the root-mean-square surface pressure 
fluctuations indicate tha t  fo r  typ ica l  cruise conditions, the HST will have less 
boundary-layer noise than the SST and only s l i g h t l y  more than the subsonic j e t .  
The re la t ive ly  low value f o r  the HST is due, primarily, t o  the decrease i n  the 
coefficient of surface pressure fluctuation with increasing Mach number. 
cruise dynamic pressure is about the same f o r  the SST and the HST. However, 
unlike the SST which reaches i t s  maximum dynamic pressure at  cruise condition, 
the  HST ascent t ra jec tory  produces a maximum dynamic pressure at a Mach number 
of about 4.5 which is  several  times higher than tha t  f o r  the typ ica l  cruise 
condition. Although these levels  a r e  of re la t ive ly  short duration, they w i l l  
exist f o r  several  minutes on each f l i gh t  and w i l l  have t o  be considered. 

The 

Estimates or" the frequency content or" the boundary-layer noise are S G O ~  

on the r ight  of f igure 3 i n  terms of the power spec t ra l  density of surface 
pressure fluctuations.  The curves f o r  the three classes of transports are  vz.r;; 
similar i n  shape. Although the boundary-layer thickness i s  much greater  l o r  
the  HST, which would tend t o  s h i f t  the noise energy t o  lower frequencies, the 
counteracting effect  of the higher convection velocity of the hypersonic boundeq 
layer tends t o  keep the  spectrum shape unchanged. 

FUEL SLOSHING 

Although the fuel-weight f ract ion for  a hypersonic transport  may not dif - 
f e r  groatly from other t,r%ns?or+,s, the use of bw-density l iquid hydr3gen keds  
t o  large tanks and the poss ib i l i ty  of re la t ive ly  large f u e l  n-tions. r'ortu- 
nately, fuel-sloshing technology has reached a re la t ive ly  high l eve l  of devel- 
opment because of its importance i n  the design of launch vehicles which, of 
course, have a much higher fuel-weight f ract ion than a i r c ra f t .  Design pro- 
cedures and mathematical models fo r  handling f u e l  sloshing which have been 
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developed f o r  launch vehicles should be readily adaptable f o r  use i n  the 
design of a hypersonic transport  when such a vehicle becomes b e t t e r  defined. 

A recent development i n  hunch-vehicle fuel-sloshing technology may have 
an application t o  the hypersonic transport .  It has been found t h a t  l igh t -  
weight f lex ib le  baf f les  are more effect ive i n  damping f l u i d  motions i n  tanks 
than heavier, r i g id  baff les  (ref. 7) .  
i n  figure 4 where the r a t i o  of damping with f lex ib le  baf f les  t o  damping with 
r i g i d  baff les  is shown as a function of several  values of a nondimensional 
amplitude parameter. The curves indicate tha t  the damping produced by the 
f lexible  baf f le  is always greater  than tha t  f o r  the  r i g i d  baff le ,  the amount of 
increase being a function of the amplitude of the f l u i d  motion and the f l ex i -  
b i l i t y  of the baff le .  
damping because they a re  more effect ive in  producing vo r t i c i ty  i n  the f l u i d  than 
the r i g i d  baffle.  
required f o r  a tankage system, f lex ib le  baff les  would be considerably l i gh te r  
than r i g i d  baff les .  

Some results of t h i s  work a re  summarized 

It appears t ha t  the f lex ib le  baf f les  produce higher 

These results indicate that f o r  a given amount of damping 

F lu t t e r  problems on a i r c r a f t  usually involve specif ic  components of the 
design such as a control surface; however, occasionally, f l u t t e r  considerations 
w i l l  d ic ta te  s t ruc tu ra l  s t i f fnes s  requirements f o r  the main l i f t i n g  surface. 
The development of hypersonic transport  configurations is  at too ear ly  a stage 
t o  assess properly the  f l u t t e r  aspects of i t s  controls. Some observations 
regarding the state of f lut ter  prediction techniques pertinent t o  the main 
l i f t i n g  surface are i n  order. 

Hy-personic cruise a i r c r a f t  w i l l  require highly swept low-aspect-ratio 
wings. This requirement leads t o  configurations which s t ruc tura l ly  and aero- 
dynamically need t o  be t reated 2s complete configurations t o  obtain r e a l i s t i c  
f l u t t e r  character is t ics .  North American Aviation has recently comp1er;ea a 
study f o r  the U.S. A i r  Force Flight Dynamics Laboratory ( r e f .  8) i n  which t h i s  
complete vehicle approach was applied t o  three configurations somewhat similar 
t o  those considered f o r  hypersonic a i r c r a f t .  This study had the objective of 
assessing the  adequacy of flutter-prediction techniques f o r  configurations of 
t h i s  ty-pe i n  the subsonic speed range. The results of the  study are  summarized 
b r i e f ly  i n  figure 5 where the measured f l u t t e r  velocity i s  plot ted as a function 
of the calculated f l u t t e r  velocity f o r  the d i f fe ren t  configurations. The close- 
ness of the points t o  the l i ne  of  perfect  agreement indicates that  the low- 
aspect-ratio aerodynamic theory used i s  quite adequate i n  t h i s  subsonic speed 
range. 

Another assessment of aerodynamic theory f o r  use i n  f l u t t e r  calculations 
a t  hy-personirc: speeds -.ras presented i n  reference 9. In t h i s  study, s t ; r x + ; ~ i r z l  
aspects of the problem were simplified by obtaining f l u t t e r  of r i g id  l i f t i n g  
surfaces mounted on springs. 
i n  leading-edge sweepback from 60° t o  80°. 
at a Mach number of 7 a re  shown i n  figure 6. 

The l i f t i n g  surfaces had de l t a  planforms varying 
Some of the resu l t s  of t h i s  study 

The measured and calculated 
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f l u t t e r  veloci ty  parameters a re  shown as a function of leading-edge sweepback 
angle. The f lu t te r  veloci ty  parameter, f o r  a given st e,  is proportional 
t o  equivalent airspeed. insensi t ive t o  sweep- 
back angle and the piston theory aerodynamics y ie ld  ca ed f l u t t e r  veloci- 
t ies i n  close agreement with measured f l u t t e r  ve loc i t ies  f o r  these re la t ive ly  
sharp leading-edge a i r f o i l s .  

Thus, it i s  seen t h a t  two re la t ive ly  simple aerodynamic the 
t o  be adequate f o r  handling the f l u t t e r  character is t ics  of l i f t i  
typ ica l  of hypersonic transports at  the  two extremes of operating Mach numbers. 
These two theories have been used along with the f l i g h t  prof i le  data of refer-  
ence 2 t o  obtain an indication of the main l i f t i n g  surface f l u t t e r  trends f o r  
an HST which are shown i n  figure 7. The elongated symbol and the short  theory 
l ines  i n  the  upper right corner of f igure 7 summarize the data of figure 6. 
Piston theory w a s  used t o  extend the results down into the supersonic Mach num- 
ber range and low-aspect-ratio theory was  used t o  obtain a subsonic reference 
l eve l  fo r  a de l t a  wing with a leading-edge sweecback angle of 550. The two 
theory l ines  are  comected by a cashed ixeeqmlation ii she t rmsonic  r w g e .  

t ra jec tor ies  of reference 2 and adjusted t o  y ie ld  the required 20-percent m r -  
gin i n  f l u t t e r  velocity.  These resu l t s  imply tha t  the hypersonic transport ,  
l i ke  many other airplanes, w i l l  probably have a minimum f l u t t e r  margin i n  the 
transonic range where f l u t t e r  theory i s  not well  established. Fortunately, 
adequate experimental f a c i l i t i e s  and techniques are available f o r  providing 
acceptable f l u t t e r  prevention programs i n  the transonic region. 

The f lut ter  veloci ty  i s  r e l a t i  

^ .  Tce lover s o l i d  &;ne rcgrzsen-ss a z ; ~ % z &  ?ST fXg3; z:z.;e:>;e :zk;e~ i?- -+L - _-_ 

GUST RESPONSE 

An evaluation of the  gust response character is t ics  of a hy-personic trans- 
port would require a leve l  of detai led def ini t ion of s t ruc tura l  and aerod-amic 
properties which does not yet ex is t .  However, some observations can o e  ,made 
which point up areas requiring future a t tent ion.  One of these i s  the problem 
of defining the nature of atmospheric turbulence pertinent t o  HST operations. 

P a r t  of t h i s  problem is i l l u s t r a t e d  i n  f igure 8 which shows two properties 
of atmospheric turbulence ( in tens i ty  and probabili ty of occurrence ) which are  
needed i n  performing a "mission prof i le  Etnalysis" of a i r c r a f t  response t o  
turbulence. 
of a l t i t ude  and the  simple point of the  figure i s  tha t  there a re  no data fo r  
typ ica l  HST cruise a l t i tudes .  Furthermore, it w i l l  be very d i f f i c u l t  t o  obtain 
data at such high a l t i tudes  because of the long f l i gh t  times required t o  obtain 
s t a t i s t i c a l l y  re l iab le  results. 

(See r e f s .  10 and 11.) The two properties are shown as functions 

Another area requiring f.irther def inikion of proper5ies cf zkms;he~'-z 
turbulence i s  illustrateu i n  figure 9. The normalized power spec t ra l  density 
of ve r t i ca l  velocity fluctuations ( the scale of turbulence being taken as 
2500 f ee t  fo r  convenience) is  shown extrapolated analyt ical ly  t o  vavelengths 
of 100 000 fee t .  
turbulence has been established by measurements t o  wavelengths of only about 

(See refs .  10 and 11.) The va l id i ty  of t h i s  spectrum of 



5000 fee t .  
will have lower limits of response (as determined by the cruise velocity and 
the frequency of the short-period longitudinal s 
lengths where measurements of turbulence have no . Fortunately, 
programs are underway t o  obtain turbulence measurements at very long wave- 
lengths at  least at modest a l t i tudes  . 

The significance of the figure is tha t  both the  HST and the  SST 

11 in to  wave- 

Although t h i s  lack of long, wavelength and high-altitude turbulence informa- 
t i on  represents a deficiency i n  hypersonic a i r c r a f t  technology, the HST will 
probably encounter most of i t s  s ignif icant  gust response problems at  lower a l t i -  
tudes during climb and descent ra ther  than at cruise conditions. These lower 
a l t i tude ,  lower speed conditions will probably lead t o  response character is t ics  
important t o  both the s t ruc tu ra l  loads aspects and passenger comfort and crew 
performance aspects. 

On the basis  of the assumption t h a t  the ICB-70 airplane is  roughly aero- 
s t ruc tura l ly  similar t o  a hypersonic transport ,  it might be worthwhile t o  
examine some of the recently measured response character is t ics  of the XB-70 i _ r .  
c3mparison w i $ h  those of z typ ica l  subsonic Jet t rznspor t .  X g x e  12 shcws 2 

comparison of normalized power spectra of ve r t i ca l  acceleration a t  the p i i c t  
s ta t ion  fo r  the XB-70 (unpublished data) and a typ ica l  subsonic Jet  transpcrt  
( re f .  12).  
density by the mean-square value such tha t  the area under each curve i s  equal 
t o  1.0. Thus, comparison of l eve l  between the two curves is  not par t icu lar ly  
meaningful; only the shape o r  "color." 

The spectra have been normalized by dividing the power spec t ra l  

The s t r ik ing  difference between the two airplanes is  the much larger  con- 
t r ibu t ion  of the two e l a s t i c  modes f o r  the XB-70 a t  frequencies of about 4 and 
5 cps as compared with the re la t ive ly  small e l a s t i c  mode contribution at  4 cps 
for  the subsonic je t .  The two modes of large response f o r  the XB-70 corre- 
spond t o  the t h i r d  and fourth e l a s t i c  modes whereas the 4-cps mode f o r  the sub- 
sonic j e t  i s  the fundamental fuselage bending mode. 

Moving-base simulator studies reported i n  reference 12 have indicated tha t  
the presence of  the  re la t ive ly  small 4-cps motions i n  simulations of the sub- 
sonic j e t  transport  had a large deleterious e f fec t  on crew performance. 
Although simulations of the XB-70 responses have not been made, it i s  apparent 
t ha t  the re la t ive ly  large e l a s t i c  mode response may be responsible for the 
XB-70 p i lo t s  reporting " l ight  t o  moderate" turbulence whereas chase p i l o t s  
reported none. 

The large e l a s t i c  mode contribution t o  response t o  turbulence shown for 
the XB-70 i s  a new feature of a i r c r a f t  gust response which w i l l  require care- 
f u l  a t tent ion i n  the  development of both the SST and the HST. 

CONCLUDING RESIARKS 

A review of several  dynamic and aeroelast ic  considerations pertinent t o  the  
development of a hypersonic transport  has indicated the following preliminary 
assessments. 
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Engine noise levels for  the HST will be high but probably not as much a 
problem as indicated by thrust levels alone because of the 
of low-density exhaust gases. Aer c noise will be s 
and frequency content t o  boundary- . A recent 
development of flexible baffles for  damping fue l  
tion t o  hydrogen-fueled hypersonic cruise a i rcraf t .  
beyond the capabilities of existing f lu t t e r  technology have been uncovered. 
Additional information regarding the characteristics of atmospheric turbulence 
at high altitudes and long wavelengths i s  needed and careful attention will 
be required t o  handle properly the elast ic  mode contributions t o  a i rcraf t  
response t o  turbulence. 

i c i a l  effects 

No new 
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34. FLUTTER DESIGN OF STIFFENED-SKIN PANELS 

FOR KYPERSONIC AIRCRAFT 

By Herman L. Bohon, Melvin S. Anderson, 
and Walter L. Heard, Jr. 
Langley Research Center 

Experimental and analyt ical  studies have shown tha t  the f l u t t e r  behavior 
of panels proposed f o r  hypersonic vehicles i s  extremely sensit ive t o  support 
conditions and tha t  support f l e x i b i l i t y  can seriously reduce the f l u t t e r  ' 

margin. 
means of great ly  improving f l u t t e r  margins by the  addition of tors ional  
res t ra in t  a t  the  supports are indicated. 

Conservative design curves f o r  such panels have been presented, and 

. . .. . . .. 
INTRODUCTION 

Although a wealth of experimental data on the f l u t t e r  of f lat  panels has 
been accumulated over the past few years (see ref l), only a small portion of 
the data was obtained from complex stiffened-skin panels such as are proposed 
f o r  use on the  hypersonic vehicle. Further, only within the past 3 years have 
f l u t t e r  data even been generated at Mach numbers higher than Mach 5 (see 
re f .  2) ,  and nearly a l l  of these data have been obtained from isotropic panels. 
A notable exception i s  the orthotropic-panel f l u t t e r  experiment of Project 
ASSET, conducted t o  correlate f l i gh t  and wind-tunnel f l u t t e r  data. However, 
the experimental model w a s  a two-dimensional panel loaded in tension, and the 
resu l t s  a re  not d i rec t ly  applicable t o  the study of panel f l u t t e r  on the  h y p r -  
sonic vehicle. Nevertheless, the experimental knowledge accumulated, coupled. 
with numerous explanatory theoret ical  developments, permit one t o  make reason- 
able predictions of the problems associated with the design of ex te r io r  panels 
f o r  hypersonic speeds. 

SYMBOLS 

stiffness-geometry parameter f o r  airflow in  x- and y-direction, 
respect ively 

iiC& 

a 

b 

length (or width) o f  panel i n  x-direction 

length (o r  width) of panel i n  y-direction 
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panel bending stiffness 

panel bending s t i f fnes s  i n  x-direction 

panel bending s t i f fnes s  i n  y-direction 

panel twisting s t i f fnes s  

nondimensional def lect ional  spring constant 

nondinensional to rs iona l  spring constant 

l o c a l  Mach number 

free-stream Mach number 

dynamic pressure, psf 

coordinates 

c i rcu lar  frequency 

a angle of a t tack  

c r i t i c a l  f lut ter  parameter with airflow pa ra l l e l  t o  corrugatio.ns, A m  
zqb3 

Dg d F  
* 

c r i t i c a l  f l u t t e r  parameter with airflow normal t o  corrugations, 
hC3? 

Dl 

7 mass per uni t  area 

PREDICTION OF fiuTTER PROBLEMS 

Ekperimental f l u t t e r  data generated from flat  isotropic panels at high 
Mach numbers (see r e f .  2 )  have shown no noticeable deviations from trends pre- 
dicted by using small-deflection p la te  theory with quasi-static aerodynamics. 
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This agreement between experiment and theory is  i l l u s t r a t e d  i n  figure 1, where 

the parameter 
The so l id  l i n e  i s  the f lut ter  boundary, which separates the  "flutter" region 
(above the l i n e )  from the  "no f lut ter"  region (below the  l ine).  
based on quasi-static aerodynamics, is  essent ia l ly  constant with respect t o  
Mach number; hence, extrapolation into the hypersonic range i s  r e l a t ive ly  
simple. 
from isotropic  panels over the range of Mach numbers from 2 t o  6. The agree- 
ment (considered good f o r  p m e l  f l u t t e r )  of the  experimental data w i t h  theory 
over the  en t i r e  Mach number range i n  figure 1 indicates t h a t  the f l u t t e r  bound- 
ary may be extended in to  the  hypersonic range with reasonable success. 
fore, a panel on a vehicle t ravel ing over a speed range including hypersonic 
speeds will be most susceptible t o  f l u t t e r  at the maximum encountered value 

of PI{--, since f o r  a given configuration the  panel bending s t i f fnes s  D 
i s  constant. Thus, t r a j ec to r i e s  for  the  hypersonic vehicle need t o  be examined 
t o  determine where the maximum value occurs. Figure 2 shows t h e  variation or' the 

parameter q I,,/- w i t h  free-stream Mach number for a typ ica l  ascer-t t x -  

jectory f o r  a hypersonic-cruise vehicle. 
sure and the Mach number are  loca l  conditions. The lower curve represents the 
loca l  flow conditions over a flat surface at  zero angle of attack, whereas the 
upper curve corresponds t o  a typ ica l  angle of a t tack  of 3' during the early 
part  of the f l i g h t  and t o  a typ ica l  angle of a t tack  of 5' during the  f i n a l  
climb at  constant dynamic pressure. 

t ib le  t o  f l u t t e r  is a t  the maximum value of q//--, which occurs on this  

f l i gh t  path i n  the v i c in i ty  of Mach 3.  
jector ies ,  examined i n  reference 3 ,  have led t o  a similar conclusion - t h a t  the 
low supersonic range i s  most c r i t i c a l  from a f l u t t e r  standpoint. 
designed t o  be f ree  of f l u t t e r  i n  the supersonic range, for srhich a larqe 
amount of data is  available, will probably have even greater  f l u t t e r  margins ' i n  
the hy-personic range. 

is plot ted as a function of l oca l  Mach number. 

This boundary, 

The symbols are experimental f lut ter  points from reference 2, obtained 

There- 

In the 2arameter, the dynamic pres- 

The point where a panel i s  most suscep- 

Several other advanced vehicle t ra-  

Thus, panels 

No mention has been made of the transonic range where, as i s  well known 

from experimental data, reductions i n  the c r i t i c a l  value of q//-l 

occur. 
not be as great as the reduction i n  q / , / F -  which occurs i n  f l i gh t  i n  

the transonic range (see f i g .  2), and i n  any event the reduced dynamic pressure 
can be accounted f o r  i n  the design. Consequently, f l u t t e r  i n  the transonic 
range is not pursued fur ther  i n  t h i s  paper. 

(See refs. 4, 5,  and 6.) Such losses i n  f l u t t e r  margin probably would 

Most experimental data available on complex panels nave been obtain@ 2 i n  
the supersonic range, and problem areas having special significance with regard 
t o  panels proposed f o r  the  hypersonic vehicle have come t o  l igh t .  Since 
exis t ing f l u t t e r  analyses and experiments a re  pertinent t o  the hypersonic 
range, the effects  of these problem areas on panel design are determined. 



DESIGN PROBLENS 

Several panel configurations shown and discussed i n  preceding papers of 
t h i s  conference consist of complex isotropic panels with waffle-grid o r  honey- 
comb cores o r  of corrugation-stiffened panels with either chordwise o r  spanwise 
corrugation. 
i s  the method of attachment of the s t i f fening s t ructure  t o  the supports. The 
sens i t iv i ty  of panel f l u t t e r  t o  support conditions i s  illustrated in  figure 3 ,  
which shows two typica l  methods of attaching corrugation-stiffened panels at 
the  ends of the corrugations. 
gations alined normal t o  the airflow; thus, the weaker of the panel bending 
s t i f fnesses  I$ is  i n  the airflow direction. ( T e s t  details are reported i n  
ref. 7. ) 
clip;  the panel f l u t t e r ed  at a dynamic pressure q of 3400 psf. The same 
panel, when t e s t ed  with the c l i p  removed (i.e., with the corrugations unsup- 
ported), f lu t te red  at a dynamic pressure q of 540 psf. Thus, the f l u t t e r  
margin w a s  reduced by more than a factor of 6 simply by a reduction i n  the 
deflectional s t i f fness  of  the suppor%s a t  t h e  ends o f  the  corr.u;zatf=zs. 1s 
order t o  determine analyt ical ly  the f l u t t e r  mechanism involved i n  these and 
other similar tests, the problem has been formulated t o  account f o r  arbitrarj  
defiectional s t i f fness  at  the  supports e 

One of the primary design problems associated with such panels 

The panels were t e s t ed  at Mach 3 with the corru- 

I n  one test  the corrugations at  the  edges w e r e  attached t o  an angle 

Analysis of Panel 

An orthotropic panel and the coordinate system are shown i n  figure 4. The 
edges a t  x = 0 and x = a are simply supported. The edges a t  y = kb/2 a re  
supported by deflectional springs with a spring constant 
These edge conditions may account f o r  f l e x i b i l i t y  of the supports as w e l l  as 
fo r  l oca l  deformations of the  cross section at the support. The panel i s  
analyzed fo r  a i r f l o w  (a t  Mach number $ I 2 )  para l l e l  e i ther  t o  the s -d i rxSTon  
o r  the  y-direction; the lateral loading due t o  the air  forces i s  given by the 
two-dimensional s t a t i c  approximation. The analyt ical  development i s  presented 
i n  reference 8. Numerical resu l t s  obtained are  applicable t o  any combination 
of bending and twisting s t i f fnesses  and panel geometry, but the main par t  or' 
the discussion applies t o  orthotropic panels for which D1 i s  much l e s s  than 
D12,  which is, i n  turn,  l e s s  than 

KD per unit length. 

D2. 

Spring supports on leading and t r a i l i n g  edges.- When the airflow is gar- 
a l le l  t o  the  y-direction, the leading and t r a i l i n g  edges are  supported by 
deflectional springs. Results, obtained from a closed-form solution for  zero 
midplane stress, are  shown i n  figure 5 on a plot of 
parameter at f l u t t e r ,  as a function of -i$ 
should be noted tha t  the panel dimension b i s  i n  the airflow direction. 
F lu t te r  boundaries a re  shown fo r  f i n i t e  values of spring constant 
and 10. 
with a l l  edges simply supported. Since D12/D2 i s  small, f o r  values of b/a 

hcr, the dynamic-pressure 
fo r  yrarious values of K ~ .  It 

KD of 1, 5 ,  
The dashed curve fo r  KD = m i s  the f l u t t e r  boundarj f o r  the  panel 

572 "-5.m 



of the  order of unity, the  region applicable t o  corrugation-stiffened panels i s  
the left-hand section of the figure. 
of KD as low as 1 are not unreasonable and the  figure shows tha t  support 
flexibility can reduce the dynamic pressure 
A t  l o w  values of -% the curves become horizontal; hence, the  boundaries 
become independent of the panel width a and of the boundary conditions along 
the streamwise eages. 
i n  the w e a k  bending direct ion (i.e., the x-direction). 

From p rac t i ca l  considerations, values 

q by as much as a fac tor  of 10. 

I n  f ac t ,  t he  panel behaves as i f  it were in f in i t e ly  long 

Spring supports on streamwise edges.- When the airflow i s  pa ra l l e l  t o  the 
x-direction ( i  .e., normal t o  the direction of corrugations), the spring sup- 
por t s  a re  a t  the streamwise edges. A closed-form solution could not be found; 
instead, a Galerkin solution which used up t o  50 natura l  panel vibration modes 
t o  assure convergence was obtained. The analysis i s  presented i n  reference 8, 
and some n m e r i c a l  f lut ter  results are shown i n  figure 6. 

The parameters i n  figure 6 are s l igh t ly  modified as a result 02 the dlf- 
feerent direct ion c?f airflow. The cube root of A& I s  plot ted as r, ?z-,c:f.x 

of -& for various values of KD. However, f o r  t h i s  analysis the resulza dze 
also a function of the parameter C, which is a r a t i o  of panel s t i f fnesses .  A 
representative value of C = 7 was used f o r  these calculations.  The CUTES 
f o r  f i n i t e  values of KD are  bounded above by the l imit ing curve f o r  KD = 
( i . e . ,  f o r  simply supported edges), which is obtained from an exact solution, 
and below by the l imit ing curve f o r  KD = 0 (i.e.,  f o r  free edges), which i s  
also obtained from an exact solution. The cusps i n  the curves are  caused by 
changes i n  c r i t i c a l  modes which coalesce f o r  f l u t t e r .  The numerals i n  the  
regions separated by the dashed curves indicate the modes that coalesce t o  give 
the c r i t i c a l  f l u t t e r  boundary. 

For corrugation-stiffened panels the r a t i o  D12/Dr is very large,  and 
therefore the  region of primary in t e re s t  is the  far right-hand section or' fig- 
ure 6; the  r e su l t s  show that  the use of supports which are not i n f in i t e ly  
st iff  may cause large reductions i n  A&. 
aries become horizontal  and the dynamic pressure q becomes independent or" 
the  panel length a; thus, f l u t t e r  resu l t s  a re  independent of de t a i l s  of the 
boundary conditions at the  leading and t r a i l i n g  edges. 

I n  t h i s  region, the f l u t t e r  bmnc2- 

Effect of Orientation of Corrugations 

The ef fec t  of orientation of the corrugations with -respect t o  the air- 
stream is shown i n  figure 7 where a d i rec t  comparison i s  made between the modal 
resu l t s  and the results from the  exact solution. I n  order t o  make the compari- 
son, the r a t i o  a/b m u s t  be specified; a vale,- of L is  used. The dashed 
c w e s  are from the exact analysis made with the corrugations oriented p a r a l l e l  
t o  the airstream; the so l id  curves are from the modal analysis made with the 
generators oriented normal t o  the airstream. A s  noted previously, the modal 
resu l t s  are functions of the s t i f fnes s  parameter C; however, f o r  simplicity,  



curves are shown only for  C = 7. For orthotropic panels Dl2/D2 is  small, 
and the r e su l t s  show a pronounced adverse e f fec t  of w e a k  supports on the 
streamwise edges, as indicated by the curves f o r  
%2/D2 = 0.02 
the airstream provides an increase i n  of nearly two orders of magnitude. 

Whereas the  r e su l t s  shown in  figure 7 are  f o r  spring-supported panels with 
airflow e i ther  pa ra l l e l  t o  o r  normal t o  the corrugations, f l u t t e r  boundaries 
f o r  % = a  

and f o r  several  combinations of panel s t i f fnesses .  

C = 7. For example, with 
and KD = lo, orienting the corrugations i n  the  direction of 

Acr 

are presented i n  reference 9 f o r  a rb i t ra ry  angles of orientation 

As shown i n  figures 5 and 6, highly orthotropic panels generally f a l l  i n  
the regions where the f l u t t e r  boundaries become horizontal. These regions my 
provide good, and often conservative, estimates of the f l u t t e r  parmeter  for 
x tho t rop ic  Fanels and shoydd be - Jeq  useful as desi,gi a r % - e s .  ?e 21s: 23 :i~- 
imum values of c r i t i c a l  f l u t t e r  parameter f o r  a l l  values of KD i s  shown i n  fLg- 
ures 8 and 9 where hcr and hzr, respectively, are plotted as a function 

of KO over the range from KD = 0 (free edges) t o  KD = m (simply supported 
edges). A f a m i l y  of curves i s  shown i n  figure 9 f o r  several  values of the 
s t i f fness  parameter C.  These limiting curves show a rapid reduction i n  A& 
f o r  very small reductions i n  K.,, near % = m and suggest extreme d i f f i cu l ty  

i n  fabricating simply supported edges. The application of these curves by the  
design engineer requires only a knowledge of the  panel s t i f fnesses  and geometry 
and a re l iab le  estimate of the deflectional s t i f fness  at  the supports. Good 
estimates of deflectional s t i f fness  nmy be obtained experimentally from a 
thorough vibration survey of the  panel. 

To date, no experimental f l u t t e r  data have been obtained on orthotropic 
panels oriented with the maximum f lexural  s t i f fnes s  i n  the  airstream di rec t i sn  
t o  ver i fy  o r  dispute the trends shown i n  figure 8. On the other hand, a i l  
experimental f l u t t e r  data obtained t o  date on orthotropic panels have been with 
the  maximum f lexura l  s t i f fnes s  normal t o  the  airstream, as represented by the 
theore t ica l  model for  the curves i n  figure 9. A correlation of data from 
several  experimental investigations with the present theory has been made and 
the results are shown i n  figure 10. The s o l i d  curves are repeated from f ig-  
ure 9 f o r  C = 7 and C = 20. The experimental data represented by the sym- 
bols (taken from refs. 7, 10, and U) were obtained from corrugation-stiffened 
panels tes ted  at Mach numbers from 1.2 t o  3 . -  The panels have a wide var ie ty  
of' edge-support conditions ranging from very weak supports, with the corruga- 
t k n s  unsupported, t o  the attachmext of the corr-Gations t o  a. r igid zzb- 
structure.  Deflectional s t i f fnesses  at  the supports w e r e  not measured and were 
d i f f i cu l t  t o  define. 
attempt t o  account f o r  the f l e x i b i l i t y  of the corrugations at the suppo,-ts as 
well as the f l e x i b i l i t y  of the attachments. 

However, an estimate of the  s t i f fness  w a s  made i n  an 



The diamond symbols i n  figure 10 are f o r  values of C between 5.5 and 7 
and, with the exception of two tes t  points, a l l  l i e  in the  f l u t t e r  region above 
the curve f o r  C = 7. The square synibols represent panels with intermediate 
values of C between 9 and 15, and the  c i rcu lar  syrdbols represent panels with 
high values of C between 19 and 24. 

fact  is tha t  panels tested t o  data have f lu t t e r ed  at  dynamic pressures much 
less  than anticipated and far l e s s  than the ultimate value provided by the con- 
ditions fo r  a l l  edges simply supported. Also s i f i can t  i s  the f ac t  t ha t  
panel f l u t t e r  data such as those i n  figure 10 resulted i n  the empirical 
envelope in reference 12 and other modified envelopes which have become widely 
used as design curves. As a result, an enormous r e s t r i c t ion  i n  c r i t i c a l  f l u t -  
t e r  parameter, of as much as two orders of magnitude, is  placed on a l l  panel 
designs regardless of the  method of attachment at the supports. 

A l l  data shown are above the  curve f o r  
. C = 20. Although the  experimental data agpear t o  verify the theory, the  sa l ien t  

DESIGN RECOMt4EMlTIONS 

For the purpose of design ~f stlTfened panels f o r  f lu t te r - f ree  operacior,; 
on the hy-personic vehicle, l imiting f l u t t e r  boundaries have been presented f o r  
both chordwise and streamwise orientation of maximum-stiffness corrugations. 
From each of these conservative boundaries, however, it w a s  noted tha t  i n i t i a l  
relaxation at the supports, which provide f i n i t e  deflectional s t i f fness ,  
resulted in a rapid reduction i n  Acr. 
deflectional s t i f fness  i s  inherent in the fabrication of  complex s t i f fened 
structures and, consequently, some degradation of the f l u t t e r  boundary must be 
anticipated. 

It is  further believed tha t  some f i n i t e  

Recently, a method of support attachment tha t  may provide a sizeable 
increase i n  A,, 
apparent. 
along the boundaries normal t o  the maximum-stiffness corrugations. For 
example, a doubler s t rap  along the  ends of corrugations provides considerable 
tors ional  s t i f fness  at t h e  boundary. 
investigation of corrugation-stiffened panels at Mach 3 ( the resu l t s  of which 
are unpublished), t h i s  e f fec t  has been accounted f o r  by the inclusion of a 
tors ional  spring in the boundary conditions. 
f igure 11 where A& is  plot ted as a function of q / K D  f o r  KD = 10. For 
t h i s  calculation a/b = 1, 

converged. For % = 0 the value of A& represents the value f o r  a deflec- 
t i ona l  spf-fng constant KD only. As  the r a t i o  of $/KD increases, hcr i s  
seen t o  increase and the  curve f o r  KD = 10 
the dashed cuTJe. Srhich i s  the exact solutlon f o r  
simply supported) and f o r  -& = 100. Thus, even though KD = 10, the panel 
f l u t t e r s  as i f  i t s  edges were simply supported. 

i n  the  presence of f i n i t e  deflectional s t i f fness  has become 
This method invol.res the addition of a loca l  tors ional  s t i f fness  

In a modal analysis included in  a recent 

A sample calculation is shown i n  

C = 7, and -& = 100; the resu l t s  plotted are well 

* 
eventually becomes asymptotic t o  

KD = -.o (i . e . ,  ?cr 111 F J C ~ P ~ _  4-- 
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The existence of the effect of I$ on flutter has been ver i f ied t o  a 
degree by experimental data 
corrugation-stiffened panels 
of each of the  corrugations t o  carefully machined cant i  
t o  provide f o r  easy calculation of 

rugated doublers welded t o  the panel corrugations at the edges. 
provided an uriknown value of tors ional  spring constant 
ness was  only three times the thickness of the  corrugated material. 
i c a l  value of 
figure 12. 
one half-wave in the direction of the  corrugations and t o  the f irst  seven half-  
waves i n  the w e a k  bending direction. 
frequencies f o r  the calculated value of 
ness. The so l id  curve yields  theoret ical  frequencies f o r  the same value of 
%, but f o r  the r a t i o  

measured frequencies, as can %e seen from the figure.  

%. 
These doublers 

The doubler thick- 
The nmer- 

5. 
X$ was  obtained from measured natural frequencies shown in 

The c i rcu lar  symbols are the measured frequencies corresponding t o  

The dashed curve gives the theore t ica l  
KD of 0.64 and zero tors ional  s t i f f -  

= 1.25, and provides a r e a l i s t i c  predictfon of the 

The panel with tors ional ly  s t i f fened edges w a s  t es ted  at  Mach 3 ,  and the 
f l u t t e r  point obtained i s  compared in  figure 13 with the experimental data from 
figure 10. The experimental value of hEr f o r  the tors ional ly  s t i f fened panel 

is  shown by the  so l id  (diamond) symbol at 
t i on  of A r r  f o r  X;r/$ = 1.25, shown by the  so l id  bar, is within a factor  

of 2. 
X;r = 0)  the  panel would probably f l u t t e r  at a value of s l i gh t ly  above 
the theoret ical  curve f o r  C = 7 and at  KD = 0.64. Thus, the  inclusion of 
the simple doubler may have increased A* 
a fac tor  of 3 exis t s  between the  value of 

mum value attainable,  which is dictated. by the boundary f o r  a l l  edges simply 
supported. Thus, it i s  concluded tha t  a simple doubler s t rap  at the supports, 
o r  other methods of attachment which provide loca l  to rs iona l  r i g id i ty  f o r  the 
s t i f fening elements, may resu l t  i n  large increases in  f l u t t e r  margin and 
improved efficiency i n  panel design. 

KD = 0.64. The theore t ica l  predic- 

In the absence of a doubler s t rap  along the corrugated edges (i.e., f o r  
A& 

by as much as a fac tor  of 30.  Only 

at the t e s t  point and the maxi- 
c r  

A:r 

CONCLUDING RFSIAXKS 

B i s t i n g  f l u t t e r  analyses and experimental data obtained i n  the supersonic 
Mach number range can be applied t o  the hypersonic speed range with l i t t l e  
error .  Further, the most c r i t i c a l  portion of the hypersonic-vehicle f l i g h t  
t r a J e c t o r j  from a f h t t e r  standpoint m y  Se i n  the superssni:: q e e 3  rz~g:l. 
Experimental and ardy-tical  studies have shown tha t  the  f l u t t e r  behavior of 
panels proposed for  hypersonic vehicles is extremely sensit ive t o  support con- 
di t ions and tha t  support f lex ib i l9 ty  can seriously reduce the  f l u t t e r  mrg ln .  
Conservative design curves f o r  such panels have been presented, and means of 



great ly  improving f l u t t e r  margins by the  addition of to rs iona l  r e s t r a in t  at 
the supports are indicated. 
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EFFECT OF MACH NUMBER ON FLUTTER 
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EDGE-SUPPORT EFFECTS ON MNEL FLUTTER 
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EFFECX OF PANEL ORIENTATION 
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FLUTTER OF HIGHLY ORTHOTROPIC PANELS 
FLOW IN WEAK DIRECTION 

COMPARISON OF THEORY AND EXPERIMENT 

KO 

Figure 10 

COMPARISON OF THEORY AND EXPERIMENT 

KO 

Figure 10 

,vi 



EFFECT OF EDGE TORSIONAL STIFFNESS 
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COMPAR I SON OF THEORY AND EXPER I MENT 
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